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TECHNICAL MEMORANDUM X- 64632 


THE SMITHSONIAN EARTH PHYSICS SATELLITE (SEPS) 

DEFINITION STUDY 

VOLUME I - EXECUTIVE SUMMARY 


SECTION 1. PROGRAMMATIC SUMMARY 
1. 1 BACKGROUND 

MSFC involvement in the Earth Physics Satellite Program 
resulted from the OMSF interest, during the fall of 1970, in launching 
an unmanned Saturn IB in order to verify Launch Complex 39 prior to 
the initial Skylab-A manned flight. Several suggestions for possible 
payloads were considered; and the proposal from the Earth Resources 
Office of OSSA (Code SR) for a low-drag, high-mass Earth Physics 
Satellite was selected as being a candidate. 

As the idea of launching an unmanned Saturn IB to verify 
Launch Complex 39 was considered in more depth, it became apparent 
that this verification was not required and the plan was discarded; how- 
ever, the interest in identifying viable programs for unassigned Apollo 
hardware remained. MSFC indicated to OSSA -SR that the Smith- 
sonian Earth Physics Satellite was an attractive candidate for use of 
unassigned Apollo hardware should it become available subsequent to the 
flight of Skylab. OSSA -SR awarded a grant to the Smithsonian Astro- 
physical Observatory for the Satellite preliminary design. 

In a memorandum to Mr. Meyers (dated January 27, 1971), 
Dr. Naugle requested support from MSFC to define the launch vehicle 
and payload adapter. Mr. Myers responded by letter to Dr. Naugle's 
request on February 16, 1971, indicating that the project warranted 
further consideration and that a limited Phase B study, to be undertaken 
at MSFC, would be desirable. 

1.2 INTRODUCTION 

As a result of interest within OMSF in identifying beneficial 
missions utilizing surplus Apollo hardware and of OSSA's suggestion to 
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orbit an unmanned satellite, the Smithsonian Earth Physics Satellite 
seemed to be one possibility that warranted further consideration. Based 
on the mutual interest of OMSF and OSSA, a limited Phase B study was 
undertaken at MSFC to determine the merit and feasibility of a project 
which would utilize Apollo launch vehicle hardware. Simultaneously, the 
Smithsonian A strophysical Observatory was awarded a six-month grant 
by OSSA to undertake the engineering definition of the proposed Earth 
Physics Satellite. < 


The results of these investigations are documented in this 
report, which is comprised of the following Volumes: 

1 


Volume I 
Volume II 

Volume III 
Volume IV 


Executive Summary 

Preliminary Design and Trade 
Studies Summary 

Project Planning Data 

Cost Estimates 


1. 3 EARTH PHYSICS PROGRAM (EPP) BACKGROUND 

1.3.1 SCIENTIFIC 


One of the principal recommendations of the Williamstown study 
on solid-earth and ocean physics (Kaula, 1969) was that NASA develop 
techniques for ranging to satellites to an accuracy of ±2 cm. Range 
measurements at this level of accuracy will be necessary to accomplish 
many objectives of the Earth Physics Program (EPP), such as the deter- 
mination of plate tectonic motions (continental drift), rotation variations 
and wobble of the earth, earth body tides, etc. These objectives must 
be attained by measuring the temporal variations of the following: the 

geometry of a global matrix of fiducial points on the earth's surface; the 
fiducial points with respect to the earth's center of mass; and the matrix 
with respect to an inertial reference. These geometric variations are * 

known to have time scales ranging from a day (e. g. , body tides) to 
millenia (continental drift). 


What is needed is a means for making exceedingly accurate 
measurements on a global basis in such a way that, first, each position 
on the globe can be related to all others; second, complete sets of 
observations can be obtained in less than a day; and, third, continuity 
of observations is maintained over the longest possible time span. The 
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first two considerations clearly suggest the use of a satellite in a high- 
inclination orbit; the third suggests that the satellite be passive. It is 
concluded that a high-density satellite fitted with laser retroreflectors 
is an appropriate choice. 

The Smithsonian Astrophysical Observatory (SAO) proposes to 
design and fabricate a compact, spherical, and completely passive laser - 
r etr oreflector Satellite of very high density. The Satellite is to be placed 
in a 3 72 O-km-altitude, 55 -degree -inclination circular orbit. Such a 
Satellite will allow very accurate range measurements from the earth's 
surface to an object in an extremely stable orbit, thus permitting global 
measurements of groundstation positions to accuracies of 10 cm or better, 
which satisfies one of the basic needs of NASA's Earth Physics Program. 

This Satellite will make available, for the foreseeable future, 
an in-orbit capability for laser ranging of maximum accuracy. The high 
mass /area ratio and the precise, stable (attitude independent) geometry 
of the spacecraft in concert with the proposed orbit will make this Satellite 
the most precise position reference available. Because it will be visible 
to all parts of the world and will have an extended operating life in orbit, 
the SAO Satellite can serve as a fundamental global standard for decades. 

It would constitute an important first step in the NASA Earth Physics 
Program. 

1. 3. Z SCIENTIFIC OBJECTIVES 

This Satellite was conceived for a single purpose: to measure 
positions anywhere on earth to an accuracy of at least 10 cm. This is 
basic to NASA's Earth Physics Program since many of the program's 
objectives will not be met without this capability. Some of these objectives 
are to measure or establish the following: 

a. Rotation of the earth 

b. Polar motion 

c. Earth body tides and tidal loading 

d. Tectonic motions 

e. A 10-cm terrestrial coordinate system 


1.3.Z.1 ROTATION OF THE EARTH 


The rate of rotation of the earth is equivalent to UT-1* . The 
EPP objectives are to measure rotation to a relative accuracy of 0. 002 
arc second (130 p. sec, UT-1) for averaging times less than one day, to 
an absolute accuracy of 0. 01 arc second (650 p sec, UT-1) for averaging 
times of one day, and to an absolute accuracy of 0. 01 arc second relative 
to an inertial coordinate system over decades. The periods of some 
components of rotational variations are known, namely, tidal and seasonal. 
The remaining components have been classified as irregular with a spec- 
trum that encompasses the entire frequency range now observable with 
available instruments. 

1. 3. 2. 2 POLAR MOTION 

The accuracy requirements for the measurement of polar motion 
are the same as those for measuring the rotation rate. Two aspects of 
polar motion must be distinguished: motion of the spin axis with respect 

to inertial coordinates, and motion of the earth with respect to its spin 
axis. The periods of several components of polar motion have been 
identified or suggested, namely, diurnal, tidal, seasonal, 1.2-year, 
18.6-year, 24-year, and secular. 

1. 3. 2. 3 EARTH BODY TIDES AND TIDAL LOADING 

These effects are vertical motions of the earth's surface, with 
maximum amplitude of the order of 50 cm and with a spectrum of discrete 
and very accurately known frequencies. The pertinent observational 
data should provide an accuracy of at least ±10 cm (in the vertical) for 
averaging times of several hours or less. 

1.3. 2. 4 TECTONIC MOTIONS 

Tectonic motions are of very great scientific interest but are 
extremely difficult to measure. It is desirable to attain an accuracy of 
at least 10 cm (1 cm would be much better) both horizontally and vertically 
in determining the relative positions of the major tectonic plates. It would 
also be of considerable interest to determine the stability or rigidity within 
each plate . 


* Universal Time corrected for the earth's polar variations. 
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1.3. 2. 5 ESTABLISHMENT OF A 10- CM TERRESTRIAL 

COORDINATE SYSTEM 

In the words of the Williamstown study, "The terrestrial system 
will be defined by coordinates assigned to a number of stations and their 
time variations. This system should have as its origin the earth's center 
of mass and as Z -axis the principal axis of inertia, as determined from 
satellite dynamics considerations." Thus, the satellite must be designed 
to be used for observations in such a way that its orbit can be determined 
to an accuracy consistent with the accuracy needed to define the coordinate 
system. 

1.3.3 EARTH PHYSICS SATELLITE REQUIREMENTS 

A satellite that is optimum for EPP geometric measurements 
would be characterized in the following way: 

a. Completely passive to attain maximum operating life. 
Acquired by camera (photographing reflected sunlight against star back- 
ground). Equipped with retr oreflector s for ranging with ground-based 
lasers . 

b. Compact and rigid to minimize changes in spacecraft 

geometry. 

c. Spherical so geometry of retroreflector array versus 
spacecraft center of mass will not change with aspect. Spherical shape 
also necessary to minimize errors in corrections for solar -radiation 
pressure and drag. 

d. Maximum feasible mass-to-area ratio to reduce perturba- 
tions caused by nongravitational forces (mainly radiation pressure). This 
is needed to permit the computation of extremely accurate short (24-hour) 
arcs to relate geographically remote locations. 

e. Orbital altitude high enough to reduce to an acceptable level 
orbit errors resulting from uncertainties in geopotential models. 

f. Orbital altitude low enough to provide strong geometry, 
i.e. , altitude comparable to baselines of interest. 

g. Inclination large enough to provide global coverage. 
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APPROACH AND LIMITED PHASE B STUDY OBJECTIVES 


The basic approach adopted for the launch vehicle portion of the 
limited Phase B study was to utilize MSFC in-house manpower to define the 
Satellite shroud, Satellite supporting structure and the Satellite ejection 
mechanism, to accomplish the Satellite mission analysis, to estimate 
overall cost and to publish the limited Phase B study final report. The 
launch vehicle was defined by in-house manpower, supplemented by the 
Saturn Program contractors' "off-peak" manpower. This consisted of 
selecting existing available stages, identifying their respective required 
modifications, accomplishing the vehicle mission analysis and formu- 
lating a Phase C/D schedule compatible with on-going NASA programs. 


Meanwhile, tasks directly involving the Satellite definition were 
being accomplished by the Smithsonian Astrophysical Observatory (SAO) 
under contractual arrangements with OSSA -SR. These tasks were to 
accomplish the Satellite core and retror eflector design, to establish 
ground handling procedures and equipment design, to formulate test and 
checkout procedures, to provide Phase C/D schedules and to estimate 
Satellite costs. 

Figure 1-1 depicts the overall management relationships for 
this study and Figure 1-2 depicts the MSFC Study Working Group. 

The objectives of this limited Phase B study were to define the 
Satellite and its interfaces and to determine the merit and feasibility of 
using the Saturn IB launch vehicle to place the proposed Satellite into a 
3720-km circular orbit at a 55 -degree inclination. 

1.5 STUDY ASSUMPTIONS 

In order to take full advantage of existing assets, the following 
ground rules were established: 

a. Use the Skylab Program as the institutional base for the 
Smithsonian Earth Physics Satellite Project. 

b. Use "off-peak" Skylab contractor effort for launch vehicle 
modification. 

c. Use the Skylab launch facilities. 

d. Launch as soon as possible after the Skylab A. 



FIGURE 1-1. Management Relationships 
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FIGURE 1-2. MSFC working group. 


RELATIONSHIP TO OTHER NASA EFFORTS 
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It is anticipated that the Smithsonian Earth Physics Satellite 
Project can be carried out with little or no impact on any on-going NASA 
program. A significant relationship identified is the manner in which the 
Skylab Program can be used to advantage in keeping launch costs to a 
minimum. If the launch date can be scheduled within four months after 
the last Skylab A launch, regardless of whether there are follow-on 
Skylab programs, significant savings, if not the major part of launch 
costs, can be assimilated by utilizing "off-peak" Skylab manpower. 

Additional savings can be achieved by a timely initiation of the 
Instrument Unit (IU) reprogramming and modifications. This task would 
be relatively expensive if initiated late in the schedule; however, it would 
be considered IU contractual " scope -of-work" early in the schedule. 

1. 7 PHASE C/D SCHEDULE 

The Phase C/t) schedule, presented in Figure 1-3, is designed 
to provide maximum utilization of contractor "off-peak" manpower during 
this time frame. The beginning of each bar represents the latest time 
that the respective task can get underway and effectively key into the 
existing Skylab Program with maximum utilization and minimum impact. 

1.8 ESTIMATED COSTS 

It is estimated that the overall cost to accomplish this program 
is 8. 3 million dollars. This includes modifications to existing launch 
vehicle, manufacture and test of the Satellite, the Satellite support structure, 
and the Satellite ejection mechanism, as well as launch operations and 
program integration. 

The dollar estimates for this study are based on the following 
ground rules - . 

o 1971 dollars 

o Only costs to modify the Saturn IB vehicle to the SEPS 
configuration are included. 

o Support structure, ejection mechanism and handling equip- 
ment to be designed and produced in-house. 

o An existing LM adapter (SLA) and nose cone will be used for 
payload fairings; only modification costs are included. 
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FIGURE 1-3. SEPS development and production schedul 










o Satellite contractor will provide satellite test article 
required by MSFC. 

o Assume a planned launch in March 1974. 

o Assume the existence of post Skylab A program (e. g. , 
alternate IA) to carry required launch support levels. 

o Assume launch vehicle will be made up of the SA-212 S-IB 
stage; the SA-212 Instrument Unit; and the SA-513 S-IVB stage. 

1.9 CONCLUSIONS 

Based on the data generated during this limited Phase B study, 
the MSFC Working Group has concluded the following: 

o A composite* launch vehicle can be assembled which makes 
maximum use of unassigned hardware. 

o The satellite core design and retr or eflector array, as pro- 
posed by the SAO, offer high probabilities of providing the earth physics 
data required to fulfill the Earth Physics Program objectives. 

o The use of the launch vehicle and satellite, as defined in 
this study and keyed properly into the Skylab Program Schedule, forms 
a very viable project. 


» 


* 

* Stages and hardware from both the Saturn IB and Saturn V 
launch vehicles. 
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SECTION 2. TECHNICAL SUMMARY 


2. 1 LAUNCH VEHICLE CONFIGURATION DEFINITION 

2.1.1 CONFIGURATION SUMMARY 

This study considers only the Saturn IB configuration for the 
SEPS launch vehicle. This launch vehicle consists of an S-IB for the 
first stage, a Saturn V or Saturn IB/S-IVB as the second stage and a 
Saturn IB Instrument Unit. The payload (everything above the Instrument 
Unit) consists of a SLA /nose cone, which has an external configuration 
similar to SA -204, with the 3628-kg (8000-lb) SEPS enclosed within the 
SLA (Figure 2-1). 

The desired SEPS orbit requires an S-IVB capable of restarting 
to circularize the orbit at the proper altitude. A Saturn IB/S-IVB may be 
modified to obtain this restart capability or a Saturn V/S-IVB with this 
capability already existing may be modified to mate with the S-IB stage. 

The launch vehicle recommended based upon availability, 
performance character istics, and cost consists of the SA -212 S-IB stage, 
the SA-513 S-IVB stage, and the SA -212 Instrument Unit (Figure 2-1). 

2. 1. 2 STUDY GROUND RULES 

a. The SA-204 external configuration will be used for aero- 
dynamic studies. 

b. Existing flight environment data similar to SA-203 and 
SA -204 will be used for structural, vibration, and accoustical analyses. 

c. The IU will provide all sequencing of events. 

• d. The APS will provide attitude control for the mission 
duration. 

e. Launch will be from LC-39, Pad B, into a 55-degree- 

* inclination orbit. 

f. The payload will not impose any mechanical or electrical 
requirements on the launch vehicle. 
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g. Gross payload at lift-off will be approximately 6220 kg. 

h. Launch vehicle stages that have the least probability of 
manned flight assignment will be selected. 

i. Stage selection will be from both Saturn IB and Saturn V 
configurations . 

j. The S-IVB stage APS will orient the spin axis of the satellite 
normal to the ecliptic plane and impart the required spin to the satellite 
upon ejection. 

2. 1.3 S -IB STAGE SELECTION 

The present S-IB stage availability status indicates that there 
are nine S-IB stages in some state of readiness from which a selection 
can be made for the SAO Earth Physics Satellite mission. S-IB stages 
SA-206 through SA-212 are complete stages, and stages SA-213 and SA-214 
have no firm commitment; however, several options are being considered 
to utilize some of the available stages. 

All completed S-IB stages (SA-206 through SA-212) have avail- 
able an S-IVB stage, with the exception of SA-212. The S-IVB stage for 
SA-212 was modified to accommodate the Saturn Work Shop (SWS) and is 
presently scheduled as part of the SA-513 mission. The SA-212 currently 
has no S-IVB stage assigned to complete the stack, and therefore would 
not impact other planning if selected for the Earth Physics Satellite mission. 

The SA-212 S-IB stage was static fired on July 25, 1968, and 
placed in storage at MAE on June 30, 1969, and transferred into storage 
at MSFC on August 20, 1970. No mission-peculiar modifications are 
required for this stage, assuming that all electrical interfaces will be 
made compatible on the selected S-IVB stage. 

* 2. 1.4 S-IVB STAGE SELECTION 

The present S-IVB stage availability status indicates six com- 
plete Saturn IB/S-IVB stages and five complete Saturn V/S-IVB stages 

* available for consideration. The SA-212 S-IVB and the SA-515 S-IVB 
were reworked for Saturn Workshops. Of the six Saturn IB/S-IVB stages 
available, four have firm mission plans and the other two are being 
considered as visit missions in the second Skylab program. Of the 
Saturn v/S-IVB stages available, three have firm Apollo missions and 
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two have no present assignment. One of the two unassigned Saturn V/ 
S-IVB stages completes the stack for a complete Saturn V launch vehicle 
and is available for future mission applications. The other Saturn V/ 
S-IVB stage would be available for Earth Physics Satellite mission con- 
sideration. 


The S-IVB stage to be utilized for the Earth Physics Satellite 
mission must be capable of restarting to circularize the orbit at the 
proper altitude. The Saturn IB/S-IVB would require extensive modifi- 
cation to provide this capability, while the Saturn V/S-IVB has the 
capability already. The Saturn V/S-IVB stage, however, does require 
modification to interface with the S-IB stage. A Saturn V/S-IVB stage 
is recommended based upon availability without interference with 
present planning or breaking up a stacked vehicle in either program 
and lower modification cost due to the restart package already being 
available on the Saturn V/S-IVB stage. (See Table 2-1.) 

Present manned flight planning does not include the Saturn V/ 
S-IVB stages SA-513 and -5 14. The SA-513 S-IVB stage is presently 
matched with the SA-514 launch vehicle; however, a performance 
comparison of the two S-IVB stages revealed the SA-514 S-IVB stage 
to be the higher performer. Performance of the SA-513 S-IVB stage is 
adequate to meet the requirements for this mission; therefore, this stage 
was selected, leaving the high performing stage for a more sophisticated 
type mission. 

2. 1. 5 INSTRUMENT UNIT (IU) SELECTION 

The current Instrument Unit (IU) status indicates that seven 
Saturn IB IUs and five Saturn V IUs are available. All Saturn V IUs are 
assigned to a launch vehicle. Three of these vehicles are planned for 
Apollo; one is the Skylab backup launch vehicle; the remaining vehicle 
is unassigned. All Saturn V launch vehicles with an assigned mission 
require an IU and any future mission plans for the unassigned Saturn V 
will require an IU. All Saturn IB IUs are assigned to a complete launch 
vehicle with the exception of SA-212. No S-IVB stage presently exists 
in the Saturn IB SA-212 stack. Of the Saturn IB launch vehicles, four 
have firm missions and the two remaining complete vehicles are tenta- 
tively planned for manned missions associated with Skylab B or with 
other manned missions presently being considered. The IU for Saturn IB 
SA-212 is presently being assembled. This IU, when complete, will not 
be a part of any present mission since the Saturn IB SA-212 is not a com- 
plete launch vehicle. The SA-212 IU will meet all the requirements for 
this mission with very few modifications. 
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TABLE 2-1. SATURN V S-IVB STAGE MODIFICATIONS 
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Add Modification Incorporates ECPs authorized subsequent 

Packages to placing stage in long-term storage 


The modifications required are mostly in the area of telemetry 
and electrical networks. Filters for the FCC must be designed, and a 
new flight program must be written for this mission. The IU software is 
scheduled far enough in advance to allow development without significant 
additional cost. 

2. 1. 6 SATELLITE SHROUD SELECTION 

The selected baseline payload shroud configuration consists of 
an Apollo Spacecraft LM Adapter (SLA) and an existing nose cone of the 
SA-204 configuration. The major considerations for the selection of this 
configuration are as follows: 

a. The required shroud components are existing, flight 
qualified hardware and can be utilized without modification. 

b. The resulting vehicle external configuration is the same 
as SA-204 for which aerodynamic and flight data are available. 

c. The SLA provides a suitable structural interface, through 
the four LM support points, for the payload support structure. 

d. The selected shroud weights are compatible with the 
Saturn IB vehicle performance capability and the target satellite weight. 

Alternate payload shroud configurations which were considered 
and investigated prior to baseline selection are the following: 

a. Modified Skylab nose cone. 

b. SA-204 type nose cone with a newly designed conical 
section to interface with the Saturn IB IU and with support points for 
the payload support structure. 

c. SA-204 type nose cone and the lower frustum of the SLA 
with a newly designed conical section to interface with the SLA lower 
frustum. The SLA lower frustum contains the LM support points which 
would be utilized for the structural interface of the payload support 
structure . 


Consideration of use of a modified Skylab nose cone was 
eliminated due to the very heavy construction of the cone and the exten- 
sive redesign which would be required. The other two alternate shrouds 
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provide weight advantages over the selected baseline estimated at 
957 kg for shroud b. and 698 kg for shroud c.; however, these 
weight advantages do not appear to warrant the cost and development 
effort which would be required in view of the acceptable payload capability 
of the Saturn IB with the baseline shroud. 

2.2 SATELLITE SUPPORT STRUCTURE 

i 

The satellite support structure, as indicated in Figure 2-2, 
consists primarily of two deep I-section beams, a support frame, and 
four holddown arms. The deep I-beams attach to the four LM attach 
k points located in the SLA and are oriented to intersect at 90 degrees at 

the vehicle centerline. The beams are built-up aluminum 7075-T6 
construction, of T-section flanges, sheet web, and angle section lateral 
and vertical stiffeners. At their intersection, the beams are attached to 
a cylindrical tube which also adapts the payload support frame and 
encloses a compressed spring utilized for ejection of the satellite. The 
payload support frame provides the structural support points for the 
satellite, which are four pads having spherical surfaces, and provides 
the load path from the satellite to the deep I-beams. Four holddown arms 
are provided to hold the satellite in place against lateral and negative 
acceleration and are hinged near the ends of the members of the payload 
support frame. A screw jack is provided in the upper end of each hold- 
down arm to preload the structure and prevent the satellite from lifting 
from its support points under negative acceleration. The payload support 
frame adapts to the deep I-beams through a cylindrical tube which fits 
concentrically with the tube attaching the beams at their intersection. 

This tube is also preloaded to prevent the support frame from lifting 
from the deep I-beams under negative acceleration. 

2.3 SATELLITE EJECTION SYSTEM 

Ejection of the satellite is accomplished by releasing the 
^ tubular portion of the payload support frame from the main support beam 

structure using a single pin puller and linkage arrangement located at 
the lower end of the tube. A spring enclosed within the tubular members 
translates the support frame and the satellite from the main support 
beam structure. After a small vertical travel, the holddown arms slip 
off their support points and are free to rotate back, releasing and pro- 
viding clearance for the satellite. This action, with the support frame 
in its fully extended position, is illustrated in Figure 2-3. 
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FIGURE Z-Z. Satellite support structure. 




SUPPORT BEAM 



FIGURE 2-3. Satellite support and separation mechanism 





SATELLITE ASSEMBLY DESCRIPTION 


2. 4 


The satellite sphere will be composed of a cubical inner core 
and six spherical caps. The cube core will be 38. 1 cm on an edge 
and the caps added to the core faces will complete the 76. 2 -cm -diameter 
sphere. Each spherical cap will be positioned on its corresponding cube 
core face by a centrally located 3. 8 -cm -diameter shear pin and held in 
place by four 1. 59-cm-diameter bolts. The bolts are positioned on the 
cap such that their heads are within counterbores which are located 
directly under the r etror eflector cavities (Figure 2-4). 

The cube core will also contain three balance counterweights 
which allow final adjustment of the center of mass to be coincident with 
the geometric center. Each of the counterweights will be 7. 6 cm in 
diameter and 22.9 cm in length; they are positioned on three mutually 
perpendicular , but non-intersecting, axes with an axial adjustment travel 
of plus -or -minus 7. 6 cm (Figure 2-4). 

There will be 144 retroreflectors, and hence 144 cavities, in 
each of the spherical caps for a total of 864 retroreflectors. Figure 2-5 
depicts a cross section of a r etroreflector mounted in a cavity. Some 
parameters of the retroreflectors are listed in Table 2-2. 

Figure 2-6 is a summary chart of the Satellite configuration 
and launch vehicle configuration. 
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FIGURE 2-4. Assembly configuration of cube core. 




FIGURE 2-5. Cross section of r etr orefle ctor mounted in cavity 



TABLE 2-2. RETROREFLECTOR PARAMETERS 


Number : 


Size : 


Material: 


Configuration: 


Dihedral Angles: 


Surface Accuracy: 


Surface Coating: 


Entrance Face: 


Mounting : 


Pattern on Sphere: 




864 Total 


1.438-inch (3.65 cm) Diameter 


High-grade Fused Silica 


Cylindrical Cube Corner 


90° 00' 2.5" 


+ 0 . 0 " 

-0. 5" 


Flat Within X./20 


Aluminized Reflective Surfaces with 
No Overcoating 

No Anti-reflection Coating 

Similar to Lunar Retr or eflector s 


General Triangular Pattern in Each 
Quandrant of Each Gap 
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CORNER CUBE 
REFLECTOR 
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MISSION ANALYSIS 


The launch vehicle trajectory calls for insertion of the pay- 
load in a 3720-km circular orbit, inclined at 55 degrees. Launch is 
from Pad 39B at Kennedy Space Center, using a launch azimuth of 
37. 94 degrees to provide a planar boost flight to insertion in a 55-degree- 
inclination elliptical orbit at 150 km by 3720 km altitude. Following 
orbit insertion, a portion of the payload enclosure (SLA /nose cone) is 
jettisoned; and the S-IVB/lU payload coasts until the S-IVB stage restart, 
which is planned to occur as the vehicle approaches the first apogee. The 
S-IVB stage second burn then establishes a circular orbit at 3720 km 
with a period of 167. 96 minutes. (See Figure 2-7. ) The payload is 
separated from the S-IVB /iU at the first equatorial crossing (ascending 
node) following the apogee burn. Two APS retroburns are then performed 
to maneuver the S-IVB /lU into an orbit below the payload. (See Figure 2-8. ) 

Since the IU will be programmed to handle all mission functions, 
communcations networks will not be required; however, the Skylab 
communications network will be available for all critical events during 
launch vehicle flight if it is desired. The Skylab network coverage would 
be as follows: The launch phase of flight to insertion in the initial 150-km 

by 3720-km orbit would have continuous coverage by MILA, Bermuda, 
and an insertion ship. The Madrid station would provide coverage of the 
jettison of the payload enclosure. During subsequent orbital flight, the 
S-IVB restart for the apogee circularization burn would have coverage 
from the Australian stations. Near continuous coverage would then be 
provided for both the S-IVB /iU and the payload during flight in the 3720- 
km orbit. Separation of the payload at the ascending node following the 
S-IVB restart would be covered from Hawaii. The first of two auxiliary 
propulsion system (APS) retroburns utilized to maneuver the S-IVB /lU 
into an orbit below the payload would be covered by Ascension Island and 
Canary Island, while the second would be covered from Guam and 
Honeysuckle. 


S-IVB RESTART-' 
AT FIRST APOGEE 
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FIGURE 2-7. Flight profile. 
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ABSTRACT 


Presented in this volume are the considerations applicable to the 
design and launch of a passive satellite for laser ranging measurements in 
an earth physics program. Criteria, applications, requirements, and con- 
figurations are explained in detail for the satellite, the support and ejection 
mechanism, the launch vehicle stages, and the flight mission. 

The report shows that the selected design configurations are feasible 
for accomplishing the program mission objectives. 
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SECTION 1. INTRODUCTION 


This is the second of four volumes designed to present a total summation 
of the Smithsonian Earth Physics Satellite (SEPS) study. This volume (Volume It) 
presents the technical results of the study, defining the basis for the recommen- 
dations and conclusions. Briefly, Volume II covers the technical evaluation and 
design concepts for the satellite, satellite support structure, Saturn IB launch 
l vehicle configuration modification, mission analysis and conclusions and recom- 

mendations. 

1. 1 PURPOSE AND APPLICATION 

t 

The Earth Physics Satellite program is a laser ranging system using a 
fixed object in space for sighting to provide global measurements at heretofore 
unattainable accuracy. This concept developed as a result of a recommendation 
of the Williamstown Study on Solid-Earth and Ocean Physics, which expressed 
the need for ranging the satellite to an accuracy of +2 cm for the detection of 
variation in the geometry of the earth such as those resulting from body tides, 
continental drift, etc. A satellite such as SEPS would allow very accurate range 
measurements from the earth's surface to an object in an extremely stable orbit, 
permitting global measurements of ground stations positions to an accuracy of 
10 cm or better and could possibly be uprated to obtain the accuracy desired 
through improved laser ranging techniques. This concept will provide a gain in 
accuracy of two orders of magnitude over existing satellite configurations. 

The basic objectives of the Earth Physics Program (EPP), utilizing the 
SEPS satellite, are to make observations which will provide measurements of the 
following: 

1. Rotation of the earth. 

2. Polar motion. 

3. Earth body tides and tidal loading. 

4. Tectonic motions. 

5. Establishment of a 10-cm terrestial coordinate system. 
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It is postulated that this system will provide a basis for earthquake investigation 
by measuring earth movements before, during, and after earthquakes. Other 
uses will be to measure the continental mass deformation due to tides and due 
to the recession and advancement of glaciers, and to measure more accurately 
the earth's rotation. 

1. 2 CRITERIA 

1.2.1 S E PS C ONFIGURATION 

In considering satellites for EPP, interest has generally centered on 
multipurpose spacecraft in synchronous (usually geostationary) or near- synchro- 
nous orbits. Although this may be a preferred choice for some EPP missions, 
such as satellite/satellite tracking, it is not suitable for the high-precision 
geometric objectives noted above. There are three fundamental reasons for this 
conclusion: restricted geographic coverage, unfavorable satellite/ground- 
station geometry, and unfavorable satellite configuration. 

If the spacecrafts are geostationary, full global coverage is not afforded 
even by a three satellite constellation. If a limit of 10° on the lower elevation 
angle is adopted (to avoid excessive errors resulting from atmospheric propa- 
gation), regions above 70° latitude are excluded even at the longitude of each 
satellite. More serious is amplification of the geometric error in and near the 
orbital plane; it prevents accurate determinations of latitude in a band around 
the earth’s equator and longitude in regions around the subsatellite points. This 
effect applies not only to ranging systems but also to Very Long Baseline Inter- 
ferometry systems, which are essentially range difference devices. These 
gaps in coverage can be avoided by the use of inclined orbits, but then some of 
the advantages of synchronous orbits are lost — such as the possibility of using 
fixed directional antennas or telescopes for observing the satellites. 

The use of multipurpose spacecraft for EPP geometrical observations 
unavoidably complicates the measurements. As an example, consider the case 
of the Applications Technology Satellites -F and -G, whose linear dimensions 
are more than 3 orders of magnitude greater than the desired accuracy. Relat- 
ing the satellite center of mass to the observed range for each of a number of 
lasers viewing these satellites from various aspects and at different times may 
be solvable in principle; but surely it introduces formidable practical problems*, 
a matter further complicated by the changing spacecraft attitude. The reason- 
able assumption that the entire error budget ought not to be devoted solely to 
uncertainties in spacecraft geometry produces the requirement that the perti- 
nent spacecraft geometric parameters be known to an accuracy of a few 
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millimeters on a structure some 10^ mm in size. This is an improbable expec- 
tation for a structure that has been exposed to the launch environment, unfolded 
in orbit, and then subjected to temperature variations that, at this level of pre- 
cision, inevitably produce distortions of the satellite geometry. 

The suggested satellite is a completely passive, solid sphere fitted 
with retroreflector cube corners. It is a 3628-kg (8000-pound) sphere of 
i 76. 2 cm (30. 0-inch) diameter and very high mass-to-area ratio (7980 kg/m 2 ). 

In the suggested orbit of 55° inclination, 3720-km (2010-nm) altitude, and low 
eccentricity (e^O.Ol), the orbital lifetime is extremely long. The useful life 
in orbit will be limited only be degradation of the cube corners, so many decades 
e of operation can be expected. 

1. 2.2 SEPS REQUIREMENTS 

A satellite that is optimum for EPP geometric measurements has the 
following characteristics : 

1. Completely passive to attain maximum operating life. Acquired 
by camera (photographing reflected sunlight against star back- 
ground). Equipped with retroreflectors for ranging with ground- 
based lasers. 

2. Compact and rigid for maximum stability of spacecraft geometry. 

3. Spherical so geometry of retroreflector array vs. spacecraft 
center of mass will not change with aspect. Spherical shape 
also is necessary to minimize errors in corrections for solar- 
radiation pressure and drag. 

4. Maximum feasible mass-to-area ratio to reduce perturbations 
caused by nongravitational forces (mainly radiation pressure). 
This is needed to permit the computation of extremely accurate 
short (24 hour) arcs to relate geographically remote locations. 

5. Orbital altitude high enough to reduce to an acceptable level 
orbit errors resulting from uncertainties in geopotential 

r models. 

6. Orbital altitude low enough to provide best attainable geometry, 
i. e. , altitude comparable to baselines of interest. 

7. Inclination large enough to provide global coverage. 
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1.2.3 


SYSTEM ACCURACY REQUIREMENTS 


Consideration of the scientific objectives clearly substantiates the 
recommendation of the Williamstown study and the Space Science Board that 
an earth-physics program will need ranging accuracies of +2 cm. This re- 
quirement is due to the fact that secular motions as slow as 1 cm per year 
exist. The fact that each ground station in the program will be subject to all 
of the complex motions discussed above — tidal, earth rotation, polar wander, 
tectonic, etc. — and that the motion resulting from each phenomenon must 
somehow be sorted out before the observations can be fully exploited emphasizes 
the need for this level of accuracy. 

One of the more important factors in designing the SEPS is the total 
range error that the satellite is allowed to contribute to the 2-cm total of the 
laser observations. To establish a design goal for this satellite error, the 
magnitudes of the errors contributed by other sources must be estimated; that 
is, an error budget must be formulated that anticipates the future state of the 
art in laser ranging. Although predictions of this kind are always somewhat 
uncertain, the following are reasonable expectations for a period some 5 to 
10 years from now: 

Tr opo spheri c -propagation ve locity 

Uncertainties 15 mm 

Laser 

Pulse detection 
Range counter 
Cables, mechanical, 
calibration-target 
survey, calibration 
propagation velocity, etc. 

Satellite 5 mm 

Root Sum Square 20 mm 

The most pertinent question about this error budget that can be examined at 

this time is the feasibility of attaining the 5-mm level with the satellite. The 
conclusion is that this accuracy can surely be attained through careful design 
and fabrication. 


10 mm 
5 mm 
5 mm 
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1. 2.4 GROUND RECEIVING STATION PLACEMENT 

A complication in the interpretation of tectonic observations is the 
difficulty in finding a "fixed" point whereon to stand. Observing with respect 
to a satellite should be very helpful — if the orbit is sufficiently stable that it 
can be determined to the needed accuracy. 

The frequencies of tectonic motions can be broadly conceived to be 
comprised of the entire range from earthquakes to continental drift, i.e. , 
seconds to millenia. However, the averaging times in the satellite data need 
not encompass the high frequency end, as high-frequency (seismic) phenomena 
are more amenable to observation by ground instruments. Note that this does 
not exclude from the province of the proposed satellite the measurement of 
position before and after earthquakes, since each determination, before and 
after, can be comprised of an average of data taken over a period of time far 
longer than the duration of the earthquake. Measurements of the latter type 
will be quite valuable for measuring displacements at distances of a few 
hundred kilometers or more from an earthquake and for measuring displace- 
ments in island arc regions where surface geodetic techniques cannot be used. 

Tectonics places one additional requirement on the SEPS system. 

The ground stations must be placed in rather particular geographic locations. 

As an example, a three-station net within the Canadian shield, probably the 
most stable area in the world, is desirable to serve as an "anchor. " As this 
triad is too closely spaced for good orbit -determination geometry, three more 
stations should be added within a larger, but reasonabley stable, region of North 
America. Stations must also be placed in tectonically active regions (a necessity 
to observe tectonic motion) such as the eastern Mediterranean, Ethiopia, and 
Japan. Baselines should be established within these regions and related to the 
stable networks. The latter places a difficult accuracy requirement on orbit 
determination. 

Specifying a ground-station network is an involved and complex sub- 
ject and will not be pursued further except to note that the station separations 
and geographic deployment dictated by tectonic considerations are important 
determinants in the selection of satellite altitude and inclination. 

1.2.5 PAYLOAD SYSTEMS DESIGN 

The SEPS must be adapted to the Saturn IB launch vehicle. Due to the 
relative sizes between the payload and the launch vehicle an adapter must be 
designed that will secure the satellite above the IU. The adapter must restrain 
the satellite during powered flight and must eject the satellite when the proper 
orbit is reached. The satellite must also be protected from any pre-launch or 
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launch environments which may degrade the quality of the laser reflectors. A 
nosecone must be selected that will enclose the satellite and eliminate any aero- 
dynamic forces on the satellite during atmospheric flight. 

1. 2. 6 LAUNCH VEHICLE SELECTION 

To boost the candidate SEPS satellite into the desired orbit requires 
a launch vehicle of the Saturn IB class. However, the Saturn IB, as designed, 
is not capable of performing the second burn necessary to circularize the orbit 
at 3720 km (2010 nm). The S-IVB stage of the Saturn V has a restart capability 
and could be substituted for the non-restartable Saturn IB S-IVB stage. 

A prime purpose of the Phase B study is to determine the capability 
of a modified Saturn IB in placing the SEPS satellite into the desired orbit. 
Secondary considerations include the selection of the hardware that will per- 
form the mission with minimum cost and impact on existing space programs 
(Skylab, Lunar Exploration, etc. ). Therefore the hardware selection will 
revolve around whether a Saturn IB S-IVB may be modified for a restart 
capability or a Saturn V S-IVB may be modified to interface with the S-IB 
stage. Within each of the above options a choice may then be made as to 
which of the available hardware will have minimum impact on existing space 
programs. 


SECTION 2 SATELLITE 


2. 1 INTRODUCTION 

The broad requirements of the limited phase-B study of the 
(Smithsonian) Earth Physics Satellite (EPS) program imply an engineer- 
ing effort having its own specific goals. These goals are to 

1. Evolve a detailed design and associated specifications for 
a functional EPS matched to the scientific and other requirements of 
the overall program; 

2. Establish a manufacturing plan for producing an actual 
flight satellite to this design and these specifications; 

3. Identify, define, and recommend action on any unresolved 

r, problems beyond the scope of the present study. 

These goals have been achieved. • The individual tasks that 
have resulted in the attainment of these goals are discussed below. 

2.2 SATELLITE REQUIREMENTS 

The satellite design has been derived primarily from scien- 
tific considerations and laser- ranging requirements. In addition, 
practical aspects such as feasibility of manufacture and costs have 
influenced the design. While the satellite has been designed to meet 
the scientific and lase r- ranging requirements in a nearly optimum 
manner, it must be understood that certain trade-off considerations 
involving characteristics of the launch vehicle and orbital limitations 
have necessarily been incorporated. 

2. 2. 1 SCIENTIFIC REQUIREMENTS 

The requirements imposed on the EPS as a result of scientific 
considerations have been presented in Section 1. Those that apply 
directly to the satellite design are the following: 

1. The satellite must be passive; 

2. The satellite must be compact and rigid; 

3. The satellite must be spherical; 

4. The satellite must have as large a mass-to-area ratio as 
is feasible; 

* 5. The satellite centers of mass and geometry must coincide; 

6. The satellite must have no detrimental magnetic charac- 
teristics. 


Others, such as orbit altitude, high inclination, and low 
eccentricity, apply directly to the orbital requirements of the satellite 
and hence influence the design of the launch vehicle. This aspect is 
discussed in detail elsewhere; however, the combined effect of these 
and other considerations has been to establish an initial maximum 
satellite weight of 3628 kilograms (8000 pounds). 
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In summary, the scientific objectives of the EPS program 
dictate that the satellite must be a rigid, symmetrical, spherical, non- 
magnetic, passive satellite having as small a diameter as is feasible 
within other considerations and weighing no more than 3628 kg (8000 lb). 


2.2.2 RANGING REQUIREMENTS 


Since laser ranging has been established as the means for 
realizing the scientific objectives of the EPS program, requirements 
for optimum laser ranging must be incorporated into the satellite design. 


In addition, since general orbital parameters must be estab- 
lished before laser ranging, the satellite must incorporate provisions 
for photographic tracking by reflected sunlight. 

2.2.2. 1 GENERAL RANGING CONSIDERATIONS 


The range equation (1) is used to calculate S, the 
number of photons that reach the receiving telescope from the retro- 
reflector array on the satellite, when the quantities defined are specified. 
This equation tales care of the geometric attenuation through the R~^ 
term and the atmospheric attenuation through the T^ term. For a ruby- 
laser system, hv, the energy of a single photon, is 2. 9 X 1 0"^ J. 


S = 


hv G T A S G S A R r 4 


( 1 ) 


where 

E = energy of each transmitted pulse, 

hv = energy per photon, 

T = atmospheric transmis s ion factor, 

R = laser-to- satellite range, 

Ag = effective aperture of satellite retroreflector array, 
and 

A^ = effective aperature of ground receiver, and 

Gp and Gg are the "gain" functions for transmitter and * 

satellite retroreflector, respectively. 

The values of S in Table 2-1 are obtained from the range 
equation. Here E is used to refer to the satellite's elevation angle, and , 

the respective values of R and T correspond to the angle values listed in 
the first column. A typical laser energy is assumed to be 5 J and the full 
width of the laser beam, 3 arcmin. The latter value is smaller than that 
used with some satellites now in orbit, because the EPS will be in a highly 
stable orbit from which the azimuth and elevation settings can be pre- 
dicted with significantly increased accuracy. The number of photon 
counts, N, is given numerically in the last column. A factor of 58 photons/ 
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electron was used in obtaining N from S. This value includes the effects 
of the quantum efficiency of a typical photomultiplier tube and the losses 
in the optical system of a typical receiving telescope. However, newer 
cathode materials are now being used by the manufacturers of photo- 
multipliers to increase the response several fold at the laser wavelength. 
The use of a tube with such a cathode would lead to N values as much as 
5 times those listed in Table 2-1. 

i TABLE 2-1 SIGNAL-STRENGTH VALUES 


E 

R (Mm) 

T 

S 

N 

1 0° 

6. 803 

0. 186 

270 

4. 7 

15° 

6. 354 

0. 318 

1 04 0 

18 

20° 

5. 948 

0. 418 

2300 

40 

25° 

5. 588 

0. 493 

4200 

70 

30° 

5. 268 

0. 550 

6600 

1 1 0 

45° 

4. 528 

0. 655 

17000 

300 

60° 

4. 062 

0. 707 

31000 

530 

75° 

3. 8 02 

0. 733 

43000 

740 

0 

O 

O 

3. 723 

0. 741 

48000 

830 


This range equation contains the variables that have significant 
and reaaily represented effects on the strength of the return. There are, 
however, other variables not easily identified and accounted for. Their 
effects are shown by the experimental data plotted in Figure 2-1. Here, 
the differences between the signal calculated from the range equation 
and typical measured signals are plotted on a logarithmic scale. It is 
probably not significant that the average of this difference is greater 
than zero, because not all the range -equation parameters can be pre- 
cisely determined. The important point is the "scintillation" or varia- 
tion from one pulse to the next. Hence, it should be realized that there 
will be statistical effects whose origin is probably the mutual interference 
of the coherent beams reflected from the individual cube corners that 
make up the retroreflector array on the satellite. 

The finite number of photon counts associated with a given 
return leads to the "quantization" effect, shown schematically in Figure 
2-2. The photomultiplier's generation of discrete electrons distorts the 
received pulse in a random manner. Hence, the intersection of the 
pulse's leading edge with V^, the threshold level of the range counter, 
will vary even when the received energy remains constant. This effect 
will be noted as a variation in T , the two-way propagation time over a 
fixed distance. There are two ways to eliminate the quantization effect. 
The first involves a receiver modification that records, either elec- 
trically or photoelectrically, the structure of the received pulse. Then 
T_, the time between the threshold intersection corresponding to the 
stopping of the range counter and the centroid, or other invariant point 
on the pulse can be obtained and applied as a correction. The second 
method requires an increase in system sensitivity with a consequent 
improvement in the pulse shape. Figures 2-3 and 2-4 are computed 
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examples that show how the pulse's leading edge smooths out under a 
tenfold increase in the number of photon counts. When the pulse is 
smooth, the structure of the received pulse need not be determined for 
increased accuracy, since T c can be derived from a measurement of 
the energy in the received pulse and the known configuration of the trans- 
mitted pulse. 



FIGURE 2-1 THE "SCINTILLATION" EFFECT. 



FIGURE 2-2 THE "QUANTIZATION" EFFECT. 

Figure 2-5 shows what the ultimate accuracy of a typical laser 
might be if the receiving technique were modified to record the structure 
of the returned pulse. This accuracy is dependent, of course, on the 
laser's pulse duration, which is about 15 nsec in this example. Lasers 
with considerably shorter pulse durations are now available commercially 
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and can be used when greater accuracy is required. The experimental 
data leading to the results shown in Figure 2-5 were obtained by ranging 
on a reflector at a fixed distance, scaling T£ values from oscilloscope 
photographs, and correcting the range- counter readings accordingly. 
Although the reflector was less than 1 km from the laser system, the 
return was attenuated to correspond to a satellite return of 30 photon 
counts. A-s might be expected, the error, which is about 30 cm at high 
threshold settings, increases to about 5 0 cm at lower thresholds, where 
the slope of the pulse's leading edge is less steep. 



THRESHOLD SETTING (volts) 


FIGURE 2-5 EXPERIMENTALLY DETERMINED RANGE ERROR. 


The formula (3) is currently being used for the atmospheric correc- 
tion. Subsequent investigations have improved the theoretical base from which 
such formulas are derived, and these new formulas appear to give even better 
agreement with experiment. However, the error relation: 


<j 

r 


0. 018 

_ 3 

sin a + 10 cot a 


[m] 


( 2 ) 


shows that the formula. now being used is more than accurate enough for 
present work. This fact is substantiated by the numbers given in Table 
2 - 2 .. 


« 


For maximum effectiveness, a laser system should be capable 
of both nighttime and daytime operation. Daytime operation is, of 
course, the more stringent condition because the sky- background radia- 
tion is 107 higher than it is at night. If the noise pulses generated by 
this radiation are either too large or too frequent, the receiver cannot 
discriminate them from satellite returns. However, the effect of day- 
light noise can be reduced by decreasing the receiver's field of view, by 
using a narrow passband filter centered at the laser wavelength, and by 
incorporating a photomultiplier tube with a good single - electron distri- 
bution. 
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With the brightness of the sunlit sky being of fourth magnitude per 
square arc sec or 7. x 10^ photons sec - ^ m - ^ sr" within a 0. 6 -nm bandwidth, 
the average n um ber of electrons generated will be 0 . 4 electrons in 15 nanoseconds 
for a 0. 5 meter diameter telescope with a 1. 5 arc minute field and a conversion 
ratio of 58 photons per electron. 


Table 2-3 shows that the probability is only 0. 0001 that, 
under these conditions, a noise pulse would stop a counter whose threshold 
level was set at a voltage equivalent to 5 electrons. 


y. 


r 

m 


2.238 + 0. 0414PT" 1 - 0. 238h 


_ 3 

s in a + 10 cot a 


for 0 q > 5° 

X. = 694. 3 nm 


(3) 


where* 


P = the atmospheric pressure (mbar), 

T = the temperature (°K), 

h = the laser's elevation above mean sea level (km), 
a s = the elevation angle of the satellite, 

0 q — the apparent elevation angle (i. e. , the elevation angle 

uncorrected for atmospheric bending), and 

r and r are range values (m). 
m v 


TABLE 2-2 

TYPICAL ATMOSPHERIC CORRECTION 


a 

RANGE 

CORRECTION 

ERROR IN RANGE 
CORRECTION 

90° 

1. 8 m 

2 cm 

20° 

5.2 m 

5 cm 
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TABLE 2-3 ELECTRONS GENERATED WITHIN 15 NSEC 


Number of Electrons 

Probability of Generation 

0 

0. 7 

1 

0. 3 

2 

0. 05 

3 

0. 007 

4 

0. 0007 

5 

0. 0001 


2. 2. 2. 2 SPECIFIC RANGING REQUIREMENTS 

Requirements as evolved elsewhere in this report are here i 

restated: 

1. The satellite must incorporate a large number of iden- 
tical optical retroreflector s uniformly distributed over the entire 
spherical surface of the satellite at equal radii from its center of mass; 

2. The retroreflector s must be tailored to maximize the 
reflected energy of an incident beam of light in a conical region that is 
symmetrical about that incident beam and that has a conical half-angle 
matched to the range of the velocity aberration associated with the 
satellite in its orbit; 

3. The portion of the spherical surface devoted to retro- 
reflectors must be maximized within the constraint that the remaining 
surface area is sufficient to allow photographic tracking; 

4. The characteristics of the satellite surface not occupied 
by retroreflectors or their mounting devices must ensure photographic 
tracking. 

2.2.3 OTHER REQUIREMENTS 

The EPS design must take into account other requirements. 

Chief among these is that the satellite must be readily manufactured; 
i. e. , that its component parts do not require new or exotic machining, 
casting, plating or other fabrication processes, that it is easily assem- 
bled, and that it can be practically and safely handled with conventional 
lifting, moving, and manipulating techniques. 

In addition, the satellite and its manufacture must be com- * 

patible with established reliability and quality assurance requirements 
as presented and discussed elsewhere. Also, the cost of the satellite 
must be a consideration wherever technical requirements can allow 
alternative choices or trade-offs. ♦ 
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SATELLITE DESIGN 


2. 3 


The EPS consists of two principal parts - the retroreflector 
array and the core - and each is discussed in detail below. In addition, 
several other aspects of the satellite such as accuracy, weight and 
balance, interface with the launch vehicle, thermal analysis, etc., 
require specific treatment. 

2.3.1 GENERAL RETROREFLECTOR ARRAY CONSIDERATIONS 

In the present design, the EPS is a sphere, of 76.2 cm (30 in.) in 
diameter, carrying 864 retroreflectors distributed as evenly as possible 
over the surface. When a laser beam strikes the satellite, the return 
pulse will be composed of returns from many individual retroreflectors. 

A transfer function must be constructed for .predicting the characteristics 
of this return signal. This transfer function will depend on the design of 
the retroreflectors. The characteristics of various types of retroreflec- 
tors have been studied to determine the design most suitable for obtaining 
the desired return, whichmust be strong enough to be measurable and 
consistent enough so that the variations in the measured range are 
within the required tolerances. 

Many different designs of retroreflectors are possible, each 
with its advantages and disadvantages. Of course, each design consists 
of a set of three mutually perpendicular reflecting surfaces. When a 
light ray hits the system, each surface reverses one of the components 
of the velocity vector of the light ray so that it will, after three reflec- 
tions, be returned in the same direction as the incoming beam. The 
incident and the reflected rays are symmetrical with respect to the 
vertex of the retroreflector (Figure 2-6). The vertex is halfway between 
the lines of the incident and the reflected rays. This symmetry allows 
fairly easy computation of the effective reflecting area for a given 
design. 


The simplest type of retroreflector can be formed by cutting a 
corner off a cube (Figure 2-7). The aperture is an equilateral triangle. 
If a beam is incident normally on the face of this reflector, the sym- 
metry of the incident and the reflected rays requires that the reflected 
rays also be contained in a triangle, which can be constructed by moving 
each point on the input aperture to the opposite side of the vertex 
(Figure 2-8). The new triangle, which is rotated 180° with respect to 
the old triangle, may be called the output aperture. Since the input and 
the output apertures do not coincide, the effective reflecting area is the 
intersection or overlap of the two triangles, which is a regular hexagon. 
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FIGURE 2-6 RAY SYMMETRY FIGURE 2-7 CUBE CORNER 

The corners of a triangular face do not contribute at normal 
incidence. A hexagonal retroreflector can be formed by slicing off the 
corners by cuts perpendicular to the face (Figure 2-9). The input and 
the output apertures coincide for this geometry at normal incidence. 

Instead of thinking of the output aperture as being in the same 
plane as the input aperture, one can think of the output aperture as being 
an equal distance in back of the vertex. In fact, when one looks into a 
retroreflector, one sees an image of the input face in back of the vertex, 
almost as if there were a mirror at the vertex. This leads to a useful 
method of visualizing the effective reflecting area of a retroreflector. 

If one constructs a tube with the input aperture on the front end and the 
output aperture on the back and with a length twice the distance from the 
vertex to the face, then the space that one sees by looking through the 
tube from various angles is the same as the reflecting area of the corre- 
sponding retroreflector (Figure 2-10). 

The reflecting area of the hexagonal retroreflector is the inter- 
section of two hexagons. The strength of the return signal depends both 
on the angle between the incident beam and the normal to the face and on 
the orientation angle of the retroreflector about the normal to the face. 
The cutoff occurs quickest when the input and the output apertures move 
away from each other perpendicularly to a side of the hexagon (Figure 
2-11). The greatest cutoff angle is obtained when the hexagons move 
away along a corner (Figure 2-12). 

One can make the retroreflecting area independent of the 
orientation of the reflector about the normal to the face by cutting the 
face in the form of a circle (Figure 2-13). The input-output apertures 
are then circles at normal incidence, and the reflecting area at other 
incidence angles is the intersection of two ellipses (Figure 2-14). 
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FIGURE 2-10 EFFECTIVE REFLECTING AREA VISUALIZATION 



FIGURE 2-11 FIGURE 2-12 

SIDE MOVEMENT CUTOFF CORNER MOVEMENT CUTOFF 



FIGURE 2-14 

CIRCULAR ORIENTATION INDEPENDENCE. 
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FIGURE 2-13 
CIRCULAR FACE 


The cutoff angle for a r etr oreflector is the angle beyond which 
the incoming beam can no longer reach the vertex. This is obvious from 
the fact that the incident and the reflected rays are symmetrical with 
respect to the vertex. If the retr oreflector is filled with a dielectric, 
the cutoff angle is increased since the ray is bent toward the normal to 
the plane and can reach the vertex from a greater incidence angle 
(F igure 2-15). 


If the retroreflector consists of a prism whose three mutually 
perpendicular sides are coated with a reflecting material, then there 
will be nearly complete reflection at all surfaces, regardless of the 
angle of incidence at any of the surfaces. 

If the surfaces are uncoated, then there will be total internal 
reflection at each of the three surfaces as long as the angle that the ray 
makes with the normal to the reflecting surface is greater than the 
critical angle. For an index of refraction of 1. 46, a ray must have an 
incidence angle greater than 43° 14' for total internal reflection to occur. 
The forbidden incidence angles are contained in a cone about the normal 
to the surface (Figure 2-1 6). 


o 






FIGURE 2-15 
DIELECTRIC EFFECT. 



FIGURE 2-16 

CRITICAL ANGLE FOR UNCOATED SIDES. 


To calculate the return from an uncoated retroreflector, one 
must know the angles of incidence with each of the three reflecting faces. * 

Whenever the angle of incidence measured from the normal is too small, 
there will be only the ordinary reflection and no total internal reflection. 

The incoming ray may strike any of the three faces first and either of the 
remaining two faces second, so that there are three or six ways a beam 
can go through the retroreflector. In whatever order the reflections 
occur, the angle of reflection at each face is always the same. In the 
cartesian coordinate system defined by the three corners of the reflector, 
the effect of each reflection is to reverse the component of the velocity 
vector normal to the plane. Since the magnitude of the vector and the 
normal component to each face are constant, the angle of reflection at 
each face is constant and is the same as the angle between the incident 
beam and each face. 
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One can picture the excluded angles of incidence in an uncoated 
retroreflector by drawing a quarter cone about the normal to each face 
(Figure 2-17). Any incidence angle contained within any of these three 
cones will not undergo total internal reflection. Looking at the face of a 
circular retroreflector, one sees a Y-shaped area of permissible inci- 
dence angles for getting a return with total internal reflection at each 
face (Figure 2-18). With an index of refraction of 1. 46, the' cutoff angle 
varies from 16. '9° to 57.4° for the uncoated retroreflector. 



EXCLUDED ANGLE VISUALIZATION. 



FIGURE 2-18 

Y-SHAPED PERMISSABLE AREA. 


The purpose of laser ranging is to measure the distance to the 
center of mass of the satellite. If there were only one retroreflector at 
the center of mass, this distance could be measured directly. However, 
the retroreflected beam from the EPS is a combination of returns from 
a number of retroreflector s on the surface of the sphere. In Figure 
2-19, the range to two representative retr oreflectors is different from 
the range to the center of mass by the distances Dj and D^. One must 
calculate a range correction to be applied to the return signal in order 
to obtain the range to the center of mass. 



FIGURE 2-19 ACTIVE RETROREFLECTORS. 
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When a beam of light hits a retroreflector, the strength of the 
return is a maximum when the incident beam is perpendicular to the face 
of the retroreflector. As the angle of incidence increases, the strength 
of the return signal decreases until it reaches zero at some cutoff angle 
0 C . Therefore, when a laser beam hits the EPS, each retroreflector 
whose face is at an angle less than the cutoff angle with respect to the 
incident beam will give a return. In Figure 2-19, the active retroreflec- 
tors are located on a cap of half- angle 9 as measured from the center 
of the sphere. 

The cutoff angle depends on the design of the retroreflector 
and can be varied from 0 to 90°. The larger the cutoff angle is, the 
stronger the return signal because of the larger number of retroreflec- 
tors participating and the greater reflecting area of each. Greater signal 
strength gives a better defined return pulse, because of the larger num- 
ber of photons, and therefore greater accuracy from each return. How- 
ever, increasing the cutoff angle of the retroreflector s also increases 
the spread in range of the retroreflectors, so that the potential uncer- 
tainty in the range corrections is greater. 

The laser emits a pulse whose energy is nearly a gaussian as 
a function of time and distance. The return signal from the satellite is 
therefore a combination of gaussian- shaped pulses from each retroreflec- 
tor. Each pulse has a different amplitude and phase and arrives at a 
time determined by the range to each retroreflector. In Figure 2-20, 
two return pulses are shown as solid lines. The pulse at the origin is 
the pulse that would have been received from, a retroreflector placed at 
the center of mass. The sum of the two solid lines is shown as a dotted 
line above them. Since the beams are coherent, the two pulses actually 
interfere with each other, depending on their relative phase. Adding 
the intensities gives the combined intensity for incoherent waves. Add- 
ing the intensities is also the same as averaging over all possible phase 
differences for coherent waves. 



FIGURE 2-20 RETURN PULSES 


In practice, averaging over phase differences will be done by- 
repeated ranging to the satellite. Since the wavelength of light is very 
small compared to the dimensions of the satellite, very slight changes in 
viewing angle or rotation of the satellite will give completely different 
relative phases between the components of the return signal as repeated 
range measurements are made. 

The total return signal is not a gaussian- shaped curve and is 
wider than the pulse sent out by the laser. Whatever pulse shape is 
received, one can determine its centroid. To determine the range to the 
center of the satellite, one must apply a correction for the difference 
between the centroid of the return pulse and the center of an imaginary 
pulse received from a retroreflector at the center of mass. 

The range correction is computed by calculating the return 
signal that should be generated by the retroreflector array. The return 
signal is a function of the direction of the incident beam, the positions 
and orientations of the retroreflectors, the active reflecting area of each 
retroreflector, and the diffraction pattern of each reflector. 

Since the retroreflectors are nearly uniformly placed on the 
sphere, the direction of the incoming beam does not make much differ- 
ence in the return signal. The positions of the retroreflectors will be 
known to about 10 mils or better, and the active reflecting area as a 
function of incidence angle has been calculated. When the final specifi- 
cations of the retroreflectors have been set, the diffraction pattern of 
the retroreflectors can be calculated. The laser and the receiver will 
be collocated, and therefore, the return signal is always measured away 
from the center of the return beam by the amount of the velocity aberra- 
tion, which is about 8. 5 arcsec for the EPS. The retroreflector must 
be designed so that the beam spread is at least as large as the velocity 
abe r ration. 

The diffraction pattern depends on factors such as the exact 
dihedral angles between the reflecting faces, the type of reflecting sur- 
face, the angle of incidence of the laser beam, and temperature gradients 
within the retroreflector. A. D. Little, Inc. (ADL) has investigated the 
thermal conditions and their effect on the diffraction pattern (see 
Reference 1). 


The diffraction pattern can be described by a normalized func- 
tion f(x, y) that gives the relative intensity of the beam at each point in a 
plane perpendicular to the direction of the beam. The plane is located 
at a large distance from the retroreflector. 

As shown in Figure 2-21, the return beam from each retro- 
reflector is initially a separate pencil of light. At large distances from 
the satellite, the beams spread and overlap until eventually the width of 
each beam is much larger than the separation between the beam centers, 
which can be neglected. Let us consider the oversimplified case of two 
uniform circular spots of light of different diameters coming from two 
retroreflectors. A detector in the ring between the inner and outer circles 


would receive energy only from the retroreflector with the larger beam 
spread. The range measured by timing the pulse would be the range to 
that retroreflector. On the other hand, if the detector is located inside 
the smaller circle, the energy measured is coming from both reflectors 
The range measured by timing this pulse would be intermediate between 
the ranges to the two reflectors. 


X 


FIGURE 2-21 BEAM SPREAD. 

In calculating the return signals measured by a detector at a 
point (x, y) in the plane, one must evaluate the diffraction pattern of each 
retroreflector at that point. The radial distance of the detector from the 
beam center is determined by the velocity aberration. Since the orien- 
tation of the satellite will not be known, the total return must have 
reasonably good rotational symmetry. 

Since, because of velocity aberration, the detector is never 
at the center of the diffraction pattern, any energy in the center is wasted. 
It would therefore be desirable to have the energy distributed in a ring 
whose radius is comparable to the amount of velocity aberration. 

If the dihedral angles of the retroreflector are all made dif- 
ferent from 90° by the same small amount, the energy distribution will 
shift away from the center of the beam. From geometrical optics, the 
beam is split into six beams. For normally incident light, the six 
beams form the corners of a regular hexagon. At other incidence angles, 
the pattern changes so that one no longer has a regular hexagon. When 
diffraction effects are taken into account, one finds that the minimum 
intensity is not exactly at the points predicted by geometrical optics. 

Even though changing the dihedral angles does not make the 
diffraction pattern into a perfect circular ring, it should be possible by 
properly orienting the retr orefle ctor s to produce a total return signal 
that is a fair approximation to a circular ring-shaped pattern with the 
desired radius. 



2-16 


Asa first approximation to the transfer function, the return 
signal from the EPS has been calculated for the simplified case where 
the diffraction pattern is the same for all retror eflector s, regard- 
less of incidence angle. The intensity of the return from each retro- 
reflector is proportional to the active reflecting area of the retroreflec- 
tor as a function of the particular incidence angle. Table 2-4 shows the 
strength of the return in terms of the equivalent number of retroreflec- 
tors at normal incidence for three different types of circular retro- 
reflector. The solid coated retr oreflector gives the strongest return 
and is therefore the most desirable in terms of signal strength. 

TABLE 2-4 RETURN STRENGTH FOR CIRCULAR 
RETROREFLECTORS 



Cutoff 

Angle 

Active 

T otal 


(Degree s ) 

Reflectors 

Return 

Hollow 

35. 2 

76 

18. 1 

Solid; Coated 

57. 4 

1 96 

38. 5 

Solid; Uncoated 
Maximum 

57. 4 

1 96 

38. 5 

Average 

16. 9-57. 4 

50 

22. 1 

Minimum 

16. 9 

20 

14. 6 


The centroid of the return pulse from the solid coated circular 
retr oreflectors has been computed for several angles of incidence on the 
satellite. For the incoherent return, the variation of the centroid with 
incidence angle is on the order of 1 mm. Using a random-number gen- 
erator, a dozen coherent returns have been calculated. The variation 
in the centroid between different coherent returns is about 2 or 3 cm. 

This error must be reduced to the desired level of less than 5 mm by 
averaging over many range measurements. The value of the range cor- 
rection (about 34 cm under the assumption of constant diffraction patterns 
will change significantly when the actual diffraction pattern is computed. 

It is recommended that the transfer function be further refined 
by taking into account the actual diffraction pattern of the retr orefle ctor s 
as a function of incidence angle, thermal conditions, deviation of the 
dihedral angles from 90°, and type of reflective coating. 

2. 3. 2 SPECIFIC RETROREFLECTOR ARRAY DESIGN 

The three major aspects involved in the design of the retro- 
reflecfor array are the positional pattern of the retror eflector s, the 
retroreflects themselves, and their mounting. 


2. 3. 2. 1 POSITION PATTERN 


Because accurate interpretation of the laser return signal 
requires that the retr orefle ctors be uniformly positioned over the 
spherical surface of the satellite, their positioning resolves into the 
simple problem of geometrically dividing the surface of a sphere into 
a large number of equal and similarly shaped areas. We have chosen 
near-equilateral spherical triangles as the basic area shape since they 
are compatible with the spherical surface and with the triangular con- 
figuration of the basic cube-corner retroreflectors. 

To divide the spherical surface in this way, a number of 
schemes have been evolved; however, only the latest one has proved to 
be geometrically compatible with the satellite assembly configuration << 

and to provide a practical and workable number of retroreflectors in 
response to the requirement for a large number of them. The basic 
scheme is to divide the entire spherical surface into 6 equal spherical 
squares having vertex angles of 120° (these are the 6 spherical caps of 
the satellite core discussed elsewhere) and to subdivide each square 
into 4 equal triangles for a total of 24, each having 60° base angles and 
a 90° apex angle. Further subdivision of these large triangles into 
smaller but similar triangles by use of equally spaced lines parallel to 
all three sides is geometrically compatible with the use of retroreflec- 
tors of triangular aperture. Since such retroreflectors have not been 
selected as the final configuration (see next subsections), this method 
of subdivision is not directly applicable. 

By extending this subdivision, however, to a large number 
of small triangles and recombining the majority of them into hexagonally 
shaped groups touching each other at their vertices and with appropriate 
sides coincident with the sides of the large triangle, we have a con- 
venient method to uniformly locate retroreflectors of hexagonal or 
circular aperture by centering them in the middle of each hexagonal 
group. This procedure, illustrated in Figure 2-22, provides for the 
location of 3, 6, 1 0, 15, 21 , 28, 36, 45, or more retroreflectors in 
each large triangle and consequently 72, 144, 240, 36 0, 504, 672, 864, 

1 080, or more over a complete spherical surface. 

By balancing the laser- ranging requirements, which dictate 
a large number of retroreflectors, against practical considerations 51 

such as machining complexity, tolerance buildup, handling, and testing, 
we chose 864 as the total number of retroreflectors. This requires 
144 per spherical square or cap, which is 36 in each large spherical 
triangle. This gives a statistically large enough number of retro- * 

reflectors contributing to the laser return signal while still providing 
a reasonably small enough number to satisfy practical considerations. 

The placement pattern described above uniformly positions 
the retroreflectors in each spherical square or cap, but results in a 
pattern mismatch at the interface between adjacent squares. This mis- 
match is readily corrected by rotating the whole pattern within each 
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DIVISION OF BASIC SPHERICAL TRIANGLE 
INTO LARGE NUMBER OF SMALL TRIANGLES 
AND RECOMBINING OF GROUPS OF SMALL 
TRIANGLES INTO HEXAGONS, EACH REPRE- 
SENTING A RETROREFLECTOR LOCATION 



BASIC 

SPHERICAL 

TRIANGLE 



FIGURE 2-22 RETROREFLECTOR ARRAY GEOMETRY 


square — all in the same sense or direction — by the equivalent of one- 
fourth of the spacing of adjacent retr oreflectors at the square's edges. 

This, in effect, continues the pattern within the squares across their 
common boundary and maintains overall uniformity of the array, as 
illustrated in Figure 2-22. 

A final small adjustment of each retroreflector position 
beyond that described above is made to equalize cente r-to- center 
distances between adjacent retroreflector s in the most crowded direc- 
tion and to provide an adequate cente r- to- edge distance for all retro- 
reflectors adjacent to the edges of the square or cap. This adjustment 
is on the same order as the tolerance allowed in positioning of the 
retroreflectors for machining purposes and has been shown to be 
acceptable with respect to its influence on the laser return signal and 
its interpretation. 

The final positions of each of the 36 retroreflectors in each 
of the 4 large triangles within a spherical square or cap have been 
expressed in terms of a polar angle from the radial through the center 
of the spherical square and a plus or minus azimuth angle from each of 
the 4 meridians normal to the sides of the spherical square. These 
polar and azimuth angles are tabulated on drawing E-CBS-1 01, Figure 2-23. 

2. 3. 2. 2 RETROREFLECTOR CONFIGURATION (Dwg. C-CBS-105, Fig. 2-24) 

In determining the optimum retroreflector configuration for 
the EPS design, we find a large number of alternatives within the 
limitations and requirements set forth in the preceding section. These 
alternatives include choices of type (solid or open); general shape 
(triangular, hexagonal, or circular aperture); size; material; reflective 
coating or not; type of coating if used; method for tailoring return beam; 
and others. The proper choice of any one of these alternatives is not 
a simple decision, for it is interrelated with considerations of many of 
the others. As a result, the retroreflector configuration determination 
has been an involved reiterative process and as such is not easily docu- 
mented. Consequently, in each case the alternative choices are dis- 
cussed below along with reference to any additional applicable factors 
affecting that choice. 

Retroreflector Type .- A basic decision for the EPS was 
between an open or a solid retroreflector. We have chosen the latter 
for the following reasons: 

1. The state of the art in design, fabrication, and testing of * 

solid retroreflectors is well advanced — certainly beyond the require- 
ments for the EPS. On the other hand, the techniques for manufacture 
of open retroreflectors of the configuration, quality, and precision 
required have not yet been established. There is some evidence, how- 
ever, of reasonable progress toward this goal by means of replication 
and electroforming processes. 
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2. A solid retroreflector will provide retroreflection over a 
greater incidence angle than will an open one because the material of the 
former has an index of refraction. greater than unity, the value inherent 
for an open retroreflector. 

3. The effects of thermal gradients and other temperature 
influences on the performance of a solid retroreflector have been 
thoroughly analyzed and tested and have been verified by experience 
with the lunar retroreflector arrays. No similar situation exists for 
open retroreflectors. Although the thermal influence on the perform- 
ance of a solid retroreflector is complicated and can be substantial, it 
is well understood and is amenable to corrective measures through 
proper design, material selection, and mounting configuration. Alter- 
natively, even though for open retroreflectors no change of the index of 

» refraction occurs with temperature, other temperature and thermal 

gradient effects associated with differential-expansion distortion, mate- 
rial instability, and strain induced by the mounting are likely to be 
pre sent. 

4. A solid retroreflector is considered to be more amenable 
to reasonable mounting configurations than is a thin-shelled open one. 

For any practical mounting scheme proposed, mechanical and thermal- 
induced strains will affect the solid retroreflector less than an open 
one. In addition, experience with the lunar retroreflector array has 
validated the use of a reasonable mounting configuration for solid retro- 
reflectors and, as such, has been the basis for our selected design. 

In summary, solid retroreflectors have been selected mainly 
because of their known state of the art, whereas the use of open retro- 
reflectors on the EPS would require an extensive analysis, develop- 
ment, and testing program to approach satisfactory performance; even 
then, attaining such a goal would not be guaranteed. 

Retroreflector Shape. Early EPS concepts utilized triangular- 
aperture, solid retroreflectors because of their better retroreflection 
characteristics at high- incidence angles within certain azimuth directions, 
as compared to retroreflectors of hexagonal or circular aperture. How- 
ever, this advantage is now considered to be more than offset by the 
problems associated with the actual mounting of these triangular retro- 
reflectors, such as aperture shadowing, mechanical distortion, reduced 
packing density, and difficult thermal control, along with the greater 
* difficulty in fabrication and hence higher cost per aperture area. Con- 

sequently, the triangular-aperture retroreflector has been eliminated as 
a contender. 

„ A comparison of retroreflectors with hexagonal apertures 

and those with circular apertures shows that the small additional 
aperture area potentially available with the former is not generally 
realizable in a closely packed pattern. Also, the simplicity and flexi- 
bility of the mounting for a circular retroreflector as compared with a 
hexagonal one are attractive practical considerations. Consequently, 
a circular configuration has been chosen for the EPP satellite. This 
choice has additional advantages in that this configuration is the same 
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as that earlier selected for the lunar retroreflector arrays, and so, a 
significant amount of related valuable experience, analysis, and design 
data can be utilized in the EPS program. 

Retroreflector Size. In keeping with the laser- ranging 
requirements, the size of the retroreflector 1 s circular aperture has 
been maximized within the constraints imposed by other requirements. 
The array pattern evolved (see Section 2. 3. 2. 1 ) would permit somewhat 
more than half of the spherical surface to be an active retroreflector 
area before interference between adjacent retroreflector s becomes a 
limiting factor as their diameters are increased. However, because 
some small radial distance is required to provide for a reasonable 
mounting configuration, the retroreflector diameter must be reduced 
somewhat. Consequently, a practical maximum of about one-half of the 
spherical surface area can be devoted to active retroreflector area. 

As the final size of the EPS has evolved, as described else- 
where, to' its present final diameter of 76.2 cm (30.0 inches), the size 
of the individual retroreflector has been determined by the total num- 
ber of them (864) and the area coverage (~50%). The diameter of the 
aperture has thus been established as 3.65 cm (1. 438 inches). 

This size is only slightly smaller than the 3.810 cm (1. 500 in) 
dia. of retroreflector s selected for the lunar retroreflector arrays to 
date and thus lends credibility to the use of applicable analyses, test 
data, and experience derived from that program. 

Retroreflector Material. The selection of solid retroreflec- 
tors over open ones immediately imposes stringent requirements on 
the material to be used. It must be optically homogeneous, have good 
optical transmiss ibility in the visible spectrum, and possess high 
long T term mechanical and thermal stability. Properties such as low 
coefficient of thermal expansion, adequate workability, high resistance 
to moisture, and to chemical, radiational, and thermal degradation, 
reasonably high index of refraction but low coefficient of refractive index 
change with temperature, and ready availability at reasonable cost are 
additional important requirements. Of the potential candidate materials 
such as the traditional optical glasses, the new tailored optical mate- 
rials, and natural materials like quartz and sapphire, one material, 
synthetic, fused silica, best meets all these requirements. 

Fused silica has been used extensively for high-quality, 
precision optical elements in many applications and was selected for 
the lunar-array retroreflector s. Consequently, a vast amount of data 
and experience has been accumulated on characteristics, workability, 
and quality testing of fused silica and is directly applicable to the 
design, fabrication, and testing of the EPS retroreflector. 

A number of grades of fused silica are available from the 
several manufacturers of such optical material. The grades differ in 
two important factors: chemical purity and optical clarity. Low 
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chemical purity results in changes in color and transparency on exposure 
to ultraviolet and other radiation. Since the EPS is expected to remain 
in orbit a very long time, we must select the most pure fused silica 
reasonably available to minimize the long-term degradation due to 
radiational exposure. 

A more vexing problem is optical clarity. All optical mate- 
rials have inherent internal inhomogeneities and minute inclusions such 
as striae, bubbles, and seeds; these should be held to a minimum con- 
sistent with the operational requirements of the retroreflectors. The 
net result of these inhomogeneities and inclusions is a distortion of the 
wavefront of the incident laser beam as it progresses through the 
retroreflector with a consequent distortion of the reflected beam such 
that the performance of the retroreflector can be significantly altered 
and even degraded. In addition, since a complete analysis of the influ- 
ence of the retroreflector characteristics on the overall laser-beam 
transfer function for the EPS has not yet been undertaken, no definitive 
basis yet exists on which to judge what is acceptable degradation of 
retroreflector performance. 

Since the availability, and hence the cost, of optical materials, 
including fused silica, have a strong inverse relationship to the density 
and size of the inhomogeneities and inclusions, it is prudent not to 
overspecify the optical clarity or grade of material to be used. The 
present selection of a grade of fused silica is judged to be acceptable 
in terms of cost, availability, and optical performance, but it has not 
been determined in any quantitative way to be an acceptable grade. In 
fact, actual quantities of the fused silica may have to be selectively 
chosen from a larger sample within a grade on the basis of a quantita- 
tive measurement of the effect of nonhomogeneities and inclusions. 
Interferometric testing is available to make such a differentiation. 

The final specification of a suitable grade of fused silica 
must, in any case, be subject to verification by actual tests of repre- 
sentative retroreflectors, using acceptance criteria based on a 
complete analysis of the laser-beam transfer function, before procure- 
ment of the total number of retroreflectors required by the satellite. 

Such a testing program and the associated procurement of representa- 
tive prototype retroreflectors, as well as the transfer function 
analysis required to establish acceptable performance criteria, are 
beyond the scope of the present study and therefore are discussed here 
only as the basis of recommendations discussed elsewhere in this 
report. 


Retroreflector Geometry. The geometry of a theoretically 
perfect retroreflector is essentially fixed. It has three reflective 
surfaces and an entrance face that are perfectly flat; the dihedral angles 
between each pair of the three reflective faces are exactly right angles; 
and the angles each of the three reflective faces makes with the 
entrance face are all equal. The reflected beam from such a perfect 
retroreflector is exactly coaxial with the incident beam, has the 


minimum reflected beam divergence possible, and has a symmetrical 
far-field energy distribution that is in accord with the Fraunhofer diffrac- 
tion pattern. 


For an actual retroreflector having departures from the per- 
fect geometry, the return beam will deviate in direction or have greater 
divergence from or differ in energy distribution or symmetry, or, 
more likely, the beam will contain some combination of all these effects. 
Past experience with precision retroreflectors, particularly those used 
in the lunar retroreflector arrays, has shown that present fabrication 
techniques are suitable to provide, at reasonable costs, retroreflectors 
having geometric accuracy sufficiently close to the perfect case that no 
significant performance degradation occurs. 


The requirements of laser ranging on the EPS dictate, however, 
that the reflected beam be tailored to match the velocity aberration asso- 
ciated with the actual orbit of the satellite rather than to approach the 
performance of a perfect retroreflector. Accordingly, the energy dis- 
tribution in the reflected beam must be optimized within a symmetrical 
conical zone coaxial with the incident beam. The half angles of this 
conical zone for the predicted satellite orbit are appr oximately between 
30 to 40 prad, and it is desirable that the distribution be most dense at 
the greater angle. 


The best method to tailor the reflected beam to this require- 
ment is to change the three dihedral angles between the three reflective 
faces. (There are numerous mentions of this technique in the literature. ) 
This produces six individual reflected beams that are symmetrically and 
equally displaced from a normal incident beam if all three dihedral 
angles deviate from a perfect right angle by the same amount and in the 
same direction. Owing to the diffraction pattern of each of the six 
individual beams, there is a certain amount of overlapping between adja- 
cent beams, and the net effect is to approach closely the symmetrical 
conical-zone energy distribution required of the reflected beam. The 
quantitative relationship for the conical half angle, <f>, between a normal 
incidence beam and the reflected beam and the deviation, 6, of the three 
dihedral angles from a right angle is 


4 > = 


4^2 

>JT 


n6 


(see R eference 1) 


(4) 


where n is the refractive index of the retroreflector material. For fused 
silica at 0.6943 p (the wavelength of ruby-laser energy), n= 1.45546 and 
thus - 4. 751 6. From this relation for the desired half-cone angles of 
4> = 30 to 40 prad, the required dihedral-angle deviations are 6 = 6. 3 to 
8. 4 prad or 1 . 27 to 1.70 arcsec. The effect on the reflected beam is 
theoretically obtained for the angle 6 being added to or subtracted from 
the right-angle dihedral angles. Since thermal gradients within the retro- 
reflector also alter the distribution pattern of the reflected beam energy 
and in a preferred direction, as discussed elsewhere, the optimum com- 
bined effect is obtained when the angular deviation 6 is added to the 
right-angle dihedral angles. 
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All the above is pertinent for an incident beam normal to the 
entrance face of the retroreflector; however, for the EPS most retro- 
reflectors will be reflecting an incident beam of some inclination from 
the normal. This incidence angle has the effect of foreshortening the 
hexagonal pattern of the six individual beams in the direction of the inci- 
dent beam proportional to its incidence angle. This effect will be taken 
into account in the overall transfer-function analysis and optimized for 
a better determination of the dihedral-angle deviation, 6, required for 
the actual flight EPS retroreflectors . 

A retroreflector that has been tailored to produce a specific 
energy distribution pattern in the reflected beam as described above 
must still adhere closely to the perfect retroreflector geometry in all 
other respects; i. e. , the reflective and entrance faces must all be flat, 
and the angles between each reflective face and the entrance face must be 
equal. Deviations from these geometric ideals will also alter the energy 
distribution pattern of the reflected beam but in a manner more complex, 
less desirable, and difficult to control. Consequently, the retroreflector 
geometry has been specified to be acceptably close to the theoretically 
perfect retroreflector geometry for all aspects except one; the dihedral 
angles are specified to be greater than an exact right angle by the 
required small deviation angle. 

Retroreflector Coating. Two distinct and separate decisions 
on coating must be made for the EPS retroreflector s: 

1. Should the reflective faces be coated, and if so, what type 
of coating should be applied? 

2. Should the entrance face be coated? 

Relative to the first, a solid retroreflector with no coating of 
its faces will retroreflect an incident beam of light by total internal 
reflection at these faces. However, the r etr orefle ction is limited to 
cases where the incidence angle at any one face of the ray as it passes 
through the retroreflector is within the internal reflection angle for that 
material. This limits the incidence angle of the incident beam for which 
r et rorefle ction will occur; for fused silica, this angle ranges from 16. 9° 
to 57. 4°, depending on the azimuth angle of the incident beam. 

If, however, the faces have a reflective coating (usually 
metallic), the ray, as it passes through the retroreflector, will be 
reflected at each face no matter what its incidence angle. Accordingly, 
r etroreflection is obtained over a larger angle of the incident beam. 

This angle is 57. 4°for a fused silica retroreflector with a circular 
entrance face or aperture and is independent of the azimuth angle of the 
-ncident beam. Thus, a reflective coating greatly enhances the retro- 
reflection at the larger incidence angles, a significant advantage for the 
EPS. 


The use of metallic reflective surfaces brings up the question 
of their adherence, especially for a long period in the space environ- 
ment. Present experience indicates that a properly applied metallic 
coating will survive the space environment for a satisfactorily long time 
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and should not be affected by the small background radiation from a core 
made from depleted uranium. Micrometeoroid impacts are not con- 
sidered to be a problem, since the metallic coatings are applied to the 
back or inward facing surfaces of the retr oreflector as it is mounted; 
hence, the coatings are shielded by the retroreflector itself. Satisfac- 
tory adherence of the coatings must be ensured by the judicious applica- 
tion of quality- control techniques in the actual coating process and in all 
assembly and test processes thereafter. Cleanliness of the substrate and 
material to be coated, as well as the residual gas in the vacuum coating 
tank, is of utmost importance in obtaining a coating with good adherence; 
techniques and methods are now known and employed to ensure these 
conditions. 

Several other considerations relative to the use of metallic 
reflective coatings are of consequence in the EPS application. For 
example, such coatings are important relative to the solar heating of the 
retroreflector and to the thermal coupling between the retroreflector and 
its surrounding cavity. These thermal cons iderations have been included 
in the overall thermal analysis, but have been found to produce no undue 
implications. 

Additionally, the use of a metallic reflective coating on the 
three reflective faces of a solid retr orefle ctor minimizes the polariza- 
tion effects of the reflections within a retroreflector, but this factor is 
of small significance in the EPS application. 

The choice of possible metallic reflective coatings is wide, 
but only two, silver and aluminum, are appropriate. Both have higher 
reflectivities over the visible spectrum than do other potential choices. 
Silver has the higher reflectivity but is rather quickly degraded to a 
lower overall reflectivity by reactive contaminants always present in the 
atmosphere. The reflectivity of aluminum, on the other hand, is not 
degraded significantly with time or exposure to any of the reactive con- 
taminants in the atmosphere. Although the retr oreflectors will be 
exposed to the earth's atmosphere and its constituents for only a rela- 
tively short time, the degree of immunity offered by aluminum over 
silver to degradation due to such exposure or to any other contamination 
by handling or during orbit injection and subsequent events makes it the 
optimum choice for the EPS. 

No protective overcoating will be applied, because it is impor- 
tant to provide a low-emis sivity surface to minimize radiative coupling 
between the retroreflector and the surrounding satellite core and because 
an overcoating might have a tendency to flake or peel off and thereby 
produce disturbing debris and possibly remove the reflective coating at 
the same time. 

The second area for coating considerations is the retroreflector 
entrance face. An antireflection coating on this face could increase the 
-overall intensity of the reflected beam by reducing the loss due to reflec- 
tion as the incident beam strikes the entrance face. This increase in 
efficiency is small, however. 


Since there is a possibility that direct exposure to solar and 
other radiation might in time seriously degrade such a coating and hence 
reduce its tr ansmiss ibility, the probability is high that the small gain in 
efficiency will be more than offset by a potentially larger loss in effi- 
ciency. Hence, no coating will be used on the entrance face of the EPS 
retroreflectors. 

2. 3.2. 3 RETROREFLECTOR MOUNTING 

r 

The mounting for the retroreflectors must accomplish three 
specific tasks while satisfying the requirements and surviving the rigors 
of all phases of assembly, testing, shipping, prelaunch activities, launch, 
orbit injection, and subsequent orbital lifetime of the satellite: It must 

* 1) hold and position the retroreflectors; 2) provide thermal contact 
between the retror eflector and the core within the range required by 
thermal analysis; and 3) provide a means for adjusting the retroreflec- 
tors to a predetermined azimuth orientation. We have selected a mount- 
ing configuration similar to that employed in the lunar retroreflector 
array and have thereby benefited from the analysis and test experience 
of that program. 

The retroreflector is held by means of three integral tabs 
sandwiched between two Teflon seats or rings, which in turn are held 
between a circular ledge machined into the retroreflector cavity in the 
core and a threaded retaining ring. The three tabs on the retroreflector 
are what remains of a cylindrical ridge on the outside diameter of the 
retroreflector after the three reflecting faces intersect and hence 
remove portions of it. Each of the three equally spaced tabs occupies 
approximately 30° of the retroreflector circumference, and each has a 
bottom surface that is normal to the axis of symmetry of the retroreflec- 
tor and a top surface that is a portion of a very flat cone — an apex half- 
angle of 81° — concentric with the symmetry axis. The 9° slope of the 
top face provides a thermally compensated mount whereby differential 
expansion or contraction between all elements within the mount system 
in the axial direction is balanced by a corresponding expansion or con- 
traction in the lateral direction. This slope thus maintains an axial 
clearance, as set during assembly, for all isothermal temperature levels 
of the mount system. This eliminates temperature-induced strain on, 
and hence distortion of, the retroreflectors and maintains a reasonably 
constant thermal conductance of the mount to ensure adequate passive 
temperature control of the retroreflector. 

The top Teflon seat has a conical bottom face that matches the 

* ' slope of the tops of the tabs. The bottom Teflon seat has three cutout 

sections, which the three retroreflectors tabs engage, while the remain- 
ing uncut portions of the seat prevent the retroreflector from turning 
relative to the seat. The bottom seat also has a series of slots cut into 
it at specific intervals; one of these engages a small pin installed in the 
cavity ledge. This arrangement prevents the seat, and hence the retro- 
reflector, from turning within the cavity and thereby eliminates the 
possibility of Teflon debris being produced during launch vibration; such 
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debris could cause partial optical blockage of the retr orefle ctor aperture. 

In addition, because of the several slots available, the azimuth of each 
retr oreflector can be selected when it is installed to optimize the laser 
return signal from the overall retr oreflector array. 

The threaded retaining ring engages an internally threaded 
portion of the retr oreflector cavity and thereby retains the whole assem- 
bly in place. The ring will be seated and then backed off a predeter- 
mined amount and locked against further rotation by staking. This will 
provide a small axial clearance on the order of 0. 002 cm (0.001 in), which is 
large enough to ensure that no distorting strain is applied to the retro- 
reflector yet small enough that no detrimental impacting will take place 
during vibration. 

From analysis, it has been determined that the thermal con- 
ductance of the retroreflector mount may vary over a wide latitude while 
still providing satisfactory thermal performance. Although this mount 
conductance will obviously be dependent on such factors as the contact 
area of the retroreflector tabs, the thickness of the Teflon seats, and 
the contact pressure of the mount system, an analytical prediction of the 
value of the conductance for the orbital situation is difficult to make with 
any degree of accuracy. The present mount design has been proportioned 
from that used on the lunar retroreflector array and thus should be 
reasonably within the acceptable limits for mount conductance. However, 
it is very desirable and thus strongly recommended that adequate thermal 
simulation tests be undertaken with prototype hardware to measure the 
actual mount conductance and verify that it will be satisfactory. 

Other aspects of retroreflector s, such as the amount of corner 
chamfering, etc. , play a role in the selection of the overall configuration 
for the EPS retroreflector, but they are secondary to those itemized 
above. Table 2-5 summarizes the significant parameters of the retro- 
reflector array as it is currently established. 


TABLE 2-5 EPS RETROREFLECTOR ARRAY 


N umber : 

864 Total 

Size: 

y. 65 cm Diameter (1.438-In.) 

Material: 

High-Grade Fused Silica 

Configuration: 

Cylindrical Cube Corner (see Fig. 2-24) 

Mounting: 

Similar to that of Lunar Retroreflector s 

Accuracy: 

Tailored for conical return beam within 
30 to 40 prad. half angle 

Coating: 

Cube Surfaces Reflective Coated with No 
Overcoating; Entrance Surface not Coated 

Pattern on Sphere: 

General Triangular Pattern in Each Quad- 
rant of Each Cap (see Fig. 2-23) 


It is of primary importance to note that, owing to the limited 
scope of this phase-B study, a number of choices and decisions had to be 
made without benefit of experiment or test and that such a verification 
program should be undertaken before any full-scale procurement phase. 
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2. 3. 3 


CORE 


The three major aspects involved in the design of the EPS core 
are the core material, the core configuration, and the core surface. 

2. 3. 3. 1 CORE MATERIAL 

High- density materials from which to make a satellite having 
the required high mass-to-area ratio are limited to a relatively few 
metals. A list of some such metals with their densities is given in 
Table 2-6. Others exist in such extremely small quantities or are so 
highly radioactive that they are not considered to be potential candidate 
materials in any sense and are hence not included in the list. Metals 
such as platinum and gold are so expensive that the cost of a satellite of 
the mass required would outweigh the advantages gained by the resultant 
relatively small increase in overall density. Other metals, such as lead 
and silver, although of low enough cost, have densities significantly 
below other candidate metals that would be reasonably economical choices. 
Consequently, two metals — tungsten and uranium — were selected as the 
optimum potential materials on the basis of cost, availability, and 
properties for the EPS core. Fortunately, both of these metals are 
readily available in forms having reasonable engineering properties and 
at acceptable costs. 


TABLES 2-6 DENSITIES OF SOME HEAVY METALS 


Osmium 

22. 5 g / cm^ 

Iridium 

22. 4 

Platinum 

21.4 

Gold 

1 9. 3 

T ungsten 

19. 3 

U ranium 

1 9. 0 

Tantalum 

16. 6 

Mercury 

1 3. 5 

Lead 

11.3 

Silver 

1 0. 5 


Tungsten has been utilized in many applications where high- 
density material is required; hence, a complete family of tung sten- based 
alloys have been formulated with varying properties. Of these, Mallory 
2000 material (Mallory Metalurgical Co. ) appears to have a good com- 
bination of the properties necessary for the EPS core. It is readily 
machined, can be satisfactorily plated, has no detrimental magnetic 
characteristics, is resistant to general corrosion, and, of course, has 
high density. However, it is a sintered material, and the high-pressure 
presses and strong forming dies required make the fabrication of large 
sized pieces an expensive process. Assembly of a large number of small 
pieces to make the large sizes required also poses potential problems 
and is thus not an attractive alternative. None the less, tungsten- ba sed 
alloys are considered potential candidate materials for the EPS core. 


"Depleted" uranium is readily available in sufficient quantities 
and at a reasonably low cost (it can be made available in the raw mate- 
rial form to government contracts on a cost free basis) that it is con- 
sidered a good potential material for the core. It can be easily cast in 
sizes a"nd shapes that are suitable, it is readily machined, it can be 
alloyed to improve specific properties, it can be plated, it has no detri- 
mental magnetic properties, it can be satisfactorily protected against 
corrosion, and it has the high density required. Depleted uranium alloyed 
with a small amount of molybdenum to enhance its machining properties 
and increase its hardness to where it can be readily handled is known in 
the industry as "dilute U. " It appears to be the optimum choice of 
uranium-based material for the EPS core. 

Uranium in its depleted form, although considered by many 
uninformed to be a highly reactive and dangerous material, is neither. 
Depleted uranium is basically the stable, nonradioactive isotope U238. 

It is stockpiled by the U. S. Government in huge quantities as a by-product 
of plants that- extract the radioactive isotope by the gaseous diffusion 

process. Depleted uranium contains less than 0.2% of U^35j hence, its 
residual radioactivity is extremely low — a level approximately equivalent 
to that from a luminous dial of a wristwatch. Although depleted uranium 
is less toxic than beryllium or even lead and is less pyrophoric than mag- 
nesium, its processing, handling, and shipping are closely controlled by 
regulations of the Atomic Energy Commission (AEC). These regulations 
permit the licensing of certain qualified facilities to process depleted 
uranium under AEC -maintained controls. A number of such licensed 
facilities, both private- comme rcial and government- contractor operated, 
in the U. S. and Canada can handle the pieces required for the EPS 
core. 


Numerous additional questions are raised by the potential 
choice of a uranium- based material for a massive satellite with an 
expected lifetime in orbit of 1 0 or more years. These range from 
whether the uranium core might become a miniature atomic bomb in 
orbit to what are the geopolitical implications of placing a mass of 
uranium into orbit. The latter type of question must be left to others to 
answer. The former have been anticipated to the extent that we have 
engaged a recognized nuclear engineer as a consultant to study the overall 
problem and to determine if any such dangers exist and, if so, to what 
degree. This study concludes that there are no technical problems 
associated with placing a massive depleted-uranium core in orbit for an 
extended period of time. A summary of the results appear in Table 2 -7 , 
and a complete analysis in Reference 2. 

Table 2 -8 lists the comparative engineering and other proper- 
ties of Mallory 2000 and "dilute U. " We have chosen the latter as the 
primary material for the core, with the Mallory 2000 as a technically 
acceptable alternative. Subsequent detail design accomplished within 
the scope of this limited phase-B study and the cost estimates presented 
have been based on the use of "dilute U. " 
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TABLE 2 -7 POTENTIAL HAZARDS OF DEPLETED URANIUM 


Controlled by AEC through Regulations and Licensing of Fabrication 
F acilitie s 

PYROPHORICITY : 

Similar to Magnesium but not to Same Degree 
No Hazard if not being Machined 

TOXICITY: 

Similar to Beryllium but not to Same Degree 

No Hazard if not being Machined 

Unlike Lead it is not Cumulative in Body 

RADIOACTIVITY: 

Beta Radiation: Body Contact for 320 Hours Results in Yearly 

Acceptable Dose. Low Energy, hence Short Range 
Gamma Radiation: Very Low Dosage; No Hazard 

NUCLEAR CRITICALITY: 

Multiplication Factor for U^38 Sphere « 1.0; No Hazard 
INDUCED ACTIVITY: 

Fission Rate due to Proton Flux of Inner Van Allen Belt Less Than 
Natural Decay Rate; No Hazard 

2. 3. 3. 2 CORE CONFIGURATION 

The primary requirements on the core configuration are that 
the satellite be spherical, compact, rigid, and symmetrical (i. e. , the 
centers of mass and geometry must coincide). The first three require- 
ments are readily met, and the last is satisfied within a reasonable 
degree by the use of a solid metallic sphere composed of or built up from 
only a few pieces. Additional requirements, such as provisions for 
mounting of the retroreflector s, reasonable feasibility of manufacture, 
and suitable cost and schedule implications, are also adequately satisfied 
by this concept. The use of a one-piece solid sphere seems reasonable 
at first thought but upon further consideration it is evident that it makes 
machining and assembly difficult, precludes the adoption of suitable trim 
or counterweights, and unnecessarily restricts the fabrication to a single 
large mass difficult to cast. 

A number of configurations were studied and evaluated for a 
multipiece core: assemblies of two hemispheres, four quarter spheres, 

eight eighth- spheres, and all combinations of a regular polyhedron 
(tetrahedron, cube, octahedron, icosahedron, and dodecahedron) inner 
core with spherical caps on each face to complete the sphere. These 
were evaluated on the basis of 10 factors: 

1. Compatibility of the size and weight of the individual pieces 
with respect to casting and other fabrication processes involved. 

2. Ease of machining. 
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TABLE 2 -8 ENGINEERING PROPERTIES OF SELECTED METALS 
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3. Ease of assembly. 

4. Compatibility with a reasonable geometry for the retro- 
reflector s . 

5. Ease of including trim weights or balance adjustments- 

6. Heat-transfer considerations. 

7. Repair ability of individual pieces. 

8. Schedule implications (or possibility of concurrent fabrica- 
tion of identical pieces). 

tr 9- Compatibility of two different materials for the core (should 

serious drawbacks to having an outer surface of uranium been uncov- 
ered). 

10. General compatibility with geometric accuracy requirements. 

k On the basis of this comparative evaluation, a cubical inner core 

surrounded by six spherical caps was chosen as the best configuration for 
fabrication of the EPS core (see dwg. C-CBS-100, Fig. 2-25). Subsequent 
detailed design has confirmed this choice. The r etror eflector geometry 
described earlier fits well and indeed is based on these six identical spherical 
caps, each with 144 cavities for r etroreflector s . The cube core is well 
adapted for the inclusion of balancing couterweights , while the whole configu- 
ration is excellent for precision machining and a rugged bolted assembly. 

The exploded view of Figure 2-26 shows this selected configuration 



BOLTS PER CAP 
24 REQUIRED 

FIGURE 2-26 ASSEMBLY CONFIGURATION OF CUBE CORE. 
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2. 3. 3. 3 CORE SURFACE 


The characteristics of the outer surface of the core are pri- 
marily dictated by the requirement of suitable reflective properties to 
enable acquisition by photographic tracking due to reflected sunlight and 
by the overall requirement for providing the retroreflector s with a satis- 
factory thermal environment. A secondary requirement of any core 
surface process is that it provide adequate protection of the basic uranium 
* core material against corrosion and oxidation until the satellite is in 

orbit, where such processes cease; any of the surface treatments under 
consideration will satisfy this requirement. 

4 The photographic tracking by reflected sunlight requires that 

the surface reflect in a highly diffuse manner and have an overall reflec- 
tivity for the solar wavelength of approximately 4 0% or more. Such a 
surface would cause the EPS to have a brightness approximately between 
1 0 to 15 mag, depending on the sun/ satellite /tracking- station location 
geometry and other noncontrollable variables. Since the Baker-Nunn 
cameras, which will be utilized for this program, routinely track satel- 
lites of 1 3 mag and with special procedures, can track satellites dimmer 
than 15 mag, it would appear that such surface characteristics would be 
satisfactory. 

Of the candidate materials for achieving a proper surface 
treatment for the uranium core, it would appear that aluminum, nickel, 
and rhodium are the better choices. The first is readily applied by 
vacuum deposition or ion plating, and the latter two by conventional 
electroplating. 


With respect to a proper surface treatment for thermal con- 
siderations, the thermal analysis indicates that the surface should have a 
relatively low absorptance-to-emittance ratio. In conjunction with the 
requirement for a high solar reflectivity and hence low solar absorptance, 
this condition is further ensured by a surface having a reasonably high 
emittance. Actual measurements of gritblasted aluminum and other 
metallic surfaces indicate that a satisfactorily high emittance is obtain- 
able, while adequate reflectivity and diffusivity are also provided. 

* Presumably, similar surfaces of nickel and rhodium would exhibit the 

same characteristics. 

Another requirement identified by the thermal analysis is that 
the cavity surfaces that "see" the back surface of the installed retro- 
reflectors should be radiatively decoupled and thus have a low emittance. 
Hence, the requirements on the spherical surface and the cavity surfaces 
are opposite with respect to emittance. This implies either different 
materials or different preparation for the two surfaces. Fortunately, 
the gritblasted aluminum has a satisfactorily high emittance, while plain 
aluminum has a suitably low emittance; hence, it appears that these two 
conflicting requirements may be met by the same material by using a 
different preparation for each of the underlying surfaces. 
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A vapor -deposited material does not produce any measurable 
buildup of thickness, whereas an electroplated material may do so. 

Also, a vapor- deposited material "throws" or deposits welL into deep 
and narrow holes, while electroplating into such re-entrant geometries 
requires special electrodes. On the basis of all these considerations, 
we have chosen vacuum deposition (i. e. , ion plating) of aluminum as the 
optimum process and material for the surface treatment of the uranium 
core. We also recognize the necessity for some predeposition or post 
deposition treatment of the spherical surface (as opposed to the as- 
machined cavity surfaces) to achieve the required diffusivity and increased 
emittance. Gritblasting or some similar process may be satisfactory; 
however, it is highly recommended that the resultant surface charac- 
teristics be verified by actual testing and that such a test program.be 
undertaken before satellite fabrication. 

2.3.4 SATELLITE ACCURACY 

The accuracy required of the EPS is basically a geometric 
accuracy, i. e. , it involves ensuring that the centers of mass and geom- 
etry coincide within an allowable amount and that the retroreflectors are 
accurately positioned with respect to the center of mass and to each 
other within an allowable amount. 

2. 3. 4. 1 GENERAL ACCURACY CONSIDERATIONS 

The geometric inaccuracies that will exist will be due to one 
or a combination of the following factors; 

1. The satellite outer surface will not be an exact sphere; 
hence, there will not be an exact location of a geometric center. 

2. The trimming or balancing process with which the center 

of mass is positioned will not be exact because of a limit to the resolution 
of the adjustment or the balance indication. 

3. The actual positions of the retroreflectors on the satellite 
surface will not be exactly at their true positions, owing to setup, 
machining, and measuring errors. 

4. The true positions determined for the retroreflectors on 
the satellite surface are not theoretically uniformly distributed, but are 
somewhat distorted to provide even centerline-to- centerline spacing 
along the most crowded directions and to provide adequate centerline -to- 
edge distances along the sides of the spherical caps. 

5. The radial location of the retroreflectors will not all be 
identical, owing to machining tolerances and the fact that the geometric 
reference center is not an exact location. 

6. The retroreflectors will be neither exact nor identical. 

Some of these factors are more directly associated with the 
actual satellite accuracy than are others. For instance, the deviations 
of the true positions of the retroreflectors in 4. above are at least 
symmetrical about the satellite and will be taken into account in the 
determination of the overall transfer function. On the other hand, although 
most of the other inaccuracies will exist within certain set limits, they 
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cannot be readily measured or easily identified so that they cannot be 
routinely accounted for and hence must be accepted. 

2. 3. 4. 2 GEOMETRIC ERROR BUDGET 

The allowable overall geometric inaccuracy of the EPS is here 
established to be 1 mm or less and defined as the limit ofthe sum of: 

1. The worst-case combination in any direction of the varia- 
tion in the actual position of the reference point of any retrorefle ctor (the 
theoretical sharp apex formed by the tri-intersection of the three reflect- 
ing faces) with respect to the mean location of the reference point of all 
retroreflectors when referred to a common geometric center for the 
"best-fit" sphere; 

2. the maximum variation of the actual satellite surface from 
the surface of a "best-fit" sphere; 

3. the maximum eccentricity of the mass center from the 
geometric center of the "best-fit" sphere. 

The single reference point common to all three of the above factors is 
the "best-fit" sphere. This is not a physical entity and thus is not 
directly measurable; however, we will define it for our purposes as the 
theoretically perfect sphere having a diameter of exactly 76.200 cm 
(30. 000 in), which most closely represents the actual spherical surface. 

The relative proportions of the 1-mm inaccuracy allotted to 
each of these main factors and a breakdown within each factor of major 
individual contributions are presented in a quantified error budget for the 
geometrical EPS in Table 2 -9 . 

TABLE 2-9 GEOMETRIC ERROR BUDGET 
(mil = 0. 0254 mm = 0. 001 inch) 


1. Variation of Actual Retr oreflector 
Apex Pos ition from Mean Position = 
-v/A^ T B r 

where A = Transverse Variation 
of Apex from True 
Position 

B = Radial Variation of 

Apex from Mean Radial 
Position 

2. Variation of Actual Surface from 
"Best-Fit" Sphere Surface 

3. Eccentricity of Mass Center from 
Geometric Center of "Best-Fit" 
Sphere = (C + D) 

where C = Equivalent Resolution of 
Balance-Trim Adjust- 
ment. 

D = Equivalent Accuracy of 
Balance Measurement 


0.457 mm 

0.381 mm (15 mil) 

0. 254 mm ( 10 mil) 

0. 254 mm 
0. 152 mm 

0. 025 mm ( 1 mil) 

0. 127 mm (5 mil) 


Sum (< 1 mm ) 


(18 mil) 

(10 mil) 
(6 mil) 


0. 8 63 mm (34 mil) 


The relative apportionments Indicated by this error budget 
were determined by judgment of the relative difficulties and costs 
associated with equivalent machining and fabrication tolerances. 

2. 3. 5 MASS AND BALANCE 

The mass restriction of 3628 kg (8000 lb) derives from the 
baseline capability of the launch vehicle for the selected orbit. The 
balance consideration is the result of the accuracy requirement that the i 

centers of mass and geometry coincide within an allowable eccentricity 
of 0. 15 mm (6 mils). 

2. 3. 5.1 MASS CONTROL 4 

The EPS mass will be controlled by maintaining up-to-date 
mass data on all components in the assembled flight satellite and then 
removing from the flat face side of each of the six spherical caps the 
mass required to bring the final assembled mass to agree with the' 
established payload mass. The present design is calculated as 3936 kg 
(8678.5 lb) on the basis of a number of published mas ses for hardware 
and certain assumptions on the density of the uranium material as cast. 

Since this is 308 kg (678. 5 lb) over the currently established baseline 
payload mass, approximately 2725. 2 cm 3 (166. 3 in 3 ) of material must 
be removed from each of the six spherical caps, assuming a density of 
18. 84 g/cm 3 (0. 680 lb /in 3 ) for "dilute U." This is the equivalent of a 
cylindrical cavity of 30.480 cm (12.000 in.) outside diameter by 10.160 
cm (4.000 in. ) ins ide diameter by 4.229 cm (1.665 in. ) deep which will 
readily fit within the spherical cap without degrading its strength or det- 
rimentally altering its thermal profile. 

The present detailed design does not include the necessary 
provisions for implementing this mass-control scheme, since the 
established payload mass limit is not yet considered to be a final num- 
ber, nor has the mass, and hence density, of the cast uranium mate- 
rial been established. Firm numbers for these conditions will not exist 
until the program is into the satellite fabrication phase; at that point, * 

ample opportunity will exist to establish final quantities and their allow- 
able tolerances and then to initiate the final mass-control concept. 

2. 3. 5. 2 BALANCE CONTROL 

The EPS balance, i.e., the eccentricity of the centers of mass 
and geometry, will be controlled by the proper adjustment of three 
counter-masses contained within the cubical inner core along three mutu- 
ally orthogonal - or perpendicular - axes. Each countermass is 
approximately 18. 1 kg (40 lb) and has an adjustment range of +7. 6 cm 
(+3.0 in.) so that an imbalance of approximately 13.6 N-m (10 ft-lb) in 
any direction can be compensated for. Analysis of the potential and 
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probable source and amount of imbalance in the assembled EPS indicates 
that 13.6 N-m (10 ft-lb) of balancing capability will be sufficient. 


The resolution of the coutitermass adjustment to the equiva- 
lent of a 0.025 mm {1 mil) eccentricity of the mass center appears quite simple 
since it requires only 0.5 cm (0.2 in) resolution in the longitudinal motion 
of the countermass or a resolution of only 2 turns of the countermass, 
since it is accuated by a 4 turn/cm (10 turn/in) thread. Likewise, the 

r accuracy of the balance measurement to the equivalent of a 0. 127 mm (5 mil) 
eccentricity of the mass center or total imbalance within approximately 
4. 8 N-m (3. 5 ft-lb) appears to be feasible. 

% Additional discussion of the balance principles, determination, 

technique, and equipment is contained in a later section. 

2. 3. 6 LAUNCH- VEHICLE INTERFACE 

Considerations of the interface between the launch vehicle 
(L/V) and the EPS design, other than allowable payload weight, encom- 
pass four specific areas: 

1. The geometry of the payload support on the launch vehicle 
and its ejection from it. 

2. Orbital altitude, pressure, thermal and radiational environ- 
ment, micrometeoroid impact, etc. 

3. The influence of the launch environment such as mechan- 
ical vibration, acoustic energy, acceleration, and time- dependent 
pressure and thermal profiles. 

4. Satellite spin, spin rate, and spin-axis orientation. 

L/V interface considerations for this limited study have been based on 
the probable use of a Saturn IB launch vehicle. 

2.3.6. 1 GEOMETRIC L/V INTERFACE 

The geometric L/V interface for the EPS is very simple and 
straightforward. It has been established to be the external spherical 
surface of the satellite as mutually agreed upon by those responsible for 
the L/V and by SAO as the agency responsible for the EPS. This 
requires that the payload support structure and ejection mechanism 

* (PSS/EM) be designed to bear only against the outside spherical surface 
of the EPS and in a manner that does not damage the surface or structure. 

There is the limitation, however, that the satellite handling rig designed 
by SAO and utilized to place the satellite into the PSS/EM cannot encroach 

* on the space below a horizontal plane intersecting the sphere at the 
equivalent of 35° S latitude. This will ensure no mechanical interference 
when the payload is mated to the launch vehicle. 

An additional requirement that enters into the EPS-L/V inter- 
face definition and that must be taken into consideration in the PSS/EM 
design is a spin of a given rate and with a preferred spin-axis orientation 
be imparted to the EPS. This requirement is discussed in detail in a 
later portion of this section. 
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A secondary aspect of the EPS-L/V interface is that thePSS/EM 
must mechanically enclose the EPS and protect it with a pressurized 
atmosphere of contaminant-free inert gas from the time that it is mated 
with the L/V until orbit injection. 

2. 3. 6. 2 ORBIT L/V CONSIDERATIONS 

The selected orbit does not impose any serious limitations on 
the EPS design beyond the usual outgassing, long-term radiation exposure, 
nominal thermal environment, and micrometeoroid considerations. Since 
the satellite is passive, many of the usual orbital considerations are not 
applicable or exert only a minimum influence. 

Outgassing will be controlled by strict quality assurance of ^ 

cleanliness during fabrication, assembly, testing, and handling and by 
the selection of "clean" materials for the actual satellite hardware. All 
materials selected for the EPS (uranium, aluminum, stainless steel, 
fused silica, and Teflon) have very low vapor pressures and are con- 
sidered to be adequately "clean" in terms of outgassing for the expected 
long orbital lifetime. 

Long-term exposure to solar radiation and to the Van Allen 
belt has been determined to have no detrimental effect on the uranium 
core material (see Table 2-7 ), and it is likewise not expected to affect 
in any way the aluminized spherical surface of the satellite. As discussed 
in an earlier section, the fused silica material for the retr orefle ctor s 
will be specifically chosen to minimize any radiational effects upon it; 
in addition, specific samples of the retroreflector material will be tested 
in an accelerated manner to verify that the expected radiation will not 
cause detrimental effects such as discoloration and transmissibility 
reduction. 

The thermal environment imposed on the EPS is not particularly 
severe for a passive satellite. The thermal analysis shows that satisfac- 
tory passive thermal control can be provided for a spinning EPS by the 
proper choice of certain satellite and material parameters within a reason- 
ably wide range of values and that, even for a nonspinning satellite, the 
proper values within these ranges can still result in satisfactory thermal 
control. 

i 

The problem of micrometeoroid impact on the EPS is a poten- 
tially serious one in terms of the expected long useful orbital lifetime. 

Such micrometeoroid action will undoubtedly cause a gradual mechanical 
deterioration of the surface of the retroreflectors and thereby reduce # 

their optical efficiency. No quantitative predictions have yet been made 
of the probable rate of this action and, hence, of the useful lifetime of 
the EPS, but it is considered that the satellite will be useful for signifi- 
cantly more than 10 years. As this gradual decay of optical retroreflec- 
tion efficiency occurs, equal or greater compensating increases in the 
ground-based laser transmitting and receiving equipment will undoubtedly 
take place so that a greater useful lifetime is likely. 
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All schemes considered to date for eliminating, or even 
slowing down, the micrometeoroid action suffer from exactly the same 
result. Any protective "window" must be transparent to visible optical 
wavelengths, but the transparency of all such known materials will be 
also degraded by micrometeoroid action. Consequently, we are resigned 
to accepting this apparently inevitable conclusion and allowing the EPS 
useful lifetime to thereby cease when it will. 

2. 3. 6. 3 LAUNCH ENVIRONMENT 

The launch environment will primarily impose mechanical and 
acoustic vibration, shock, and acceleration on the EPS. In addition, the 
launch will impose time-dependent thermal and pressure profiles on the 
satellite but it is considered that these will have no effect since the pas- 
sive EPS is a large thermal mass, is relatively well insulated within its 
pressurized PSS/EM, and contains no temperature- nor pressure-sensi- 
tive components. 

Preliminary estimates based on L/V and PSS/EM analyses 
indicate that vibration, shock, and acceleration levels will be reasonably 
low. Maximum vibration input levels are anticipated to be in a range up 
to 1 5 to 20 G's with the first natural frequency of the PSS/EM at approx- 
imately 11 Hz in the axial mode and 19 Hz in the transverse mode. Accel- 
eration values have been predicted to be at about the 5-G level. 

The EPS as currently designed has been checked for suscept- 
ibility to vibration and acceleration. Analysis and tests on similar retro- 
reflector mountings for the lunar array indicated that no problems will 
exist in this area for the EPS at the expected vibration input levels and 
frequencies. Initial analysis indicates that the only location to be con- 
cerned about is the interface between the cube core and any one of the 
spherical caps. Two modes of vibration- induce d resonance may occur: 
the cap, as a solid body, may resonate against the four hold-down bolts 
as springs; and the cap may resonate in its first dish-like bending mode. 
Initial calculations show that the natural frequency for the former mode 
will be on the order of 7 00 Hz, and for the latter about 6 00 Hz. Exper- 
ience and judgment indicate that both modes would have relatively high 
damping due to energy absorbing phenomenon such as friction. 

Also, the tightening torque on the four hold-down bolts for 
each cap provides sufficient pretension that cap separation will not occur 
at acceleration levels below about 35 G's. 

The natural frequencies of both of the potential EPS resonant 
modes are well above the high transmission band of the PSS/EM, as 
indicated by the low axial and transverse first natural frequencies. The 
EPS, being a very large concentrated mass, will remain relatively sta- 
tionary, while the PSS/EM will absorb the vibrational energy transmitted 
from the L/V. 


Although no specific analysis has been undertaken, these 
results indicate that there will likely be no problems with random or 
acoustic vibration inputs. 

The area of the EPS least immune to shock will be the retro- 
reflectors, but prior experience on the lunar retroreflector array indi- 
cates that this will not be a problem. Acceleration is likewise considered 
not to be of consequence to the retroreflector s or any other portion of the 
satellite* 

2. 3. 6. 4 SPIN CONSIDERATIONS 

The questions of whether to spin or not to spin the EPS and, if 
spin, what spin rate and what spin- axis orientation are difficult to 
answer. A spinning satellite with proper rate and axis orientation pro- 
vides the optimum thermal environment for the retroreflector s , but with 
too slow a rate or the wrong axis orientation, the thermal environment 
quickly worsens for particular groupings of retroreflectors. On the 
other hand, a spinning EPS with an oriented axis will subject a certain 
band of retroreflectors to greater exposure to other potentially detri- 
mental effects, such as solar radiation and micrometeoroid impact. 

F urthermore, if the EPS is injected into orbit with a given 
spin rate and axis orientation, it will be exposed to influences that can 
significantly change its spin rate and spin-axis orientation over its 
extended lifetime. Eddy-current damping due to the earth's magnetic 
field will cause a gradual decay in spin rate, while other forces such as 
solar photon pressure may affect the spin rate in either or both directions, 
depending on the geometric imbalance of the EPS and other nonsymmetri- 
cal factors. These forces may also cause precession of the spin axis so 
that the spin-axis orientation is likely to change considerably over the 
satellite's lifetime. 

All these detrimental effects are significant in that they affect 
some preferential group or band of retroreflectors differently from 
others; this, in turn, causes a bias in the laser return signal that will 
be extremely difficult to detect or correct. As a result, a preferable 
satellite motion would be a random tumbling that would subject the EPS 
to random disturbing influences only and thus presumably balance out all 
of the problems discussed above for the lifetime of the satellite. Such a 
desired tumbling motion is considered difficult if not impossible to 
achieve, and any attempts are likely to result in an overly complicated 
ejection mechanism or require unattainable maneuvers from the final 
L/V stage, and lead to only an approximation to true random tumbling 
motion in the end. 

Consequently, we have proposed, for the purposes of this 
limited phase-B study, to require for the EPS at orbit injection a spin 
rate and a spin- axis orientation based only on considerations of the 
short-range thermal environment. This requirement is for a minimum 
spin rate of 0. 1 RPM and a spin-axis orientation normal to the ecliptic 
plane within 3°. It is evident, however, that more analysis and study 
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must be undertaken to determine the overall optimum orbit-injection 
motion and any potential passive means for stabilizing or controlling it. 

2.4 THERMAL ANALYSIS 

It was recognized early in the EPS program that a thorough 
thermal analysis would be required to understand fully and to prepare 
r adequately for the thermal interaction of the massive uranium core and 

the precision retroreflectors during the lengthy orbital lifetime. For 
the Phase B studies the thermal analysis was restricted to an initial 
overview of the thermal situation for the EPS in orbit and to several 
* specific worst cases for the ther mal/optical performance of retro- 

reflectors. The results have generated guidelines for a number of 
specific design decisions and have verified that adequate optical per- 
formance can be obtained from the retroreflectors even for extreme 
conditions . 

2. 4. 1 GENERAL THERMAL CONSIDERATIONS 

Since the EPS is a completely passive satellite, only passive 
means to control temperatures in critical areas are possible. On the 
other hand, the allowable temperature limits are generally broader than 
for active satellites. Additionally, because of the very simple, sym- 
metrical geometry of the EPS, the thermal analysis resolves into a 
reasonably straightforward problem, with the thermal influence on the 
optical performance of the retroreflectors becoming the governing 
criterion. 


Accordingly, the results of the thermal analysis can be 
readily separated into two distinct categories: (1) the thermal aspects 

of the core, and (2) the thermal aspects of the retroreflectors. These 
are covered in more detail in the following sections. 

2.4.2 CORE 

The average temperature of the core is the equilibrium tem- 
perature established when the energy absorbed by the EPS from the sun, 
earth, and moon is balanced by the energy radiated into space. Since 
by design the EPS is spherically symmetrical in all respects, the 
average temperature of the core is independent of the satellite's orien- 
tation, i. e. , whether the satellite is spinning or not and whatever the 
pointing direction of the spin axis is. However, for a nonspinning 
satellite or one whose spin axis is not oriented properly with respect 
to the sun, there will be temperature gradients established through the 
core, even though the average temperature will be the same as before. 
However, these gradients appear to be within acceptable limits. 
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The amounts of energy absorbed and radiated by the core and 
hence its temperature are highly dependent on the characteristics of the 
spherical surface not covered by retroreflectors and on the thermal 
coupling of the retroreflectors to the core. Using reasonable ranges 
for these parameters, the average core temperature will be maintained 
satisfactorily at approximately 0°C or slightly colder and that the maxi- 
mum temperature gradient across a solid core under the worst condi- 
tions would be only about 6°C. The core thus becomes a stable, nearly i 

isothermal heat sink independent of the satellite orientation and thereby 
tends to minimize any thermal effects on the retroreflectors that would 
result from a varying ambient temperature. 

There appear to be no additional significant temperature 
gradients within the core due to the interfaces between the several 
component pieces that make up the spherical core, provided reasonable 
interface surface pressures are maintained; this condition is ensured by 
the pretensioning of the assembly bolts to provide satisfactory survival 
of vibration during the launch. 

The spherical surface need have only a low solar absorptance- 
to-emittance ratio to ensure that these thermal conditions exist. The 
optical reflecting characteristics to provide reflected sunlight tracking 
capability appear to be compatible with the low absorptance-to- emittance 
ratio surface and can be reasonably achieved by several candidate surface 
finishes. A textured surface of nickel or aluminum will satisfy both 
requirements, and either can be readily applied to the uranium core. 

Aluminum would appear to be the better choice. 

2.4.3 RETROREFLECTORS 

The retroreflectors, being the most operationally critical 
part of the EPS, are also the most thermally influenced. 

The degradation of the retror eflector optical characteristics 
depends basically on the temperature gradients that exist within them, 
both radially and axially, but is generally independent of their average 
temperature level. On the other hand, the average temperature level 
of the retroreflectors is coupled to the core temperature in that they * 

provide a significant path for EPS energy loss due to thermal radiation 
to space. 

2. 4. 3.1 AVERAGE RETROREFLECTOR TEMPERATURE * 

The retroreflector average temperature does not influence its 
optical characteristics to any significant degree and hence is not as 
important a factor as are the temperature gradients within the retro- 
reflectors. However, since the retroreflectors occupy one-half of the 
EPS surface, their average temperature is involved in the overall 
energy balance for the system and hence must be reasonably controlled. 

Since the retroreflectors will have a lower absorptance-to-emissivity 
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ratio than will the remainder of the core surface, their average tem- 
perature will generally be lower than that of the core. Thus, they 
essentially cool the core by reradiating the energy it receives. 

This energy is transferred from the core to the retroreflectors 
by the thermal coupling of the retroreflectors to the core. There are two 
basic paths: the conductive path through the mounting tabs, and the 
radiative coupling between the back surfaces of the retroreflectors and 
the enclosing surfaces of their cavities. The latter path is purposefully 
minimized to reduce axial gradients as discussed in the next section; 
the conductive path is thus the only means of controlling the overall 
thermal coupling. However, the considerable range in the conductivity 
of this path will result in satisfactory average temperatures as well as 

* proper radial thermal gradients. Calculations indicate that a range of 
nearly 2 orders of magnitude in the retroreflector-mount conductance 
results in only about a 50% change in thermal energy transferred from 
the core to the retroreflectors. This relatively small range of energy 
transferred produces in turn satisfactory average temperatures of the 
retroreflector and also results in radial thermal gradients in the retro- 
reflector that are both small enough and in the proper direction. 

The assurance that the mount conductance falls within this 
acceptance range must be demonstrated by thermal simulation testing. 

2.4. 3. 2 TEMPERATURE GRADIENTS OF THE RETROREFLECTORS 

The optical performance of the retroreflectors has been deter- 
mined to be much more influenced by temperature gradients within the 
retroreflector than by its average temperature. This is due mainly to 
the fact that the retroreflector optical material — in this case, fused 
silica, but also true for all optical materials — exhibits a change of 
refractive index with temperature, dn/ dT. Although this is a small 
effect, the optical performance can be significantly affected. 

An average temperature change will alter the index of refrac- 
tion everywhere within the retroreflector on an equal basis and hence 
will change the speed of the entire optical wavefront equally as it pro- 
gresses through the retroreflector, hence producing no differential 
effect that would cause wavefront distortion and that would, in turn, 
f degrade optical performance. On the other hand, temperature gradients 

within the retroreflector material will produce ref r active- index gradients 
that will affect different portions of the wavefront differently as it pro- 
gresses through the retroreflector. This results in wavefront distortion 

* that, in effect, alters the optical performance. 

From a comparison of different rays, such as a central ray 
and an edge ray, through a retroreflector in a geometric ray-tracing 
exercise, it is obvious that the effects of symmetrical radial gradients 
in the index of refraction on an incident wavefront filling the aperture 
always tend to cancel out, whereas those due to axial gradients are 
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additive and hence do not cancel out. Consequently, it is most important 
that the axial temperature gradients be maintained at a satisfactorily 
low level, while the magnitude and direction of the radial temperature 
gradients are also controlled. 

The thermal analysis shows that even a 2°C gradient 
from the apex to the entrance face of a retroreflector will spread the 
return beam to the extent that the central irradiance will drop to half of 
its original value and will essentially fall to zero at a 5° C difference. 

Hence, in an application such as the EPS where high efficiency of the 
reflected energy and close control of its return direction are required, 
all means to minimize the axial temperature gradients in the retroreflec- 
tor must be employed. 

4 

Further calculations show that this can be effectively 
accomplished by minimizing the radiative coupling between the back 
surfaces of the retroreflector and the surrounding cavity walls of the 
core. Providing both these surfaces with a low-emissivity coating ful- 
fills this requirement. This is ensured if the aluminized back side is a 
highly reflective, low-emissivity surface not covered by a protective 
overcoating as is conventionally done and if the surrounding core surfaces 
of the cavity walls are also aluminized. 

Although the effect of the radial temperature gradients on the 
optical performance of the retroreflector is not as pronounced, proper 
choice of mounting conductance ensures satisfactory magnitude and 
proper direction so as not to degrade materially the performance. The 
analysis indicates that such a s ituation will exist within the previously 
mentioned wide acceptable range of mount conductances. 

2. 4. 3. 3 THERMAL /OPTICAL INTERACTION 

The thermal influence on the optical performance of the 
retroreflectors is critical: the analysis shows that it can be satis- 
factorily controlled by ensuring that axial temperature gradients are 
minimized and that radial gradients are in the proper direction and main- 
tained to a reasonable magnitude. Nonetheless, some gradients will 
exist and their influence on the optical performance of the retroreflector 
must be understood. 

Consequently, the theoretical far-field diffraction pattern t 

was derived for retroreflectors of the type to be used - i.e., solid 
fused silica with aluminized reflective surfaces and slightly opened 
dihedral angles - under expected as well as extreme thermal conditions. 

The results are machine plotted as three-dimensional representations * 

of the intensity of the far-field, return-beam diffraction pattern over 
the lateral plane normal to the beam axis; the plots appear as Figures 
4 through 11 in Reference 1. These plots show that, for retro- 
reflectors having specific deviations of the dihedral angle the return- 
beam energy at the selected beam-spread angle (to compensate for the 
velocity aberration) does not vary beyond what appear to be reasonable 
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limits except possibly for the case of a retroreflector looking at free 
space from a nonrotating satellite. These results are encouraging but 
not necessarily conclusive and hence must be confirmed by an experimental 
effort using prototype hardware items. 

2.4.4 THERMAL CONCLUSIONS 

The conclusions resulting from the thermal analysis are 
basically as follows: 

r 1. Temperature gradients within the retroreflector s will 

degrade their optical performance, but their thermal environment can ' 
be properly controlled, with the result that satisfactorily high optical 
performance can be attained. 

*■ 2. Proper control of the thermal environment of the retro- 

reflector can be achieved within the operational requirements of the EPS 
with a reasonably wide range in several of the more critical aspects such 
as the conductance of the retroreflector mounting and the EPS spin rate 
and spin-axis orientation. 

3. There are no critical thermal problems within the core 
itself, and several potentially suitable finishes for the spherical surface 
have been identified. 

4. There is a definite need to determine more precisely by 
experiment the quantitative values of several of the more important 
parameters involved in the overall thermal picture so that a more 
accurate prediction can be made of in-orbit performance. These include 
measurements of the solar absorptance and infrared emittance of the 
actual surface treatment to be used, a more thorough analysis of the 
thermal/optical performance of retroreflectors under all expected opera- 
tional conditions, and an experimental verification of that thermal /optical 
performance based on simulated orbital conditions imposed on prototype 
hardware items. 

2. 5 DETAIL DESIGN 

On the basis of the requirements, design considerations, 
and thermal analysis, a detailed design for a EPS has been completed. 

It is represented by the assembly drawing and the group of detail fabri- 
cation drawings , along with the associated specifications, available upon 
request. 

2. 5. 1 CORE DETAILS 

Detail drawings of main core items include the spherical cap 

* E-CBS-101 (Fig. 2-23), the cube core E-CBS-102 (Fig. 2-27), the balance 

counterweight C-CBS-103 (Fig. 2-28), and the shear pin C-CBS-104 
(Fig. 2-29). Additional special hardware items associated with the core 
are presented in drawings B-CBS-109 through -111 (Figs. 2-30 through 
2-32). All these core items are shown in the drawing of the assembled 
core E-CBS- 100. Additional standard hardware items are shown on 
drawings CBS- 106 through -108 (Figs. 2-33 through 2-35). Self-locking 
stainless -steel screw-thread inserts are specified for all threaded holes. 
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FIGURE 2-27. CUBE CORE 
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FIGURE 2-28. BALANCE COUNTERWEIGHT 
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FIGURE 2-31. BUSHING 
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FIGURE 2-33. RETAINER RING 
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FIGURE 2-34. LOWER SEAT 
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The assembly drawing clearly indicates the spherical core 
consisting of the cubical inner core and the six spherical caps and the 
shear pin and the bolted construction for their assembly. It also shows 
the balancing counterweights in place and the method employed for lock- 
ing them after adjustment. 

The specifications associated with the core are given in the 
following: A -CBS- 190, which specifies the basic depleted uranium core 
« material; A- CBS- 191, the general finish required on the depleted uranium 

to control satisfactorily its oxidation during fabrication, assembly, test- 
ing, and until orbit injection; A- CBS- 1 92, the particular finish for the 
core spherical surface required to permit optical tracking and to produce 
the proper thermal environment; A- CBS- 197, the finish for the cavity 
surfaces necessary for proper thermal control; and A-CBS-193, the 
necessary handling, cleanliness, identification, and packaging require- 
ments. It is anticipated that these specifications, especially those of 
A-CBS-192 and -197, will be updated after results are available from 
actual thermal testing of preprototype hardware items. 

2. 5. 2 RETROREFLECTOR DETAILS 

The retroreflectors are completely specified by drawing 
C-CBS-105 and by associated specifications A-CBS-194, which calls out 
the retr oreflector fused silica material; A-CBS-195, the reflectance 
coating to be applied to the three back surfaces of the retroreflector ; and 
A-CBS-196, the performance requirements of the retroreflector. The 
general specifications of A-CBS-193 also apply to the retroreflectors. 

It is anticipated that these specifications will be revised 
according to the results of optical /thermal testing and the final outcome 
of the overall transfer-function analysis for the reflected laser beam. 

2. 5. 3 RETROREFLECTOR MOUNTING DETAILS 

The mounting of the retroreflector s in their cavities is shown 
in the large-scale detailed assembly view on the overall assembly draw- 
ing E-CBS-100, along with the necessary assembly instructions. The 
required hardware items for the mounting are shown in detailed drawings 
w C- CBS- 106 through -108 while the cavity details are shown on drawing 

E-CBS-101 of the spherical cap. Although not anticipated, the retro- 
reflector mounting may change in some small details as a result of the 
optical/thermal and vibration testing on preprototype hardware items. 

* 2.5.4 OTHER DESIGN DETAILS 

One goal of this limited study program was to evolve a com- 
plete detail design for a EPS satellite. This has been done within the 
limitations discussed; however, because of the definition of this phase-B 
program, a number of design tasks have had to be postponed until the 
initial phase of the EPS fabrication. These include the detailed and 
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assembly drawings for the dummy satellite and the required detail design 
and drawings for the several special tools required and the necessary 
handling jigs and fixtures. 

2.6 MANUFACTURING 

Manufacture of the flight satellite and the dummy satellite will 
be conducted according to the plans presented and discussed in Volume III 
of this study. 
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SECTION 3. PAYLOAD SYSTEMS PRELIMINARY DESIGN 


3. 1 PAYLOAD SHROUD 

3.1.1 PAYLOAD SHROUD CONFIGURATION 

The payload shroud configuration selected as a baseline for this 
study consists of the Apollo Spacecraft LM Adapter (SLA) and an existing 
nose cone of the AS-Z04 configuration, as shown in Figure 3-1. The 
major considerations for the selection of this configuration are as follows: 

(a) The required shroud components are existing flight-qualified 
hardware and can be utilized without modification. 

(b) The resulting vehicle external configuration is the same as 
AS-204 for which aerodynamic and flight data are available. 

(c) The SLA provides a suitable structural interface, through 
the four LM support points, for the payload support structure. 

(d) The resulting shroud weights are compatible with the 
Saturn IB vehicle performance capability and the target satellite weight. 

3. 1.2 SATELLITE SUPPORT STRUCTURE INTERFACE 

The existing LM holddown support fittings, located on the lower 
section of the SLA, were selected for support and holddown of the 
Satellite support structure. This holddown fitting is shown in Figure 3-2. 
The only modification that may be desirable is the replacement of the LM 
separation devices on the holddown fittings with non-ordnance devices. 

3.1.3 LAUNCH VEHICLE STRUCTURAL INTERFACE 

The SLA, which supports the Satellite structure, structurally 
interfaces with the forward end of the Instrument Unit. This interface 
is structurally the same as used on the Apollo flights. There are no 
modifications required for this interface. 

3. 1.4 PAYLOAD SHROUD SEPARATION SYSTEM 

Two separations are required for this configuration, both of 
which are flight qualified. The first separation involves the ejection of 
the nose cone from the SLA. The nose cone /SLA separation interface is 
shown in Figure 3-3, and is the same design as used on the AS-204 vehicle. 


3-1 


206 NOSE CONE 



PAYLOAD SHROUD CONFIGURATION 



FRANGIBLE LINK. CONNECTOR 



FIGURE 3-2. LM SUPPORT AND HOLDDOWN FITTING 



NOSE CONE 



3-4 


FIGURE 3-3. NOSE CONE /S LA SEPARATION INTERFACE 





After the nose cone is ejected , the upper portion of the SLA is 
divided into four equal panels and ejected by the SLA separation system 
to expose the Satellite for ejection. The SLA separation system is 
suitable as currently exists and no modifications are required for this 
payload application. 

3.2 SATELLITE SUPPORT SYSTEM 

3.2.1 STRUCTURAL SUPPORT SYSTEM 

As described in 3. 1.2, there are four points available in i e 
SLA for the introduction of the payload support loads. The support 
structure consists, therefore, of a set of two built-up I-beams which 
intersect each other at the center of the vehicle cross section, as shown 
in Figure 3-4. The upper and lower flanges of these beams are supported 
against lateral buckling by tie rods, also shown in Figure 3-4. In addition, 
these tie rods improve the distribution of horizontal loads from the 
Satellite (i.e. , at the point of intersection of the cross beams) into the 
four support points by reducing the local support point loads to amounts 
compatible with their capability. At their point of intersection, the 
beams are penetrated by a tube enclosing the payload-ejection system. 

As shown in Figure 3-5 and Figure 3-6, the required load paths around 
the resulting '/.ole ure provided by gusset plates for the top and bottom 
flanges, and by th> tube with attachment fins for the webs, the tube having 
a somewhat larger diameter than the ejection tube. 

The upper gusset plate is provided with a bearing surface which 
guides the ejection tube, and at its four outer ends it is designed to 
provide the contact pads for the payload support frame and ejection 
structure. The lower gusset plate has a circular cutout for the payload 
release mechanism. 

The outer ends of the beams are provided with fittings designed 
to adapt to the existing support and holddown fittings of the lower SLA. 

3.2.2 SATELLITE SUPPORT STRUCTURE AND EJECTION MECHANISM 

The spherical satellite is supported at four points which are located 
45 degrees below its equator, as shown in Figure 3-7. The cruciform 
structure, which interconnects these points underneath the sphere, consists 
of machined aluminum parts which are welded together. An aluminum 
tube, 190 mm (7. 5 in. ) in diameter is welded to the center portion of the 
cruciform structure and extends downward through the main support beams. 
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FIGURE 3-4. STRUCTURAL SUPPORT SYSTEM 








3-9 


FIGURE 3-7. SATELLITE SUPPORT AND HOLDDOWN STRUCTURE 






The diameter of the support pads for the satellite is made rather large 
to ensure sufficient contact area with the unperforated portion of the 
satellite surface. To allow for small angular deviations between support 
structure and satellite due to deflections under the various g-loads, the 
interfaces between pads and support structure are spherical. Each pad 
is held to the support structure by leaf springs which permit slight 
angular changes but prevent the pads from flying away at Satellite 
separation. 

Four identical holddown arms, one of which is shown in 
Figure 3-7, are provided to hold the Satellite in place against lateral 
and negative g-loads. These arms are hinged near the support pads at 
the outer ends of the cruciform support structure. Close to the upper 
end of each holddown arm is located a screw-type fixture to which a 
pad is attached which is of the same type as those used for the main 
support. This fixture provides for applying the amount of preload 
necessary to prevent the Satellite from lifting off its lower support 
points under any loading condition. 

The arm itself is not curved but has straight members between 
the break points in order to achieve a minimum arm deflection under the 
preload applied at its end. The cross section of the arm has the shape 
of a T ; its inner and outer flanges are machined pieces interconnected 
by a sheet metal web and sheet metal ribs. 

The outer support at the lower end of the arm consists of a 
bearing surface only, which rests against a small pedestal mounted on 
the main support beam. This arrangement has the following purpose: 
Immediately after Satellite release, when the entire Satellite support 
structure begins to move along its vertical axis, the bearing face at the 
outer end of the arm begins to slide towards the vehicle center, and slips 
off the pedestal after a Satellite travel of approximately 50 mm. That 
makes the entire holddown arm free to rotate away from the Satellite 
and clear its way for ejection. Although the outward motion of the arms 
may already be achieved by the acceleration of the ejection process and 
the preload stresses, it is expected that additional spring action is 
required. At this time, no investigation has been made whether the 
spring action of the preloaded and now released holddown arm is sufficient, 
or whether a separate spring is needed. If the latter should be the case, 
such a spring can be easily added. A honeycomb crush pad is provided 
at the foot of the pedestal to absorb the impact of the arm and prevent 
rebound. 


For installation of the sphere on the Satellite support structure, 
the arms are completely removed by taking out the bolts at the arm hinge 
points. This provision precludes the Satellite handling ring from having 
any support structure related restrictions. 

For ejection, the Satellite support structure is released by the 
mechanism shown in Figure 3-8. The ejection spring, which is located 
inside the 190-mm-diameter tube, rests with its lower end at the bottom of 
a cup-like element. This cup is screwed into the lower end of the larger 
diameter tube which provides the shear -tie among the webs of the main 
support beams. Two parallel ribs extend across and below the cup 
bottom. These ribs support hooks which engage into respective cutouts 
in the ejection tube. The geometrical relation between the contact face 
between each hook and the tube, and the hook's pivot point is such that a 
tensile load in the 190-mm-diameter tube will rotate the hook in an out- 
ward direction. A linkage system, which connects the lower ends of the 
hooks and provides a tie to a pin puller, prevents such motion as long as 
the pin puller is in an extended position. Activation of the pin puller 
eliminates the central support of the linkage system, and the hooks will 
release the ejection tube. The two-pronged lower extension of the cup 
ribs ensures a symmetrical motion of the hooks, and, therefore, the 
proper release of the tube. 

The spring, which is located inside the 190-mm-diameter tube, 
will then push the Satellite support structure, and through it the Satellite, 
in an upward direction. Stops for stroke limitation, and guides for 
proper motion of the ejection tube are provided for in the space between 
the two tubes . 

As currently defined, the ejection spring characteristics are as 
indicated in Table 3-1. 


TABLE 3-1. EJECTION SPRING 

CHARA CTERISTICS 

COIL DIAMETER 

152 mm 

WIRE DIAMETER 

9 • 5 mm 

STROKE 

420 mm 

AVERAGE LOAD 

59994 N 

EJECTION VELOCITY 

0.6 m/sec 
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3. Z. 3 


SATELLITE EJECTION SYSTEM ORDNANCE AND 
ELECTRICAL SYSTEMS 


3. 2. 3. 1 ORDNANCE SYSTEM CONCEPT 

As described in 3.2.2, the Satellite ejection system incorporates 
a pin puller as the device to initiate ejection of the Satellite. The ordnance 
system associated with the pin puller is illustrated schematically in 
Figure 3-9. Although a single pin puller is utilized, complete redundancy 
is provided in the ordnance system and the pin puller incorporates dual 
pressure cartridges for redundant actuation. A second pin puller could 
be incorporated by providing a second release point within the release 
mechanism linkage, but is considered to be an unwarranted complication 
at this time. As currently defined, all components in the system have 
off-the-shelf availability. 

3. 2. 3. 2 EXPLODING BRIDGEWIRE (EBW) FIRING UNIT 

As indicated in Figure 3-9, the ordnance system is initiated by 
Exploding Bridgewire (EBW) firing units which deliver high-energy pulses 
to fire the pyrotechnics. The EBW requires 28 Vdc for operation and a 
28-Vdc trigger signal. The EBW does not contain explosives and does not 
require special storage or handling. The unit is illustrated in Figure 3-10. 

When power is applied to the EBW firing unit, a 1-microfarad 
capacitor is charged to 2300 Vdc through an oscillator and step-up trans- 
former. A 4. 8 -Vdc monitor signal is provided to telemetry for ground 
and in-flight monitoring. A 28-Vdc trigger signal supplies a spark 
voltage to a three -element gap tube through a second oscillator and step- 
up transformer. The gap tube delivers the stored capacitor energy into 
a small diameter, low resistance wire. The wire fuses and vaporizes to 
create high temperatures and a shock wave which detonates a confined 
detonating fuse (CDF). 

3. 2. 3. 3 ELECTRICAL POWER 

Electrical power is provided by one 3 -ampere -hour silver -zinc 
primary battery. Physical size of the battery is indicated in Figure 3-10. 
The battery is sized to deliver 25 milliamperes to the two EBW firing 
units for 10 minutes of prelaunch tests and 140 minutes in orbit. The 
battery is assumed to operate to an 80-percent depth-of-discharge, and 
an allowance of 5 percent is made for a line loss between the battery 
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FIGURE 3-9. EJECTION SYSTEM ORDNANCE SCHEMATIC 
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FIGURE 3-10. EBW FIRING UNIT AND POWER SUPPLY 




and the EBW. A 50-percent contingency is added to account for self- 
discharge after activation, temperature effects, and possible additional 
telemetry or signal conditioning power requirements. With allowance 
for a 5 -percent line voltage loss, voltage to the EBW firing units will 
be approximately 32 Vdc at full charge and 27 Vdc at 80 percent discharge. 

3. 2. 3. 4 ELECTRICAL INTERFACE 

The EBW firing unit and battery interface with the IU for in- 
flight control and monitoring and with the SLA umbilical for preflight 
operations. It is assumed that existing wires at the IU interface and 
SLA swing arm can be utilized for the EBW. Wiring for one EBW and * 

one battery is shown in Figure 3-11. Duplicate control and monitor 
signals are required for operation of the second EBW from the IU, but 
the ESE control shown can operate both units. 

Prelaunch power is furnished from ESE power supply 7D110. 

Existing AWG 14 control wire on the swing arm will be adequate for 
the expected 28-Vdc EBW load of 4 amperes starting current and 0.5 
amperes operating current. Ground power is applied to the EBW and 
pulse sensor during simulated flight tests. "Lift-off" and "Arm" com- 
mands are given from the IU switch selector and the "ESE Power On" 
command is given by ESE command. The relay coils are for latching 
relays. The relays are of the latching type with a set and reset coil. 

The relay contacts are shown in position, assuming the coil marked 
with a dot was energized last. An "ESE Power On" indicating light is 
required to determine the position of the relay. The EBWs are fired 
by switch selector command into an EBW pulse sensor. If both units 
fire, an indication is supplied to the ESE. The pulse sensor is removed 
prior to launch. 

3.3 SATELLITE ANTI-CONTAMINATION SYSTEM 

3. 3. 1 ANTI-CONTAMINATION SYSTEM CONCEPT 

« 

Prior to and during launch, the Satellite is subject to a contami- 
nating environment that could be detrimental to its reflective surfaces. 

The magnitude of the success of the mission can be determined by how » 

well the reflective surfaces are kept clean. Some of the contaminating 
environments include particles present in the atmosphere during launch 
preparation and boost phase; particles produced by shroud separation; 
and particles produced by the S-IVB during the long coast, and during 
maneuvers required prior to release of the Satellite. 
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FIGURE 3 - 11 . EBW ELECTRICAL INTERFACE 













To protect the Satellite against contaminating environments, 
an anti-contamination enclosure and purge system will be required. 

The requirements of the purge system, however, are not well defined; 
therefore, three purge system concepts were considered to cover the 
expected range of requirements. One of these systems is recommended 
as a baseline based on some assumed actual requirements. 

3.3.2 ANTI -CONTAMINATION ENCLOSURE 

The enclosure is essentially a closed cover surrounding the 
Satellite, and serves to contain the purge gas and preclude entrance of 
contaminants. It consists of two major portions: a lower, permanently- 
mounted bowl; and an upper, deployable structural shell. All parts of 
these structures are of lightweight design because the maximum differ- 
ential pressure they have to withstand is only about 1.4 N/cm^ (2 psi). 

The lower bowl consists of thin sheet metal and a ring located 
near the payload support pads and attached to the machined cruciform 
ejection structure as shown in Figure 3-6. The ring has an unsymmetrical 
Cross section which carries the bending and torsional moments resulting 
from the load and support conditions. The upper face of the ring lies in 
a horizontal plane which separates the lower from the upper portion of 
the enclosure, and serves as the interface for the horizontal seal between 
lower and upper parts of the enclosure. 

The upper structure is subdivided into four segments, each of 
which consists of the movable arm described in 3.2.2, and lightweight 
shell structures welded to the arm, as shown in Figures 3-5 and 3-7. 

The sheet metal stiffeners extending along the outer edges of each segment 
in meridional direction are relatively stiff in order to avoid large dynamic 
deflection. The meridional interfaces between the segments are provided 
with seals. One of the segments is equipped with a relief valve which 
limits the pressure differential across the enclosure to about 1.4 N/cm^ (2 psi). 

All seals are attached to the upper, movable segments. They 
are L-shaped, as indicated in cross sections of the enclosure presented 
in Figures 3-12 and 3-13, to ensure proper sealing at the low pressures 
involved. Sealing capability can be improved by proper selection of the 
angle between the legs of the seal profiles, so that they are preloaded 
before any pressure is applied. 
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FIGURE 3-13. ANTI -CONTAMINATION ENCLOSURE - SECTION VIEW 





3.3.3 


ANTI -CONTAMINATION PURGE SYSTEM 


3. 3. 3. 1 GUIDELINES AND ASSUMPTIONS 

In designing a purge system for the Satellite, the following 
guidelines and assumptions were considered: 

(a) The Satellite will be protected from contaminants until it 
is released in orbit. 

(b) Effective use will be made of existing and proven components, 
i.e. , those components used on previous flights or proven by ground tests. 

(c) The purging gas is nitrogen. 

(d) The purging system is assumed to undergo an adiabatic 
irreversible process as a worst case. 

(e) The temperature in all pressurized vessels at launch is 
294. 26° K (530° R). 

(f) The discharge coefficient for all orifices is 0.65. 

(g) The volume of the purge space between the Satellite and 
the anti -contamination enclosure is 0. 1056 cubic meters (3. 728 cubic 
feet). This volume is based on the assumption that the average distance 
between the Satellite and the anti-contamination enclosure is 5.08 cm 

(2 inches).) 


(h) The accumulative leakage area of the anti -contamination 
enclosure shall not exceed 1.6 square centimeters (0.25 square inches). 
Thia total leakage area is assumed to function as an orifice with an 
effective diameter of 1.432 centimeters (0.564 inches). Where appli- 
cable, data presented in this report are based on an anti-contamination 

r enclosure accumulative leakage area of 1. 6 square centimeters. 

(i) The pressure inside the anti-contamination enclosure shall 
not exceed 1.37newt(?ns per square centimeter gage (2.0 psig). The anti- 
contamination enclosure will not be designed to take an excessive pres- 
sure load. 
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3 . 3 . 3 . 2 


PURGE SYSTEMS DESCRIPTION 


During this study, three purge system types were considered 
as possible candidates for use in protecting the Satellite against contam - 
inents : 


o Pressure -regulated system 
o Blow-down system 

o Anti -contamination enclosure pressure release system. 

Each of these will be discussed in detail. 

3. 3. 3. 2. 1 PRESSURE-REGULATED SYSTEM 

A schematic of this system is presented in Figure 3-14. 

With the exception of the pressure regulator, relief valve, and separa- 
tion joint, all components of the system are identical to components 
presently used to supply GN 2 to the gas bearings of the stabilization 
platform in the IU. The pressure regulator is slightly modified for 
application to the purge system. The other two components are rela- 
tively common, and it is expected that a search of components used in 
other space applications will yield suitable, qualified units. The pres- 
sure regulator is modified to sense atmospheric pressure as a reference 
rather than the pressure in the anti -contamination enclosure or the gas 
bearing area in the case of the IU. By sensing atmospheric pressure, 
the pressure regulator is also modified to regulate the gas flow to the 
anti -contamination enclosure to maintain a constant pressure in that 
space of 1 1. 379 N/cm 2 gage (2 psig). 

Figure 3-14 shows the system in the prelaunch purge mode 
of operation. Prior to launch, a GSE N 2 gas supply line and an electrical 
lead line are connected to the purge umbilical plate located on the IU. 

The fill valve is opened by supplying a current of 1. 5 amperes at 24 volts » 

dc from GSE. Current is supplied continually to the valve to keep it open 
until launch. Gaseous N 2 is fed from GSE through the two storage spheres 
up to the pressure regulator. The volume of each storage sphere is 
0.05663 cubic meters (2 ft 3 ). A 2.0 X 10 7 meter (20-micron) filter is * 

installed upstream of the pressure regulator for protection of the regu- 
lator. When the pressure in the storage spheres reaches about 
137. 9 N/cm 2 (200 psi) the pressure regulator will begin to allow gas 
to flow to the anti-contamination enclosure. The pressure regulator is 
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FIGURE 3-14. PRESSURE -REGULATED PURGE SYSTEM 



designed to operate within an inlet pressure range of 137 . 9 N/cm 2 
(200 psi) and 2, 275. 37 N/cm 2 (3300 psi). To maintain a pressure of 
11.514 N/cm 2 ( 16 . 7 psi) in the anti -contamination enclosure while on 
the launch pad, a flow rate of approximately 0. 9557 standard cubic 
meters per minute (33. 75 scfm) through the assumed enclosure leakage 
area of 1,6 cm 2 (0.25 in 2 ) is required. Since GSE will supply gas 
to the storage spheres at a much faster rate than it is being taken out, 
the two storage spheres will be pressurized to approximately 

2, 275. 37 N/cm 2 (3300 psi). To maintain this peak operating pressure 
until launch, GSE will continually resupply the storage spheres. 

At launch (T = 0), the fill valve is closed by opening its ’ 

circuit and the umbilical is separated. During ascent the pressure 
regulator senses the decrease in atmospheric pressure and adjusts the 
flow rate to the anti-contamination enclosure to maintain a constant 
pressure of 1 . 379 N/cm 2 gage (2 psig). Should for some reason 
during the purge the pressure in the enclosure exceed this level, the 
|l. 379 N/cm 2 g a ge (2 psig) pressure relief valve will open to release 
the excess pressure. During the purge, pressure transducers will 
monitor the pressure regulator inlet pressure conditions and the pres- 
sure conditions inside the anti -contamination enclosure. 

After about 75 seconds of flight, the flow out of the enclosure 
becomes choked. At about 130 seconds into the flight, pressure in the 
enclosure levels off at a constant J 1. 379 N/cm 2 (2 psi) with a constant 
flow out the enclosure of 0. 177 standard cubic meters per minute 
(6.25 scfm). The Satellite is released at 7i068. seconds into the flight 
and the amount of GN 2 needed by this system to maintain a purge for this 
length of time is approximately 29.95 kg (66.00 lb). When the Satellite 
is released, the holddown arms are pulled back, taking segments of the 
anti -contamination enclosure with them. The Satellite is then pushed 
forward and the purge supply line is disconnected at the separation joint. 

Table 3-2 presents a mass statement for the pressure „ 

regulated system. 

3. 3. 3. 2. 2 BLOW DOWN SYSTEM 

j* 

A schematic of this system is presented in Figure 3-15. 

The components of this system are identical to the components used in 
the pressure regulated system, except an orifice is used in place of 
the pressure regulator. The GN 2 in the storage sphere blows down 
through the orifice into the anti - contamination enclosure. The function 
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FIGURE 3-15. BLOW DOWN PURGE SYSTEM 



TABLE 3-2. PRESSURE -REGULA TED SYSTEM 

MASS STATEMENT 


Item 

Mass (kg) 

Mass (lbm) 

Fill Valve 

1. 59 

3.50 

GN 2 Pressure Storage Sphere (2) 

42. 19 

93. 00 

Pressure Transducer (2) 

0.46 

1. 00 

Filter 

0. 34 

0. 75 

Pressure Regulator 

1. 02 

2. 25 

Plumbing, Separation Joint, and 
Mis cellaneous 

7. 26 

16. 00 

Pressure Relief Valve 

0.46 

1. 00 

Pressurant GN 2 

29.94 

66. 00 

Total System Mass 

83.26 

183. 50 


of the orifice is to regulate the flow to the anti -contamination enclosure 
and was sized to meet the worst case flow requirement which occurs at 
launch (T = 0). The diameter of the orifice is 0.381 mm (0.015 in.). 

Prior to launch, two GSE N 2 gas supply lines and electrical 
lead lines are connected to the purge umbilical plates located on the IU. 
Two purge supply lines lead to the anti- contamination enclosure. Through 
one line, a purge is provided in the enclosure by GSE while the vehicle is 
on the launch pad. This purge is maintained until launch (T = 0). The 
other line provides a purge to the enclosure during flight by using the on- 
board GN 2 storage sphere. 

The fill valve in the GSE purge line is opened by supplying 
a current of 1.5 amperes at 24 volts dc from GSE. Current is supplied 
continually to keep the valve open until launch (T = 0). The anti-con- 
tamination enclosure is then pressurized to 1 1. 514 N/ cm ^ (16.7 psi) 

by gaseous N 2 fed from GSE. The accumulative leakage area of the 
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enclosure is assumed to be 1. 6 cm^ (0. 25 in 2 ), and this total leak* 
age area is assumed to function as an orifice with an effective diameter 
of 1.432 centimeters (0.564 in.). Under these conditions, the GN 2 
will flow out of the enclosure at the rate of 0.9557 standard cubic meter 
per minute (33. 75 scfm). Thus, GSE must continually replenish this 
loss to maintain a constant pressure of 11.514 N/ cm^ (16.7 psi) in 
the enclosure. 

While the anti -contamination enclosure is being purged by 
the GSE purge supply line, the GN 2 storage sphere is filled through the 
other umbilical. A current of 1. 5 amperes at 24 volts dc is continually 
supplied by GSE to a fill valve downstream and upstream of the storage 
sphere. Electric power is supplied to the upstream fill valve to keep it 
open and to the downstream valve to keep it closed. The storage sphere 
is pressurized with GN 2 to about 2,068.4 N/cm^ (3000 psi). At 
launch (T = 0), the current is removed from the fill valve in the GSE 
purge supply line closing that valve, and that umbilical is separated. 
Simultaneously, the current to the valve downstream of the storage 
sphere is also removed and that valve opens, causing flow to proceed 
out of the storage sphere into the anti -contamination enclosure. 

Figure 3-16 presents a plot of pressure in the anti-contam- 
ination enclosure versus time for the first 150 seconds of flight. 

Figure 3-17 presents a plot of pressure on the anti-contam- 
ination enclosure and atmospheric pressure along the flight trajectory 
versus time for the first 50 seconds of flight. The large decrease in 
pressure shown in the enclosure during the first 5 seconds is due to the 
difference in flow rates supplied by GSE and the storage sphere. At 
approximately 5 seconds, the pressure in the enclosure drops to about 
i. 069 N/cm 2 (0.1 psi) above ambient. After 5 seconds, however, the 
delta pressure between the enclosure and the atmosphere increases. 

Figure 3-18 presents the same plot as Figure 3-17 from 
50 seconds to 150 seconds into the flight. The gas flow out of the 
enclosure becomes choked at approximately 75 seconds. At approxi- 
mately 130 seconds atmospheric pressure is zero. 

Figure 3-19 presents a plot of the pressure in the enclosure 
versus time from 150 seconds to 1000 seconds into the flight. 

Figure 3-20 presents a plot of the pressure in the enclosure 
versus time from 1000 seconds to 8000 seconds. The Satellite is to be 
released at approximately 8000 seconds and at that time the pressure in 
the anti -contamination enclosure is about . 13789 N/cm^ (0.2 psi). 
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FIGURE 3-19. PRESSURE IN THE ANTI -CONTAMINATION ENCLOSURE VERSUS 
TIME FROM 150 SECONDS TO 1000 SECONDS INTO THE FLIGHT 
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Figure 3-21 presents a plot of the pressure in the storage 
sphere versus time from launch through Satellite release. The pres- 
sure in the storage sphere at the time of release is approximately 
172. N/cm 2 (250 psi). 

A 5.0 X 10” 7 meter (20-micron) filter is installed upstream 
of the orifice to prevent the orifice from becoming plugged with foreign 
matter. Pressure transducers monitor the pressure of the gas entering 
the orifice and the pressure of the gas inside the anti -contamination 
enclosure. The relief valve functions as a safety device to release the 
pressure inside the enclosure should it exceed 1. 37895 N/cm 2 gage 
(2 psig). When the Satellite is released, the holddown arms are pulled 
back, taking segments of the anti-contamination enclosure with them. 
The Satellite is then pushed forward, and the purge supply line is dis- 
connected at the separation joint. 

Table 3-3 presents a mass statement for the blowdown 

system. 


TABLE 3-3. BLOW DOWN SYSTEM MASS 

STA TEMENT 


Item 

Mass (kg) 

Mass (lbni) 

Fill Valve (3) 

4. 76 

10. 50 

GN 2 Pressure Storage Sphere 

21. 09 

46. 50 

Pressure Transducer (2) 

0.46 

1. 00 

Filter 

O'. 34 

0. 75 

Orifice 

1.11 

1. 25 

Pressure Relief Valve 

0.46 

1. 00 

Plumbing, Separation Joint, and 
Miscellaneous 

7. 26 

16. 00 

Pressurant GN 2 

13.61 

30. 00 

Total System Mass 

48.09 

106. 00 
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FIGURE 3-21. PRESSURE IN THE STORAGE SPHERE VERSUS TIME FROM 
LAUNCH THROUGH SATELLITE RELEASE 



3. 3. 3. 2. 3 ANTI -CONTAMINATION ENCLOSURE PRESSURE 

RELEASE SYSTEM 

A schematic of this system is presented in Figure 3-22. 

The components of this system are identical to the components used in 
the pressure-regulated system and the blow down system. The require- 
ments of this system, however, are assumed different from those of 
► the other two. First, this system does not require a continuous gas 

flow from a supply source to maintain a purge. Second, a pressure 
over ambient in the anti -contamination enclosure is not required to 
last until the Satellite is released. 

pi 

Prior to the launch, a GSE GN 2 supply line and an electrical 
lead line are connected to the purge umbilical plate located on the IU. 

The fill valve in the purge supply line is opened by supplying it with a 
current of 1 . 5 amperes at 24 volts dc from GSE. Current is supplied 
continually until just prior to launch to keep the valve open. The anti- 
contamination enclosure is then pressurized to 11.51424 N/cm^ 

(16. 7 psi), with GN 2 supplied from GSE, and this pressure is maintained 
by GSE until just prior to launch. During pressurization, the gas flows 
through a 5 . 0 X 10 7 meter (20-micron) filter upstream of the enclosure 
to protect the Satellite from any contaminants that might be present in 
the gas. The anti -contamination enclosure is assumed to be designed 
such that little or no leakage will occur. 

Just prior to launch, the fill valve is closed by removing 
the current, and the umbilical is separated. As the vehicle ascends, 
the atmospheric pressure decreases. The pressure inside the anti- 
contamination enclosure is not to exceed 1. 37895 N/cm^(2 psi) above 
ambient; therefore, a 1.37895 N/cm^g a ge (2 psig) pressure relief 
valve mounted on the enclosure cycles during the ascent to release any 
over pressure. In orbit, the pressure inside the enclosure is constant 
at 1. 37895 N/cm^(2 psi). During the flight, a pressure transducer 
monitors the pressure conditions in the enclosure at all times. 

* 

Should a small leak exist in the enclosure, the purge pres- ' 
sure will probably be lost before the Satellite is released. However, 
should this occur, the anti -contamination enclosure is assumed to 
protect the Satellite sufficiently from outside contaminants. 

When the Satellite is released, the holddown arms are 
pulled back, taking segments of the anti -contamination enclosure with 
them. The Satellite is then pushed forward, and the purge supply line 
is disconnected at the separation joint. 


3-35 


w 

> 

1-4 

< 

> 

w 



3-36 


FIGURE 3-22. ANTI-CONTAMINATION ENCLOSURE 
PRESSURE RELEASE PURGE SYSTEM 


Table 3-4 presents a mass statement for the anti -contamination 
enclosure pressure release system. 


TABLE 3-4. ANTI- CONTAMINATION ENCLOSURE PRESSURE 
RELEASE SYSTEM MASS STATEMENT 


Item 

Mass (kg) 

Mass (lbm) 

Fill Valve 

1. 59 

3. 50 

Filter 

0. 34 

0. 75 

Pressure Transducer 

0. 22 

0. 50 

Pressure Relief Valve 

0. 46 

1. 00 

Plumbing, Separation Joint, and 
Miscellaneous 

3.63 

8.00 

Pressurant GN 2 

0. 22 

0. 50 

Total System Mass 

6. 46 

14.25 


3 . 3 . 3 . 3 COMPARISON AND RECOMMENDA TION 

Of the three purge system types proposed, the pressure- 
regulated system is the heaviest and is considered to be the most com- 
plex and costly. The pressure regulator associated with this system 
will have to be modified to meet the purge requirements and results in 
high cost. The high flow rate of this system requires the use of two 
supply spheres which results in cost and weight. The number of com- 
ponents and the operation of this system makes it complex. However, 
if the Satellite should require a constant positive purge pressure of 
1. 37895 N/cm^ (2 psi) above ambient in the anti -contamination enclosure 
from launch to Satellite release, then the pressure regulated system 
can satisfy this requirement. 

The blow down system is considered to be moderately com- 
plex, especially the GSE interface. All components for this system are 
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obtainable with no major modifications to them required. Comparatively, 
the weight of this system is moderate, and the cost should be much less 
than the pressure-regulated system. Should the Satellite require only a 
small positive purge pressure above ambient (less than 1. 37895 N/cm^ 

(2 psi) maximum) in the anti-contamination enclosure that decreases as 
a function of time from launch to Satellite release, then the blow down 
system can satisfy this requirement. A big disadvantage of both the 
pressure-regulated system and the blow down system is that the function 
of both systems is dependent upon the accumulative leakage area of the 
anti -contamination enclosure, 1.6 square centimeters (0.25 in 2 ). 

Should this area increase significantly, then the purge could become 
completely ineffective in a short time or deplete before Satellite release. 

The anti - contamination enclosure pressure release system 
is simple, lightweight, and has very few components, which results in 
low cost. It is required that the anti -contamination enclosure be 
designed tight enough such that the pressurized purge gas will not 
readily be lost through leakage, at least until the launch vehicle reaches 
orbit. If the pressurized purge gas is lost prior to Satellite release, 
the enclosure should be sufficient to protect the Satellite against contam- 
ination of a detrimental nature. This requirement is expected to be 
the more realistic for the Satellite anti -contamination purge system; 
therefore, the anti -contamination enclosure pressure release system 
is recommended as the baseline. 


3.4 SUPPORT SYSTEM STRUCTURAL ANALYSES 

3.4.1 FLIGHT LOADS 

Flight load design conditions include both rigid body and 
transient accelerations. Rigid body loads are basically vehicle 
accelerations, while transient loads include dynamic response charac- 
teristics of the vehicle. Table 3-5 presents flight load conditions for 
payload-critical flight events. Payload-critical conditions exist during 
lift-off, at end of first stage burn, and at cutoff and separation. 


Flight load conditions are presented in three columns of 
Table 3-5 in terms of earth g's. The first two load columns give the 
rigid body and transient loads, respectively, where the rigid body loads 
were obtained from flight trajectory and the transient loads were cal- 
culated based on preliminary Saturn IB/ATM analyses. Design loads, 
in the last column, are obtained by algebraically summing the corre- 
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TABLE 3-5. FLIGHT LOAD CONDITIONS 


Flight Condition 
Longitudinal 
Lift-off 

* End First Stage 

Cutoff and Separation 


g Level 
Rigid Body 


1. 13 

4. 76 

2 . 1-0 


Lateral 


Lift-off 


0.0153 


Cutoff 


0.0153 


g Level* Design 

Transient g Level 


±3.5 +4.63 

- 2. 37 

4. 76 

±3.5 +5.64 

- 3.5 


±1.5 ±1.5 

±1.5 ±1.5 


* Based on Saturn IB /ATM Preliminary Analyses. 


sponding rigid body and transient loads. Worst case combined design 
loads occur during cutoff and separation. They are +5.64 g’s longi- 
tudinal in combination with 1 1.5 g’s lateral, and -3.5 g's longitudinal 
in combination with t 1.5 g's lateral. These worst case load condi- 
tions were used in the structural analyses for sizing primary structural 
members. 

3.4.2 PRE-LOADS AND LOAD PATHS 

Primary load paths are shown in Figure 3-23 which is a 

schematic showing major structural elements and forces in the X - Y 

plane. The schematic is shown for the condition of 3.5 g's negative 

longitudinal acceleration and 1.5 g's negative lateral acceleration. 

F and F represent the net reactions of the 3628 kg (8000 Ibm) 
cv ch r 
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HOLD DOWN ARM 
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FIGURE 3-23. PRE-LOADS AND LOAD PATHS 



Satellite mass during longitudinal and lateral acceleration. F 
124,550 Newtons (28,000 lb^), and F is 53,379 Newtons (12,000 lb^) 
for this load condition. 

Certain simplifying assumptions were made in determining 
loads. One was to neglect the mass of the support structure and con- 
sider only the Satellite mass in determining structural loads during 
worst case load conditions. Another assumption was to ignore the 
effects of structural deflection in determining loads. It was also 
assumed that, during times of negative g’s, the net lateral reaction on 
the Satellite support pads would be resisted by a single support pad. 

This reaction is represented in Figure 3-23 by F 4 ^ (not shown) which 

is the lateral component of F 4 . The lateral component of F 4 is equal 
in magnitude to F ^ during periods of combined negative longitudinal 

and lateral acceleration. 

Holddown forces F 2 and F n are referred to as preload 

forces since a minimum preload force is required at the holddown pads 

to prevent the Satellite from lifting off its support pads during periods 

of negative acceleration. Therefore, the minimum required holddown 

force is that value which prevents F 7 from becoming negative during 

maximum negative acceleration. With F 7 set equal to zero, and F 4 , 

F , and F known, the holddown forces Fi and F 11 can be readily 
cv ch 

determined. By knowing Fj and the holddown arm geometry, F 2 and F 3 
are readily determined. 

Pre-load forces F 10 and F 20 were determined much the same 
as were F x and F u . The worst-case loading conditions for pre-load 
forces F 10 and F 20 occur during maximum acceleration in the negative 
direction as was the case in determining F x and F u . Minimum values 
for F 10 and F 20 were obtained by setting Fj equal to zero during maxi- 
* mum negative acceleration and solving for F 5 and 2Fi 0 (F 10 = F 20 ). 

Note that F l2 is equal to End reactions on the main support beam 

are solved for in the usual manner, except that the horizontal reactions 

. R t , and R , take into consideration the spring rate of the SLA attach 

f Lh rh 

points . 

3.4.3 STATIC LOAD ANALYSES 

The static load analysis was performed for candidate worst- 
case structural loading conditions. Effects of elastic bending of the 
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integrated structure were not generally considered in the static analysis 
except where it was necessary to balance static forces to account for a 
shared point of deflection of two or more intersecting structural elements. 
An example is the longitudinal shear interaction which occurs between 
the main beams when lateral g-loads predominate in one of the primary 
coordinate planes during periods of negative longitudinal g's. 

Table 3-6 lists the Satellite support structure interface loads 
employing the same force notations as in Figure 3-23. Forces are 
noted in newtons with secondary notations in lb^ (shown in parentheses). 

Acceleration is in g's with the sign convention established by the coor- 
dinate system of Figure 3-23. The extreme left column of Table 3-6 
is designated "shear moment diagram reference numbers." Reference 
numbers appearing in this column are used as references to identify 
corresponding shear moment diagrams used in the analysis. Refer- 
ences 1 and 2 of Table 3-6 pertain to the shear moment diagrams for 
the main support beam during periods of maximum negative and maxi- 
mum positive longitudinal acceleration. The remaining reference 
numbers are associated with shear moment diagrams for the Satellite 
support frame. Support frame g-loading conditions for references 3 and 
4 are the same as for the main beam (references 1 and 2). The three 
additional g-loading conditions for which the support frame was investi- 
gated are defined in the footnotes of Table 3-6. These three additional 
loading conditions were significant in the support frame analysis. For 
example, the maximum bending moment imposed on the frame was 
calculated to occur during the pre -launch phase with the Satellite removed 
and the frame pre-loaded to the main beam. 

Worst-case loadings of the main beam occur during periods 
of maximum negative and positive longitudinal acceleration, and are 
illustrated in the shear and moment diagrams of Figures 3-24 and 3-25. 

An interacting shear force of 26,689 Newtons occurs at the intersection 
of the main beams during conditions of maximum negative g's. This 
shear force appears at 0-station of the shear diagram of Figure 3-25. 

It is apparent from the moment diagrams of Figures 3-24 
and 3-25 that the main beams are more heavily loaded in bending moment 
during conditions of maximum positive longitudinal acceleration than 
during maximum negative longitudinal conditions. For this reason the 
top flange of the main beam was made wider than the bottom flange, and 
the maximum compressive stress experienced by the two flanges is more 
nearly the same. 
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3. 4. 4 


STRESS ANALYSES AND MEMBER SIZING 


3.4.4. 1 MAIN CROSS BEAMS 

The initial sizing of the main cross beams was based on an 
assumed allowable buckling stress of approximately 207 X 10 6 N/m 2 
(30,000 psi). 7075-T6 aluminum was selected as the material for the 
main cross beam structural members because of its high strength to 
weight properties. Primary components of the main cross beams are 
flat shear webs, tee flanges, and bulb angles used as longitudinal and 
lateral web stiffners. These main beam members are assembled with 
fasteners since 7075-T6 aluminum has poor welding qualities. The 
shear webs of the main cross beams are fastened to a common structural 
element called the outer cylinder. The outer cylinder is designed to 
take the shear load from the main beam shear webs and distribute it as 
shown in the shear diagrams of Figures 3-24 and 3-25. Bending moments 
are resisted at the main beam intersection by gusset plates which are 
attached to the top and bottom beam flanges. The main beams are 
stabilized against lateral buckling by tension rods attached at the top 
and bottom flanges of each beam at its quarter span and the support point 
fitting at each end. This stabilizing arrangement effectively reduces the 
beam lengths for purposes of calculating allowable buckling stress. Thus, 
a higher allowable buckling stress and lighter beam weight results. 

Figure 3-26 is an isometric sketch showing dimensions of the main beam 
structural elements. Figure 3-27 is a sketch showing the stabilizing 
arrangement of the tension rods on the main beams. 

3. 4. 4. 2 SATELLITE SUPPORT FRAME 

The Satellite support frame assembly is of welded 2219-T87 
aluminum construction and has the dual function of supporting the 
Satellite during launch and acting as a Satellite jettisoning platform in 
orbit. The Satellite is cradled in the support frame by four equally- 
spaced support pads which have ball socket joints. By neglecting 
structural deflection of the sXipport frame and assuming zero friction in 
the support pad ball joints, all reactions at the support pads pass through 
the pivot points of the pads, radial to the Satellite surface. The inner 
cylinder is an integral part of the Satellite support frame assembly and 
is positioned within the outer cylinder during launch. It contains the 
payload ejection spring. The inner cylinder is normally loaded in 
axial tension with the pre-load force required to hold the support frame 
against the main beam assembly during launch. It also acts as a spring- 
driven piston during Satellite ejection. The inner cylinder walls are 


CONVERSIONS 



FIGURE 3-26. MAIN BEAM TYPICAL CONSTRUCTION 




FIGURE 3-27. MAIN BEAM TENSION ROD ARRANGEMENT 
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designed to take a tension load of 444,822 Newtons (100, 000 lb^) during 

launch, or in the pre-load condition. The wall thickness of the inner 
cylinder is greater at the top where the four beam-type elements of the 
frame are welded to it. This provides additional strength to distribute 
web shear from the beam-type elements to the inner cylinder. The 
lower end of the inner cylinder is an integral ring approximately 12. 7 mm 
(0. 5 in. ) thick by 76. 2 mm (3 in. ) high. The ring is machined in two 
places to receive two latches of the payload release mechanism which are 
required to carry the pre-load forces totaling 444,822 Newtons . 

3. 4. 4. 3 SATELLITE RELEASE MECHANISM 

x The Satellite release mechanism is fabricated from aluminum 

except for pins, release latches, and two toggle links which require high- 
strength steel. The analysis of the payload release method was cursory 
in that detailed analysis was not attempted to the point of optimizing 
each individual dimension. Instead, a conservative approach was taken 
in sizing the individual parts and the conclusion is that the mechanism 
is structurally sound in its concept. 

3. 4. 4. 4 HOLDDOWN ARMS 

The holddown arms were structurally analyzed based on the 
pre-load forces of Table 3-6. Web thickness requirements were computed 
to be 1 . 02 mm (0. 040 in. ) for the center web and 2. 79 mm (0. 110 in. ) 
for the top web. The bottom web thickness was computed to be 2. 16 mm 
(0. 085 in. ). Ribs were found to develop tension loads of up to 44,500 New- 
tons (10,000 lb^) adjacent to the channel-shaped flange of the holddown arm. 

These heavy rib loads make it impractical to join the ribs to the flanges 
with fasteners. For this reason a welded aluminum structure is recom- 
mended for the holddown arms. Another area of high load concentration 
where a welded joint appears to be more desirable is the juncture of the 
flanges with the holddown pad assembly. The material selected for this 
assembly and all other welded structure was 2219-T87 aluminum. 

3. 4. 4. 5 ANTI -CONTAMINATION ENCLOSURE 

The payload protective shield is required to withstand a 
differential pressure of 1,4 N/cm^(2 psi). The material selected for the 
pressure membrane is 2219-T87 aluminum, with a nominal thickness of 
0. 406 mm (0. 016 in. ). This thickness is well above that required solely 
on a basis of tensile strength. However, a thinner gage would present a 
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problem in that it would be highly vulnerable to accidental damage during 
assembly, checkout, and preflight operations. 

3. 4. 4. 6 TENSION RODS 

The isometric sketch (Figure 3-Z8) shows how the tension 
rods are attached to the main beams to stabilize them against lateral 
buckling. The primary intent of the tension rods was to give the main 
beam lateral stability, but it is also apparent that as the structure 
deflects during periods of lateral g-loading this deflection is resisted 
in part by the tension rods. The percentage of this side load that is 
reacted through the tension rods at any given time is a function of the 
structural geometry, direction of side -loading, and spring rates of 
the affected structural elements. 

The model used in sizing the main beam tension rods is 
illustrated in Figure 3-29. The lateral g-load is shown being reacted at 
the intersection of the main beams along a line passing through two 
opposing end-attach points. This model shows the main beams pinned to 
the SLA which is represented as a phantom circle. The horizontal beam 
is represented as a one-piece rigid element with tension rods attached 
midway on the left half of the beam. The other (cross) beam is com- 
prised of two equal segments each modeled with pinned ends. Modeling 
the cross beam as two pinned elements can be justified since the lateral 
spring rate of the beam, based on a force applied to the beam end and 
parallel to F 3 , is insignificant compared to k 3 , the tangential spring rate 
of the SLA attach point. Also, the axial spring rate of the main beams 
is several times higher than the corresponding radial spring rate of the 
SLA attach points, and therefore, axial strain effects of the main beams 
were discounted in sizing the tension rods and in calculating deflections 
at the SLA attach points. 

Based on the above assumptions and on the reaction loads 
chosen for the SLA attach points the maximum deflections, as shown in 
Figure 3-29, at the attach points is 0. 016 mm (0. 0006 in. ) for A 3 and 
A 4 and 3.835 mm (0. 151 in. ) for Ai and A z . The internal forces diagram, 
which is the bottom sketch of Figure 3-28, shows a maximum main beam 
axial compressive load of 31, 138 Newtons (7,000 lb^). The effect of this 

compressive load on the quarter s ection of the beam is to shorten it by 
approximately 0. 178 mm (0.007 in.). The other three quarter -sections 
of the same beam experience changes in length accordingly. The over- 
all change in length in the X direction is a decrease of 0. 051 mm 
(0. 002 in. ). The other main beam has a uniform compressive loading 
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FIGURE 3-28. TENSION ROD LOAD DISTRIBUTION 



29,071 N/dim 
(166,000 LB /IN. 




of 8,896 Newtons (2, 000 lb^) and undergoes a change in length of 0.203 

mm (0. 008 in. ). It is apparent from Figure 3-28 that pretensioning the 
tension rods will increase the compressive loading of the beams and 
further decrease their lengths. It is also apparent that a reasonable 
degree of pretensioning will not significantly affect the design. As 
shown in Figure 3-28, the external SLA forces total 53,379 Newtons . 
The compression and tension load in the main beam was limited to 
22,241 Newtons (5,000 lb^) at the SLA attach points. This limit load 

was established to be safely below the LM attach point limit load im- 
posed on the SLA which is 30 percent higher. The internal forces 
diagram is drawn with the assumption that tension rods have no pre- 
tension load. Tension rods were sized for spring rates to distribute 
the loads as discussed above, and are aluminum with cross-sectional 
diameters of 13.2 mm (0. 520 in. ). 

Table 3-7 contains a comparision of LM attach point limit 
loads and Cannonball attach point limit loads. 

3.4.5 FINITE ELEMENT ANALYSIS OF SUPPORT STRUCTURE 

3.4.5. I INTRODUCTION 

The finite element analysis of the support structure was 
conducted utilizing the NASTRAN (NASA Structural Analysis) computer 
program, and consisted of both a static and a dynamic solution. The 
static solution was used to verify the stress analysis described in 
3. 4.4. The dynamic analysis was used to determine the Satellite and 
support structure dynamic environment and their influence in the 
vehicle dynamics. 

A finite element model of the structure was prepared for 
the NASTRAN computer program, and consisted of the complete sup- 
port structure, as shown in Figure 3-30. The model was made up of 
114 grid points connected by the appropriate structural members such 
as bars, rods, and shear panels, as shown in Figure 3-31. The hold- 
down arms were also modeled as an integral part of the cross beam 
structure. The model was used first to obtain the static solution 
cases with the load conditions described in 3.4. 1. Then the same 
model was used to obtain modal deformation, and lastly the model was 
used to obtain the frequency response of the structure and Satellite. 


TABLE 3-7. LM - SE PS ATTACH POINT 
LIMIT LOAD COMPARISON 





LM Attach Point 
Limit Load 
Newtons (Pounds) 

SEPS 

Attach Point 
Limit Load 
Newtons (Pounds) 


Compression 

185, 193 

(41,633) 

57,497 

(12,926) 


Tension 

64,868 

(14,583) 

38,468 

( 8,648) 

f r 

Compression 

35,230 

( 7,920) 

22,241 

( 5,000) 


Tension 

28,927 

( 6,503) 

22,241 

( 5,000) 

f l 


±49, 193 

(±11,059) 

±4, 448 

(±1,000) 
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FIGURE 3-30. FINITE ELEMENT MODEL 



FIGURE 3-31. TYPICAL GRID POINTS AND STRUCTURAL ELEMENTS 








3.4.5. Z 


DESCRIPTION OF THE MODEL 


The finite element model of the cross beam and the payload 
holddown arms was developed in a rectangular coordinate system with 
its origin placed at the center line of the vehicle and at the bottom of 
the cross beam, as shown in Figure 3-31. The nodes or grid points 
were selected in such manner to best represent the structure. The 
support attach points in the SLA were modeled as simple supports in 
each of the three major planes, as indicated in Figure 3-32. The 
geometry and material of each component were selected as determined 
in 3. 4. 4 and assigned to each component accordingly. 

The static loads were applied at discrete selected grid 
points to simulate the Satellite mass, and the longitudinal, and the 
lateral acceleration for the two critical loading conditions. 

3.4. 5. 3 STATIC ANALYSIS FINITE ELEMENT MODEL 

A static analysis was conducted using the finite element 
model to verify the stress analysis and member sizing described in 

3.4.4. The static analysis was first run to determine deflections at 
each grid point, internal loads, reactions, and stresses in each 
member . 


The results of the static analysis indicated that the static 
deformations for both load cases were small and in agreement with the 
stress analysis section of this report. The internal forces, reactions, 
and stresses of each member were also calculated, and compared with 
the stress analysis section. It was concluded that the member sizes 
established in 3.4.4 were generally appropriate, although, with addi- 
tional iterations, the support structure could be improved by redistri- 
buting stress, and redistributing the cross sectional areas to obtain 
optimum load distribution and deflections. 

0 

3. 4. 5. 4 NATURAL FREQUENCIES AND MODE SHAPES 

The finite element model was used to obtain the normal modes 
*■ of the structure for a selected frequency range. The modal analysis was 

performed to better understand and evaluate the support structure design, 
to study coupling probability with vehicle modes, and to provide informa- 
tion to obtain vehicle loads, and vibration response. 
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FIGURE 3-32. SLA ATTACH POINT MODEL 



TABLE 3-8. SUPPORT STRUCTURE NATURAL FREQUENCIES 
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The results of the modal analysis are shown in Table 3-8, 
frqm the first mode at a frequency of 1 1 Hz, to the eleventh mode at a 
frequency of 194 Hz. In the second, third, and fourth modes there is 
an interaction between the longitudinal and lateral modes and all occur 
between 16 to 17 Hz. All the mode shapes for these natural frequencies 
are shown as plotted by the computer in Figures 3-33 through 3-38. 

3. 4. 5. 5 VIBRATION ANALYSIS 

The same model used for the modal analysis was utilized to 
obtain the frequency response of the support structure and Satellite. 

One thing added to the model was a mass to simulate the Satellite. The 
model was excited by a sinusoidal forcing function applied at the SLA 
attach points in both the longitudinal (Y) and lateral. (X) axes, independ- 
ently from each other. 

The forcing function used to excite the support structure was 
based on previously developed Saturn IB /ATM data as presented in 
Table 3-9. 


TABLE 3-9. DESIGN SPECIFICATION FOR SINUSOIDAL VIBRATION 
FOR SATURN S-IB/S-IVB/ATM AT THE SLA OUTRIGGER 

o FLIGHT AXIS (3-50 Hz at 3 Octave /Minute) 

3 to 7 Hz at 0. 044 inches double amplitude displacement 
7 to 21 Hz at 0.051 g's peak 
21 to 50 Hz at 0.20 g's peak 

o LATERAL AXIS (1.7 - 20 Hz at 3 Octave /Minute) 

1. 7 to 4. 3 Hz at 0.84 inches double amplitude displacement 
4.3 to 10.0 Hzf at 0.40 g's peak 

10. 0 to 20.0 Hz at 0. 168 inches double amplitude displacement 

The results of the analysis indicate that the Satellite (grid 
point 1) has a maximum amplification factor (ratio of response acceler- 
ation to input acceleration) of 8. 427 in the lateral axis at a frequency of 
18.9 Hertz and for the longitudinal axis the maximum amplification 
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MODAL DEFORMATION - SUBCASE 1 MODE 2 
EIGENVALUE = 10451.333000 FREQ. 16.27 HZ 



EIGENVALUE = 10499.758000 FREQ. 16.3 HZ 

FIGURE 3-34. MODE SHAPE, MODES 2 AND 3 
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MODAL DEFORMATION - SUBCASE 1 MODE 4 
EIGENVALUE = 11453.477000 FREQ. 17.0 HZ 



MODAL DEFORMATION - SUBCASE 1 MODE 5 
EIGENVALUE = 141713.83000 FREQ. 59.9 HZ 

FIGURE 3-35. MODE SHAPE, MODES 4 AND 5 
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MODAL DEFORMATION - SUBCASE 1 MODE 6 
EIGENVALUE = 142355.65000 FREQ. 60.0 'HZ 



MODAL DEFORMATION - SUBCASE 1 MODE 7 

EIGENVALUE = 155730.41000 FREQ. 62.8 HZ 

FIGURE 3-36. MODE SHAPE, MODES 6 AND 7 


MODAL DEFORMATION - SUBCASE 1 MODE 8 
EIGENVALUE = 181495.98000 FREQ. 67.8 HZ 



MODAL DEFORMATION - SUBCASE 1 MODE 9 
EIGENVALUE = 180629.69000 FREQ. 67.6 HZ 

FIGURE 3-37. MODE SHAPE, MODES 8 AND 


3-65 



MODAL DEFORMATION - SUBCASE 1 MODE 10 
EIGENVALUE = 238102.00000 FREQ. 77.7 HZ 



MODAL DEFORMATION - SUBCASE 1 MODE 11 
EIGENVALUE = 1487162.90000 FREQ. 194.0 HZ 

FIGURE 3-38. MODE SHAPE , MODES 10 AND 11 
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factor is 6.8 at a frequency of 13 Hertz. Figures 3-39 and 3-40 present 
the structural response amplification factor for the center of mass of the 
Satellite for the lateral and longitudinal axes, respectively, as a function 
of frequency. Also shown on these figures is the input accelerations 
which correspond to the specification presented in Table 3-9. The 
response of the Satellite to the excitation acceleration is the product of 
the excitation acceleration and the amplification factor at a given fre- 
quency. Tables 3-10, 3-11, 3-12, and 3-13 present the printouts of the 
* 

NASTRAN program of the structural response characteristics of the 
Satellite center of mass for the longitudinal and lateral axes. The 
values presented in these tables represent amplification factors, having 
been obtained using a constant 1-g acceleration input. Tables 3-10 and 
3-12 give the acceleration response of the Satellite, where T 3 , T 2 , and 
T 3 are the acceleration vectors in the X, Y, and Z directions, respec- 
tively, and presented in inches /second /second. Rj, R 2 and R 3 are the 
angular acceleration values about the X, Y, and Z axes, respectively, 
and are presented in radians /second/second. Tables 3-11 and 3-13 
give the displacement response of the Satellite, where T 3 , T 2 and T 3 
are the displacements, in inches, in the X, Y, and Z directions, 
respectively. R x , R 2 , and R 3 are the angular displacements, in radians, 
about the X, Y, and Z axes, respectively. 

From the dynamic analysis results of the support structure 
it is apparent that the longitudinal response (Y axis) is not excessive; 
however, the transverse, or lateral {X or Z axis), response produces 
accelerations of 25.8 g's peak at 18.9 Hz, which is excessive, and 
indicates that some modification to the support structure is needed to 
improve its lateral response characteristics. Although sufficient 
analysis has not been conducted to fully determine the most appropriate 
changes, it is believed that one modification needed is to reduce the 
eccentricity between the center of mass of the Satellite and the neutral 
axis of the main cross beams, which is the main cause for the high 
lateral frequency response of the support structure. Other possible 
modifications are to increase the stiffness of the holddown arms and to 
improve the torsional stiffness of the cross beams. 

3.4.6 ACOUSTIC ENVIRONMENT 

The acoustical environment for the Satellite and its support 
structure was based upon previously developed Saturn IB /ATM 
data and is shown in Figure 3-41. There was no analysis of the support 
structure conducted for the acoustical environment because it is 
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FIGURE 3 - 39 . LA TERA L A MPLIFICA TION FA CTOR VERSUS FREQUENCY 
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FIGURE 3-40. LONGITUDINAL AMPLIFICATION FACTOR VERSUS FREQUENCY 


TABLE 3-10. LONGITUDINAL AXIS ACCELERATION RESPONSE 
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expected that the acoustical environment would not be as severe as the 
sinusoidal vibration cases. The acoustical specification given shows 
the internal and external environment. The maximum levels for both 
internal and external cases are in a frequency range of 100 to 200 Hz 
and since this is far above significant sinusoidal disturbances, it was 
assumed that no coupling would occur. 

3.5 PAYLOAD SYSTEMS MASS SUMMARY 

The total mass above the Instrument Unit was. computed 
to be 2658. 1 kg (5, 778 lb). Table 3-14 is a summary table listing 
primary hardware elements and their associated weights. The payload 
support structure consisting of main cross beams, payload mount, 
holddown arms, and purge cover assembly has a mass of 366. 9 kg 
(809 lb). Power supply and ordnance weight is 9. 1 kg (20 lb), and the 
purge supply system mass is 6.4 kg (14 lb). Both the SLA and nose 
cone are developed hardware items with masses of 1791.7 kg 
(3, 868 1b) and 484 kg (1, 067 lb), respectively. Structural masses 
presented in Table 3-14 were determined with a minimum design 
safety factor of 1.4. These masses do not necessarily agree with 
those presented in Section 4.0 since they are the results of later 
analysis and were not considered in the mission planning. The 
additional requirement can be met by the proposed payload improve- 
ment consideration. 


TABLE 3-14. PAYLOAD SYSTEMS MASS SUMMARY 


Item 


Mass - kg and (lbrn ) 


Payload Support Structure 


366. 9 (809) 


Main Cross Beams 


Upper Flanges 

42. 2 ( 

93) 

Lower Flanges 

31. 3 ( 

69) 

W ebs 

71. 2 (157) 

Transverse Stiffeners 

21. 3 ( 

47) 

Longitudinal Stiffeners 

18. 6 ( 

41) 

End Fittings 

27.2 ( 

60) 

External Cylinder 

10. 0 ( 

22) 

Gussets 

8. 6 ( 

19) 

Tierods and Attachments 

26. 3 ( 

58) 

Miscellaneous Fittings 

6.8 ( 

15) 

Payload Mount 

Frame Assembly 

18. 6 ( 

41) 

Internal Cylinder 

3.6 ( 

8) 

Ejection Spring 

22. 7 ( 

50) 

Release Mechanism 

11.8 ( 

26) 


Holddown Arms 
Purge Cover Assembly 
Power Supply and Ordnance 
Purge Supply System 
SLA 

Nose Cone 
TOTAL 


263. 5 (581) 


* 


56. 7 (125) 


36. 7(81) 

10 . 0 ( 22 ) 

9. 1 ( 20) 
6. 4 ( 14) 
1791. 7 (3868) 
484. 0 (1067) 
2658. 1 (5778) 
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SECTION 4. LAUNCH VEHICLE CONFIGURATION DEFINITION 


4.1 CONFIGURATION SUMMARY 

This study considers only the Saturn IB configuration for the 
SEPS launch vehicle. This launch vehicle consists of anS-IB for the 
first stage, a Saturn V or Saturn IB/S-IVB as the second stage and a 
Saturn IB Instrument Uhit. The payload (everything above the Instru- 
ment Unit) consists of a SLA/Nosecone external similar to AS-204 con- 
figuration with the 3628 kilograms (8000 lb) SEPS enclosed within the 
SLA. 


The desired SEPS orbit requires an S-IVB capable of re- 
starting to circularize the orbit at the proper altitude. A Saturn IB/ 
S-IVB may be modified to obtain this restart capability or a Saturn 
V/S-IVB with this capability already existing may be modified to mate 
with the S-IB stage. 

The launch vehicle recommended based upon availability, per- 
formance characteristics and cost consists of S-IB stage SA-212, 

S-IVB stage SA-513 and Instrument Unit S-IU-212. The estimated mass 
data for this vehicle is tabulated in Table 4-1. 

4. 2 S-IB STAGE MODIFICATION DEFINITION AND INTERFACES 

4. 2. 1 S-IB STAGE MODIFICATIONS 

No modifications are required to adapt the S-IB Stage for the 
SEPS mission. Functionally the S-IB Stage is adequate as the first 
stage is boosting the 3628 kilograms (8000 lb) SEPS into the 3719 kilo- 
meter (2008 NM) orbit. Studies performed on the S-IB stage for this 
configuration have revealed no mechanical or functional problems that 
would prevent the accomplishment of this mission. Areas of investiga- 
tion were structural capability, structural dynamics and interface; the 
results of these analyses can be found in references 3 through 6 . 

4. 2. 2 S-IB STAGE SELECTION FOR SEPS 

The present S-IB stage availability status has nine S-IB stages 
in some state of readiness from which a selection can be made for the 
SEPS mission. Stages 206 through 212 are complete stages, and stages 
213 and 214 are complete with the exception of fins. S-IB stages 206 
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TABLE 4-1. EARTH PHYSICS SATELLITE - PHASE B STUDIES 
VEHICLE MASS. BREAKDOWN 


MASS 



kilograms 

(lbm) 

PAYLOAD (SEPS) 

3636. 8 

(8018) 

Payload Attach. 

338. 8 

(747) 

SLA (Fixed) 

598. 7 

(1320) 

Instrument Unit 

2041. 1 

(4500) 

S-IVB Sep. (Dry & Residuals) 

12550. 8 

(27670) 

Flight Performance Reserve 

1011. 5 

(2230) 

Weight In Orbit Less Payload 

16541. 0 

(36467) 

S-IVB Thrust Decay Prpt. (2nd Burn) 

35. 4 

(78) 

S-IVB Mainstage Propt. (2nd Burn) 

3266. 7 

(7202) 

S-IVB Build Up & Start Prpt. (2nd Burn) 

212. 7 

(469) 

Losses in Orbit (LOX, LH 2 , APS) 

400. 1 

(882) 

SLA/NC Jettison 

1639. 7 

(3615) 

S-IVB Consumed & Jettisoned (2nd Burn) 

5554. 7 

(12246) 

S-IVB Thrust Decay Prpt. (1st Burn) 

37. 6 

(83) 

S-IVB Mainstage Prpt. (1st Burn) 

101058. 9 

(222798) 

Ullage Cases 

59. 9 

(132) 

S-IVB Consumed & Jettisoned (1st Burn) 

101156. 5 

(223013) 

S-IVB STAGE IGNITION MASS 

123342. 9 

(271926) 

Misc. Sep. Sys. Comp. 

23. 1 

(51) 

Ullage Propellant 

53. 5 

(118) 

S-IVB Build Up & Start Prpt. 

187. 3 

(413) 

Interstage 

3084. 4 

(6800) 

S-IB Sep. (Dry & Residuals) 

43030. 7 

(94867) 

S-IB Stage Jettison Mass 

46379. 1 

(102249) 

S-IB/S-IVB Frost 

498. 9 

(1100) 

Gear Box Fuel Consumed & Ser. Items 

333.4 

(735) 

Outboard Engine T. D. Prpt. to Sep. 

755. 2 

(1665) 

Inboard Engine T. D. Prpt. 

984. 3 

(2170) 

Mainstage Propellant Consumed 

401123. 7 

(884331) 

S-IB Consumed Weight at Separation 

403695. 6 

(890001) 

S-IB STAGE IGNITION MASS 

450074. 7 

(992250) 

LIFTOFF MASS 

577054. 5 

(1272194) 
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through 209 are presently committed to the Skylab program. Stages 210 
through 214 have no firm committment; however, several options are 
being considered to utilize these stages. All completed S-IB stages 
(206 through 212) have an assigned S-IVB stage with the exception of 
S-IB-212. The S-IVB stage for S-IB-212 was modified to accommodate 
the Saturn Work Shop (SWS) and is presently scheduled as part of the 
SA-513 mission. The S-IB-212 presently has no assigned S-IVB stage 
t and would not interfere with other planning if selected for the SEPS 

Mission. 


The S-IB-212 stage was static fired on July 25, 1968 and 
placed in storage at MAF on June 30, 1969. The stage was relocated 
toMSFCand re-entered into storage on August 20, 1970. No SEPS pecu- 
liar modifications are required for this stage, assuming that all electri- 
cal interfaces will be made compatible on the selected S-IVB stage. 

4.3 S-IVB STAGE 

4.3.1 S-IVB STAGE MODIFICATIONS (References 7 and 8 ) 

This SEPS mission imposes on the second stage of the Saturn 
IB launch vehicle two unique requirements-' additional auxiliary propul- 
sion requirements and a J-2 engine restart requirement. 

4. 3. 1. 1 AUXILIARY PROPULSION SYSTEM REQUIREMENTS 


Table 4-2 presents the required Auxiliary Propulsion System 
(APS) impulse usage for the baseline vehicle of the SEPS mission. Man- 
euvering rates used in the analyses are assumed to be 0. 3 deg/sec in the 
steering planes and 0.5 deg/sec in the roll plane. Main engine thrust 
misalignment and CG offsets are taken to be 1.0 degree and 7.62 cm 
(3.0 inches) respectively. 


*■ 




Disturbances during first and second burn consist of: 

1. Separation transients (first burn only) 

2. J-2 engine exhaust swirl torques during both burns 

3. Cutoff transients (first burn only) 

4. J-2 engine fuel lead prior to second restart 

The S-IVB/IB stage APS does not have axial thrusters for 
propellant settling (ullaging) or evasive maneuver capability. The 
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TABLE 4-2. SMITHSONIAN SATELLITE MISSION 
SEPS MISSION APS USAGE 

IMPULSE 

Newton-Sec (Lbf-Sec.) 

FIRST BURN 


Disturbance Control 

16458 

(3, 700) 

COAST - 1 HOUR 



P/L Shroud release - local horizontal 
maneuver 

6672 

(1,500) 

Limit cycle operation 

3425 

(770) 

CVS disturbance 

3603 

(810) 

SECOND BURN 



Propellant settling & O 2 H 2 Burner 
disturbances 

147325 

(33, 120) 

Disturbance control 

979 

(220) 

COAST - 2 HOUR 



P/L Jettison Maneuvers 

2135 

(480) 

Evasive Maneuver 

102309 

(23, 000) 

Limit cycle operation 

6850 

294204 

(1,540) 
(65, 140) 


TOTAL AVAILABLE: S-IVB/IB - 122771 Newton-sec (27,600 lbf-sec.) 

TOTAL AVAILABLE: S-IVB/V - 327389 Newton-sec (73, 600 lbf-sec. ) 

(50 percent loading) 
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Saturn V APS has this capability. If a Saturn V APS is used, the ullage 
thrusters on the system will be used for propellant settling and will in- 
crease the nominal APS impulse requirement by 140653 .Newton-seconds 
(31 , 620 lb-sec) . In addition, disturbances, caused by the O 2 H 2 burner 
on the S-IVB/V will add another 6672 Newton- seconds (1,500 lb-sec). 

The total requirements for propellant settling and O 2 H 2 burner distur- 
bance is 147325 Newton-sec (33, 120 lb-sec) over the nominal require- 
1 ments. If the S-IVB/IB APS is used, provisions are required for pro- 

pellant settling and evasive maneuver capabilities. For either case, the 
impulse requirement for the S-IVB/IB vehicle or S-IVB/V vehicle will 
be respectively only 33 percent or 57.5 percent (based on an APS loading 
* of 50 percent) of the total impulse available per vehicle, excluding the 

evasive maneuver. 

The S-IVB/V APS is being recommended for the SEPS mission 
and will be offloaded by the maximum test verified amount of 50 percent 
to increase payload capability. Based on a 20 percent flight performance 
reserve and 8.2 kilograms (18 pounds) of unusable propellant, 45.4 kilo- 
grams (100 pounds) of APS propellant is available for the evasive 
maneuver. 


In low earth orbit, the evasive maneuver requires a single 
maneuver involving an impulse from the auxiliary propulsion system 
(APS) or a LOX dump. Either would be sufficient to lower the perigee 
of the spent S-IVB stage, allowing its orbit to rapidly decay. Due to 
the altitude involved in the SEPS mission, the decay cannot be relied 
upon to provide adequate separation between payload and stage. There- 
fore, the evasive maneuver would involve two impulses, the first to 
lower the stage perigee and the second, at the new perigee, to lower 
the apogee so that it will not coincide with the SEPS altitude. 

The A V capability of the APS is plotted in Figure 4-1 as a 
function of S-IVB/AP.S propellant consumption. If the APS was fully 
, loaded at liftoff about 190.5 kilograms (420 pounds) of propellant would 

remain for the evasive maneuver. This propellant quantity allows for 
all ullaging and attitude requirements, including attitude requirements 
during the coast between first and second evasive burns. The maximum 
♦ evasive maneuver AV capability for the APS is then on the order of 

25.9 meters /sec (85 ft/sec). Added to this an estimated^ LOX dump 
capability of 6. 1 meters/sec (20 ft/sec) makes the total maximum AV 
capability for the evasive maneuver of 32 meters/sec (105 ft/sec). If 
all of this A V capability is utilized, the S-IVB stage orbit can be 
dropped below the SEPS Satellite orbit by as much as 101. 8 kilometers 
(55 nautical miles), assuming the stage is put in a circular orbit. As 
currently foreseen, the APS will be loaded halfway, leaving only 45.4 
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FIGURE 4-1. APS PERFORMANCE CAPABILITY 


kilograms (100 pounds) for the evasive maneuver. This corresponds to 
a totally capability, excluding LOX dump, of 6. 1 meters /sec (20 ft/ 
sec). The resulting orbit would be 18. 5 kilometers (10 nautical miles) 
below the SEPS orbit. 

4. 3. 1. 2 ENGINE SYSTEM REQUIREMENTS 

In order to meet the requirements of the SEPS mission, re- 
start is required after a 1/2 orbit coast period. The 1/2 orbit (one hour) 
restart violates Rocketdyne's present constraint of a minimum coast 
period of 80 minutes prior to restart. Rocketdyne recommends reducing 
the Start Tank energy by lowering the vent relief setting and retiming the 
Main Oxidizer Valve to obtain acceptable restart conditions. New Start 
Tank restart requirements will be 792.9 + 33.47 Newton/cm^ (1150 + 50 
psi) and 133 + 16°K (240 + 30°R). 

Rocketdyne recommends (Table 4-3) a five second fuel lead 
for restart after a one hour orbital coast as compared to Apollo's eight 
seconds. This change compensates for the lower thrust chamber jacket 
temperature. A five second fuel lead is contingent upon installation of 
insulation on the engine nozzle. 


TABLE 4-3 J-2 ENGINE SEPS MODIFICATIONS 

Modification requirements for 60 minute coast: 

a. Five second fuel lead 

b. Reduce Start Tank vent/relief setting to 792.9 + 33. 47 
Newtons/cm^ (1150 + 50 psia) 

c. Change Start Tank refill orifice 

d. Retime Main Oxidizer Valve 

e. Add J-2 Bell insulation (S-IVB/IB only) 

5. 5/4. 8 MRCV selection based on start restraints of: 

a. 5. 0 + . 2 required for start 

b. 4. 5 + . 2 required for restart 

c. 4. 8 acceptable for start and restart with lower start 
tank pressurization energy 

d. 5. 5/4. 5 MRCV range not available with present valve. 
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The Start Tank vent relief change will also affect first burn 
start and thus the Start Tank liftoff box. The allowable liftoff box will 
be defined during the flight- planning phase, and the associated chill- 
down sequence will be established during CDDT Test Verification. 

Use of the 5. 5/4. 5 Mixture Ratio Control Valve (MRCV) re- 
sults in increased performance over the 5. 5/4.8 MRCV, but these 
valve settings miss the start requirement by 0. 3. The 5. 5/4. 8 MRCV 
meets the first start requirement and deviates only 0. 1 from the re- ( 

quired restart range. Therefore, the 5.5/4. 8 valve settings was se- 
lected for the SEPS mission with a lower start tank energy to compen- 
sate for this small deviation. 

4. 3. 2 SA TURN IB/S-IVB STAGE 

The Saturn IB versions of S-IVB require hardware modifica- 
tions and/or additions (Figure 4-2) to meet the mission coast and restart 
conditions. These changes, which affect the LOX chilldown system, 
feed system, outlets, stage pneumatic system, slosh control baffles, 
repressurization, ullage (Sat V APS), electrical and LH 2 tank vent sys- 
tems, are described below. 

4. 3. 2. 1 LOX CHILLDOWN SYSTEM 

The Saturn V LOX chilldown system feed line check valve can 
be installed directly by replacing a nut and a strainer. Installation of 
the check valve will prevent chill pump damage in the event of LOX back- 
flow. The Saturn V LOX Diffuser will be installed on the existing return 
line by adding four bolts and a gasket. Addition of the diffuser minimizes 
disturbances to the LOX due to LOX chilldown return flow. 

4. 3. 2. 2 ANTI-VORTEX SCREENS AND FLIPTOP SCREENS 

The Saturn V LH 2 Tank Anti-vortex Screen and Fliptop Screen 
Assembly replaces the Anti-vortex Screen on the Saturn IB vehicle. The 
Saturn V LOX Tank Fliptop Screen can be installed directly on the Saturn 
IB outlet. Addition of the fliptop screens allows vapors, collected under 
the screens, to be rejected, thus preventing vapor ingestion into the feed 
lines. *■ 

4. 3. 2. 3 CONTINUOUS VENT SYSTEM 

The Saturn V Continuous Vent System (CVS) will be added to 
the Saturn IB Vehicle. This system can be installed with minimal diffi- 
culty as was done in AS -203. The CVS addition will provide propellant 
settling during vehicle coast. 
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FIGURE 4.2 S— I VB/l B/SEPS MODIFICATIONS 


4. 3.2.4 PNEUMATIC SYSTEM 


The pneumatic system modifications consist of the addition of 
the Saturn V CVS Actuation Control Module and the addition of a purge 
bag around the pneumatic sphere with a GN£ Purge Line from the En- 
vironmental Control System (ECS) to the purge bag. 

4. 3.2.5 SLOSH CONTROL 

The new nylon fabricated LH 2 Ring Baffle (Figure 4-3) is . 558 
meters (22 inches) long and is oriented at 15 degrees from the horizon- 
tal. The base of the Baffle is attached at station 319.771 to minimize 
slosh amplitudes atS-IVB cutoff and to provide adequate propellant 
damping during coast to ensure positive restart. 

The new metallic LOX Baffle is cruciform in shape. Each 
leg of the cruciform is . 152 meters (6. inches) high and placed 90 de- 
grees apart. The upper end of the baffle legs are attached to the thrust 
cone structure-LOX tank interface. The base of the cruciform segments 
are attached to a 1.24 meters (49 inch) diameter metallic support ring. 
LOX slosh control is provided to ensure that propellant sloshing will not 
impair restart capability. 

4. 3. 2. 6 REPRESSURIZATION SYSTEMS 

The selection of candidate systems for propellant tanks re- 
pressurization was limited to the ambient and cryo repressurization 
systems used on the S-IVB/V, and cold helium blowdown through the 
LOX pressurization module (for LOX repressurization), because it is 
an available means on the S-IB. Cryo repressurization, which involves 
use of the O 2 H 2 burner, was eliminated because of the difficulty of in- 
stalling a new line from the LH 2 tank to the burner (tank sealing prob- 
lem). This left four candidates for consideration: (1) and (2) a forward 

(SLA) or aft (thrust structure) mounted ambient helium system; or (3) 
and (4), a combination of cold helium residual with either systems (1) 
or (2). Systems (1) and (2) require ten .127 cubic meter (4.5 ft^) 
storage spheres, seven for LH 2 tank repressurization and three for 
LOX tank repressurization. Systems (3) and (4) do not require any am- 
bient helium spheres for LOX repressurization as there is enough cold 
helium residual available. 

The ambient helium repressurization system for each propel- 
lant tank consists of high pressure storage spheres manifolded together, 
a repressurization module made up of two parallel shutoff valves, a 
dump valve and a filter, a flow controlling orifice, and the necessary 
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FIGURE 4.3 S-IVB SLOSH BAFFLE INSTALLATIONS 


pipe assemblies. These items are included in the various S-IVB engi- 
neering drawings. The installation of the forward mounted system re- 
quires rework and additions to the SLA. This system is the same as 
designed for the AS-206 restart study. Aft mounting of the storage 
spheres requires a structural beefup of the thrust structure. This beef- 
up consists of removing the forward intermediate frame (1A67839) and 
installing the heavier S-IVB/V thrust structure frame (1B52893). 

I 

The cold helium residual can be provided for LOX tank re- 
pressurization by using the LOX tank pressurization system as is. No 
mods are required. 

A 

The factors influencing the selection of one of the four candi- 
date systems are cost, weight, reliability and demonstrated perform- 
ance. The two candidates which incorporate aft-mounted storage spheres 
are more expensive than the corresponding forward mounted systems. 

The combination of LH 2 ambient repressurization and cold helium resi- 
dual for LOX repressurization is more advantageous cost-wise, except 
that the repressurization performance of cold helium gas in flight has 
not yet been demonstrated. Therefore, based on a combination of cost 
and proven performance, the forward mounted system of LOX and LH 2 
ambient repressurization is chosen. 

The electrical circuits for all configurations are of comparable 
complexity. The engineering effort for the aft ambient installation is ap- 
proximately 60 percent more than the forward installation, but the num- 
ber of hours under consideration are not significant. The main differ- 
ence in cost between forward and aft mounted systems is caused by the 
beefup requirement on the thrust structure. 

4. 3. 2. 7 AUXILIARY PROPULSION SYSTEM 

The Saturn V/S-IVB Auxiliary Propulsion System (APS) is 
recommended for installation on the Saturn IB /S-IVB Aft Skirt as the , 

ullaging system used at first engine cutoff and just prior to engine re- 
start and for altitude control and evasive maneuvers. The installation 
is a retrofit operation and will entail the following structural rework to 
the Aft Skirt. ♦ 

a. Remove the Saturn IB/IVB APS, the attach fittings, the 
environmental seal structures, and the Aft fitting internal 
support fittings and intercostals. 

b. Relocate the APS centerline .0365 meters (1.437 inches) 
toward stringer numbers 56 and 112. 
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c. Install new attach fittings, internal support fittings and 
intercostals , environmental seal structure, and fairing 
attach channels and fittings. 

d. Strengthen the intermediate frame located at station 

220. 750 by the addition of a 1.61 square cm (0. 250 square 
inch) strap to the inboard cap extending from the APS 
centerline to 1.02 meters (40 inches) on either side. 

t 

This installation can be made with a mated Saturn IB/S-IVB Aft Skirt. 

4. 3. 2. 8 ELECTRICAL SYSTEM 

* 

The existing aft number 2 battery has a rating of 82800 cou- 
lombs (23 ampere-hours). The requirements for the restart mission 
amount to 111600 coulombs (31 ampere-hours). It is recommended that 
the qualified battery presently used on Saturn V, which has a capacity 
of 27 x 10^ coulombs (75 ampere-hours), be installed. This battery is 
made up of two boxes instead of one and requires a new installation. 
However, the electrical and structural design effort, prepared as part 
of the 206 restart study, are still applicable and can be released with 
minimum effort. The battery will be installed between stringers 102 
and 105 and between stringers 2 and 3. Saturn V/S-1VB battery support 
intercostals are installed at the four noted stringer locations and the 
battery units are located on each side of panel position number 17. This 
arrangement requires no modification to the Saturn IB/S-IVB battery sup- 
port structure. 

The forward battery number 2 has a rating of 11520 coulombs 
(3.2 ampere-hours). The load demanded from this battery consists of 
the PU system which draws approximately four amperes and range safety 
system number 2 which draws approximately 0.3 amperes. 

The PU electronics is used primarily for loading propellant 

* and monitoring propellant status during flight. The battery will provide 

power for 45 minutes of flight. To eliminate the need for increasing the 
capacity of forward battery number 2, it is recommended that the PU 
System be shut off by a programmed command after first engine burn. 

’’ It is turned on again prior to second engine start as it is not mandatory 

that the data be received during coasting flight for mission success. 

4.3.3 SATURN V/S-IVB STAGE 

The basic Saturn S-IVB/V Stage is designed for a restart 
mission; therefore, modifications for the SEPS Mission are not extensive. 
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There are, however, certain modifications required due to the SEPS 
Mission peculiarities (i. e. , low propellant residual restart). 

The basic stage modifications include (Figure 4-4i): 

Removal of present baffles. 

Installation of low residual baffles. 

Modification of existing repressurization system. 

Modification of S-IB Interstage. 

4. 3.3.1 SLOSH CONTROL 

i 

To control fuel sloshing and to prevent venting of liquid hydro- 
gen during orbital coast, the Saturn V/S-IVB stage employs a baffle and 
deflector assembly located in the forward end of the fuel tank. The 
inner tubular ring of the deflector and the supporting struts are aluminum 
parts and therefore represents a significant weight penalty. Due to the 
low fuel level of the SEPS Mission these items are removed, thereby 
providing a mass saving of 89.8 kilograms (190 pounds) and improving 
access to the fuel tank for subsequent rework. The propellant tank wall 
studs are left in place. 

As described previously for the S-IVB/IB, a new fuel baffle is 
installed at station 319. 771 for slosh control after engine cutoff and prior 
to engine restart. The LOX slosh baffle has a cruciform shape and ex>- 
tends from the thrust structure /aft dome intersection to 1.24 meter (49 
inch) diameter support ring in the bottom of the tank. 

4. 3 . 3 . 2 REPRESSURIZA TION 

The selection of candidate systems for propellant tank re- 
pressurization was limited to the cryo and ambient repressurization 
systems already installed on S-IVB/V and combinations of these sys- 
tems involving modifications, additions and/or deletions (for weight 
savings). Also considered in these combinations was the direct use of 
cold helium residual supplied through the LOX pressurization module, 
instead of routing it through the O 2 H 2 burner as is done in cryo 
repressurization. 

The ambient repres sur ization and cold helium residual sys- 
tems are the same as described for S-IVB/IB. The cryo repressuriza- 
tion system uses cold helium stored in .099 cubic meter (3.5 cubic feet) 
high pressure spheres and supplied by the regulator in the LOX pressuri- 
zation module to the LOX and LH£ cryo repressurization modules. Each 
of these modules consists of a pair of parallel shutoff valves, a plenum 
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FIGURE 4.4 S-IVB/V/SEPS MODIFICATIONS 




chamber and associated plumbing. From these modules the helium is 
routed through the heat exchanger coils in the O2H2 burner to increase 
its energy level and through the flow controlling orifices to the propel- 
lant tanks. It should be noted that burner operation in the SEPS Mission 
requires an extension of the LOX feed lines inside the tank to get below 
the liquid level in the tank. 

Six candidate systems were considered. The first system is 
the combination of ambient plus cryo repressurization available on the 
present configuration. The LOX and LH2 ambient systems here contain 
two and five storage spheres respectively. Note, however, that one of 
the LOX spheres is also connected with the LH2 system. The second 
system consists of the same elements as the first, but in this system 
all seven storage spheres are manifolded together to supply the LH2 
tank, while in the O2H2 burner the LH2 repressurization coils are tied 
into the LOX repressurization system. The third system consists of 
cryo repressurization only. The ambient repressurization systems are 
removed to save weight. The fourth and fifth systems provide ambient 
repressurization only. One is a forward, the other is an aft mounted 
system as described for the S-IVB/IB. The sixth candidate is a com- 
bination of ambient repressurization for the LH2 tank and cold helium 
residual feed directly to the LOX tank. This system uses the same prin- 
ciple as the second candidate, except that it operates without the O2H2 
burner. 


The recommended system (ambient fuel and cryo LOX) con- 
sists of the same elements as the present system. The same factors 
(cost, weight, reliability, and proven performance) as applied to the 
S-IVB/IB trade study influence the selection of the S-IVB/V repressuri- 
zation system candidate. Only the third candidate burner was not en- 
tered in the costing study because its performance was determined to be 
marginal. Of the remaining candidates, the first two systems, i.e., the 
present configuration and the slightly modified one, using burner for 
LOX repressurization only, are the most cost effective. The latter, al- 
though obviously requiring some expense, is chosen because cryo re- 
pressurization of the LOX tank is not nearly as critical as that of the 
LH2 tank. The effect of sensible heating of the liquid in the tank on 
NPSH is much greater for LH2 than for LOX. Also, in case of a burner 
failure it is still possible to repressurize the LOX tank with cold helium 
directly supplied through the LOX pressure system by a simple change 
of time base, comparable to TB 6 A in the Apollo flights. The burner 
voting circuit can supply the trigger activating this alternate time base. 
The electrical complexity of all the circuits is approximately equal. 

More effort is required to remove the O2H2 burner and install a com- 
plete ambient system, but the variation in engineering effort is not of 


such a magnitude to influence system selection. The major cost item 
in the other candidate systems is the cost of fabrication and installation 
of the ambient helium storage spheres. 

4. 3.3.3 INTERFACE 

Mating the Saturn V/S-IVB Stage to a Saturn IB Interstage re- 
quires modification to the prime structure of the Saturn IB/S-IVB inter- 
stage to distribute the discontinuity in loading resulting from the unequal 
number of stringers at the interface plane and to accept the bolt hole 
pattern of the Saturn V/S-IVB. 

A new outer frame cap of the interface frame (Figure 4-51), 
having the same shape as the existing cap but with a revised trim (to 
attach new stiffeners) and the Saturn V/S-IVB bolt hole pattern, is in- 
stalled in the Interstage. Tee stiffeners are attached between interstage 
stringers and extend from the frame cap . 33 meters (13. 5 inches) aft to 
the first interstage intermediate frame. These tee stiffeners pick up 
part of the discontinuous load and shear this load to the adjacent inter- 
stage stringers. 

Structural revisions in the interstage area will require changes 
in the wiring installations. If an existing cable is long enough to reach 
the revised interface it will be installed; for those cables which will not 
reach, an adapter cable will be fabricated to compensate for the differ- 
ence in length. 

There are seven measurements and commands peculiar to 
S-IVB/IB that are spares on the comparable S-IVB/V pins, and there are 
two pins which have a conflict between the S-IVB/IB and S-IVB/V. These 
differences will require minimal wiring changes. 

The electrical interface with the IU consists of functions which 
interconnect the S-IVB/V and IU, and the IU with the stage(s) below the 
S-IVB/V. The interstage interface consists of functions interconnecting 
the S-IVB/V and S-IB and the S-IB with the IU. It is recommended to tie 
back 31 wires, some of which carry signals from the S-IB telemetry 
from the S-IVB. Other changes include five wiring revisions and the 
addition of two wires. These changes do not cause a significant impact. 

4. 3. 4 S-IVB STAGE SELECTION FOR SEPS 

The present S-IVB stage status reveals six complete Saturn 
IB/S-IVB stages and five complete Saturn V/S-IVB stages available for 
consideration for the SEPS Mission. S-IVB-212 and S-IVB-515 were 
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FIGURE 4.5 SAT IB/S-IVB INTERSTAGE MODIFICATIONS 


reworked for Saturn workshops. Of the six Saturn IB/S-IVB stages avail- 
able, four have firm mission plans and the other two are being considered 
for missions in the second Skyla.b. Of the five Saturn V/S-IVB stages 
available, three are assigned to Apollo missions and two have no present 
assignment. One of the two unassigned Saturn V/S-IVB stages com- 
pletes the stack for a complete Saturn V launch vehicle, available for 
future mission applications. The other Saturn V/S-IVB stage would be 
available for SEPS consideration. 

The S-IVB stage to be utilized for the SEPS mission must be 
capable of restarting to circularize the orbit at the proper altitude. The 
Saturn IB/S-IVB would require extensive modification while the Saturn 
V/S-IVB has this capability. The Saturn V/S-IVB stage does, however, 
require modification to mate with the S-IB stage. A Saturn V/S-IVB 
stage is recommended for SEPS based upon availability without interfer- 
ence to present planning or breaking up a stacked vehicle in either pro- 
gram and lower modification cost as the restart package is present on the 
Saturn V/S-IVB stage. 

Present planning does not assign missions to Saturn V/S-IVB 
stages 513 and 514. S-IVB-513 is presently stacked with the SA-514 

launch vehicle; however, a performance comparison of the two S-IVB 
stages reveals the S-IVB-514 to be the higher performer. As the per- 
formance of S-IVB-513 is adequate to meet the requirements for SEPS, 
this stage was selected leaving the higher performing stage for a more 
sophisticated Apollo type mission. 

4. 4 S-IU STAGE (Reference 9 ) 

4. 4. 1 S-IU STAGE MODIFICATION 

Based on the preliminary data for the SEPS mission, there 
appears to be no significant structural problems associated with the IU. 
However, the preliminary stress data does indicate that an increase in 
vent area and/or a structural modification, similar to the bonded 
washers for Skylab, may be required if the standard SLA and nosecone 
(AS-204 configuration) is used. 

The SEPS design tension loads are considerably greater than 
those for other IU missions, with the exception of Skylab, and results in 
negative margins of safety in yield at the lower IU interface flange. The 
relatively light payload, in combination with the large projected area of 
the shroud above the IU, causes excessive tension loads at the lower IU 
interface. 
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The use of a smaller volume shroud or a lower compartment 
delta pressure, via an increase in S-IVB vent area, should reduce the 
IU tension loads. Another method would be to move the SEPS support 
attach points closer to the IU. Finally, the addition of bonded washers 
at the lower interface, similar to those on Skylab, would increase the IU 
tension capability. 

A brief investigation was conducted to assess the capability of 
the existing IU Environmental Control System (ECS) in meeting the SEPS 
mission requirements. Further, structural temperature predictions 
indicate that the addition of exterior surface insulation to the IU struc- 
ture is not required. 

Contamination of the satellite is not considered a potential 
problem as the satellite will be enclosed by a protective cover and the 
cavity will be purged with GN 2 . 

The following network changes have been identified: 

EDS and IU /Payload Changes 


Remove the EDS engine cutoff wiring to the S-IB and S-IVB 
stages. 

Delete the EDS/Apollo busses +6D91, +6D92 and +6D93. 

Delete the S-IVB stage fuel tank pressure indication wiring 
to the spececraft. 

Delete the spacecraft control of Saturn Vehicle circuitry 
(+6D31). 

Add SLA/Nosecone deployment circuitry. 

Add to new payload interface cable to the measuring distributor • 
to accommodate added SLA /Payload measurements. 

IU/S-IVB Changes 

r 

Add IU circuitry for S-IVB measurement O 2 /H 2 burner 
malfunction. 

The majority of these network changes can be accomplished 
by modifications to the EDS distributor, the control distributor 603A2, 
and the measuring distributor 602A3. These three distributors shall be 
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provided from existing government inventory and can be modified for 
installation on AS-209 at KSC. If AS-209 is used as the Skylab Rescue 
Vehicle, these distributors will be reworked for another vehicle. 

The attitude control system should be capable of performing 
all phases of the SEPS mission. Certain hardware modifications must 
be made to the Flight Control Computer (FCC), such as filters and opti- 
mum gains; however, these modifications must be performed for each 
FCC, regardless of the launch vehicle mission. 

It is desired to roll the S-IVB/IU at a rate such that when the 
payload is ejected, it will have a spin greater than 0.6 degrees /second. 
Roll rates of this magnitude cannot be sustained with the present attitude 
control system since the rate ledge for roll is 0.5 degrees /second. How- 
ever, this can be corrected by a software change to the LVDC flight 
program. 

4.4.2 S-IU STAGE SELECTION FOR SEPS 

The present S-IU stage status indicates that 7 Saturn IB IU's 
and 5 Saturn V IU's are available. All Saturn V IU's are assigned to a 
completely stacked launch vehicle; three of these vehicles have firm 
mission assignments; one is the Skylab backup launch vehicle; and the 
remaining vehicle is unassigned. All Saturn V launch vehicles with an 
assigned mission require an IU and any future plans for the unassigned 
Saturn V will require an IU. All Saturn IB IU's are assigned to a com- 
plete launch vehicle with the exception of S-IU-212. No S-IVB stage 
exists in the Saturn IB-212 stack. Of the Saturn IB launch vehicles, 
four have firm missions and the two remaining complete vehicles are 
tentatively planned for manned missions associated with Skylab B or 
with other manned missions presently being considered. The IU stage 
for Saturn IB-212 is presently being assembled. This IU, when com- 
plete, will not be a part of any present mission since the Saturn IB-212 
is not a complete launch vehicle. S-IU-212 will meet all the require- 
ments for this mission with very few modifications. The S-IU software 
is scheduled far enough in advance to allow development without signifi- 
cant additional cost. 

4. 5 GROUND SUPPORT EQUIPMENT MODIFICATION DEFINITION 

(Reference) 10) 

The basic ground support equipment modification effort will be 
to provide a reconfiguration modification kit to update LC-39 (which in- 
cludes FR-3, ML-3, Pad B, High Bay 1 and the Low Bay) and the Saturn 
IB System Development Facility from a manned AS-209 configuration to 
an unmanned S-IB-212/S-IVB-513/S-IU-212 configuration. 
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The LVGSE update will primarily effect the electrical support 
equipment. Some effort will also be necessary for the Saturn ground 
computer system, operational display system and the mechanical ground 
support equipment. 

The principal hardware impact that has been identified beyond 
the normal LVGSE impact includes: 

a. Reactivation of the S-IVB O2H2 burner system. 

b. Minor modification to the S-IVB stage pressurization 
system. 

c. Minor modification to the S-IVB engine preparation 
system. 

d. Addition of payload pneumatics and ordnance systems. 

e. Deletion of EDS, Q-Ball and Apollo Spacecraft simulator 
interfaces . 


SECTION 5. MISSION ANALYSIS 


5. 1 MISSION PROFILE 

5.1.1 LAUNCH SEQUENCE 

The SEPS mission requires insertion of the payload into a 3720 km 
(2008.6 nm) circular orbit, inclined at 55 degrees to the equatorial plane. 
Figure 5-1 illustrates the launch sequence which consists of three phases: 
boost, coast, and final burn into the operational orbit. The boost phase begins 
with a northerly launch from Pad 39B at Kennedy Space Center. A flight 
azimuth of 37. 94 degrees east of north provides a planar boost flight for the 55 
degree inclination requirement. Completion of the S-IVB first burn inserts the 
vehicle into a 150 x 3720 km (81 x 2008. 6 nm) elliptical orbit. 

The coast mission phase requires approximately 63 minutes and con- 
sists of the Hohmann transfer from 150 km (81 nm) to the operational orbit 
altitude of 3720 km (2008. 6 nm). Early in the coast the payload shroud, con- 
sisting of the SLA and nosecone, is jettisoned in a retrograde direction. The 
vehicle is then oriented and maintained in a local horizontal attitude for the re- 
mainder of the coast. 

The final phase of the launch sequence consists of the S-IVB stage 
second burn at first apogee passage in the elliptical orbit. This circularization 
burn establishes the operational orbit required by the SEPS satellite. Just prior 
to engine start the IU will command a local horizontal attitude hold mode which 
will be maintained throughout the burn. 

5.1.2 PAYLOAD SEPARATION 

Following insertion into the operational orbit, the vehicle will be 
maneuvered to the payload separation attitude. This attitude is defined by the 
requirement that the satellite spin axis be orientated normal to the ecliptic 
plane. The satellite will then be released as the vehicle crosses the equatorial 
plane at the first ascending node in the operational orbit. For thermal heating 
control, the satellite is required to have a spin rate of approximately 0. 6 deg/ 
second. This will be provided by rolling the S-IVB stage with the Auxiliary 
Propulsion System prior to payload separation. 

5.1.3 S-IVB EVASIVE MANEUVERS 

To decrease the possibility of recontact with the satellite, two S-IVB 
APS retroburns will be used to lower the S-IVB/lU orbit. The first retroburn 
will occur at the first descending node after payload separation (approximately 
84 minutes) and will provide a perigee of the S-IVB/lU orbit below the satellite 
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orbit. The second retroburn will occur at the first ascending node after pay- 
load separation {approximately 168 minutes) and will lower the apogee of the 
S-IVB/IU orbit. These evasive maneuvers will completely separate the orbits 
of the S-IVB/IU and satellite and will provide a near zero probability of re- 
contact. 

5 . 2 MISSION TIME LINE 

Table 5-1 contains approximate values of the flight sequence of event 
times for the SEPS mission based on the Saturn launch vehicle defined as a 
result of the Phase B study. 

5.3 PERFORMANCE ANALYSIS 

5. 3. 1 LAUNCH VEHICLE BOOST TRAJECTORY 

A modified Saturn IB launch vehicle, defined as a result of the Phase 
B studies of the proposed Smithsonian Earth Physics Satellite (SEPS) mission, 
can insert a satellite of approximately 3637 kg (8018 lb) into the required orbit, 
i. e. , circular at an altitude of 3720 km (2008. 6 n mi) and an inclination of 55 
degrees. In addition to the satellite, weight above the IU at insertion includes 
599 kg (1320 lb) of fixed payload enclosure and a 339 kg (747 lb) payload adapter. 

There are several possibilities for increasing the launch vehicle pay- 
load capability if necessary. In addition to the payload capability trade-off data 
presented in Section 5.3.3, a payload increase of approximately 347 kg (lbm.) 
can be realized by reducing the FPR requirements from 3 -sigma to 2-sigma 
values. 


As a result of the Phase B study, the Saturn launch vehicle stages 
recommended for the SEPS mission are S-IB-212, S-IVB-513, and S-IU-212. 

The S-IVB stage engine mixture ratio settings will be 5. 5:1. 0 and 4. 8:1. 0. 
Trajectory parameters presented below are indicative of those expected for 
, the launch vehicle defined as a result of the Phase B study. 

Time history plots of significant trajectory parameters through 
S-IVB first burn are shown in Figures 5-2 through 5-10. Additional trajectory 
* data are presented in Reference 11. The flight environment is expected to be 

more severe than that predicted for the Saturn IB flights of the Sky lab Program. 
However, the Saturn IB/SEPS flight environment is significantly less severe than 
that experienced during the flight of the SA-203 launch vehicle. A comparison of 
the flight environment parameters for these three vehicles is shown in Table 5.2. 
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TABLE 5-1 
MISSION TIMELINE 


EVENT 

FLIGHT TIME 

Liftoff 

0 

Initiate Tilt 

10. 0 

Tilt A rrest 

131.5 

IECO 

138. 3 

OECO 

141. 3 

S-IB/S-IVB Separation 

142. 7 

J-2 Ignition Signal 

144. 0 

J-2 90% Thrust 

147. 5 

Ullage Case Jettison 

154. 6 

Initiate IGM 

166. 9 

Mixture Ratio Shift 

434.0 

S-IVB 1st Burn Cutoff (GCS) 

577. 7 

Orbit Insertion (Maneuver to Retro AttLtude 
for SLA/Nosecone Jettison; Begin LH 2 
Boil-Off and Venting) 

587. 7 

Jettison SLA /Nosecone (Maneuver to and 
Maintain Local Horizontal Hold - Nose Forward) 

1247. 7 

Termination of LH 2 Boil-Off 

4192. 7 

Begin Inertial Attitude Hold 

4332. 7 

S-IVB Restart Sequence Command 

4342. 7 

J-2 Ignition 

4347. 7 

J-2 90% Thrust 

4351. 2 


SECONDS 


k 


l 
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TABLE 5-1 (Concluded) 
MISSION TIMELINE 


EVENT FLIGHT TIME - SECONDS 

S-IVB 2nd Burn Cutoff (GCS) 4368. 9 

► # 

Orbit Insertion (Termination of Interial 4378. 9 

Attitude Hold; Maneuver to and Maintain 
Local Horizontal Hold - Nose Forward; 

« Begin Vent of S-IVB Propellant Tanks 


Termination of S-IVB Vent 5278. 9 

Payload Separation (Maneuver to and 7068. 9 

Maintain S-IVB/IU in Retro Attitude) 

S-IVB APS 1st Retro Burn 12109.0 

S-IVB APS 2nd Retro Burn 17149.0 


k 
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FIGURE 5-4. PITCH ATTITUDE VS. TIME - S-IB STAGE FLIGHT 
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Inertial Velocity (m/sec) 
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FIGURE 5-9. VELOCITY VS. TIME - S-IVB FIRST BURN 
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FIGURE 5-10. PITCH ATTITUDE VS. TIME - S-IVB FIRST BURN 
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TABLE 5.2 FLIGHT ENVIRONMENT 

Max. Dynamic Press Max. S-IB Accel. AHI @ S-IB Sep. 

Vehicle N/m^ (lb/ft^) g_^s N-m/m^ (lbf-ft/ft^) 


SA-203 

40,374 

(843) 

5. 78 

88. 06 x 10 7 

(60.34xl0 6 ) 

SEPS 

35,990 

(752) 

4. 61 

70. 80 x 10 7 

(48. 52 x 10 6 ) 

SL-2 

33, 666 

(703) 

4. 34 

63.67 x 10 7 

(43. 63 x 10 6 ) 


5.3.2 LAUNCH VEHICLE DISPERSION ANALYSIS 


Early in the Phase B study, a launch vehicle dispersion analysis was 
conducted based on a Preliminary Reference Trajectory. This preliminary tra- 
jectory was generated for a launch vehicle consisting of the S-IB-210 and S-IVB- 
514 stages. The results of the dispersion analysis are presented in terms of the 
Flight Performance Reserve (FPR) requirement and effects on the design tra- 
jectory parameters of acceleration, dynamic pressure, and an aerodynamic 
heating indicator (AHI). Additional details of the dispersion analysis are pre- 
sented in Reference 12. 

5 . 3 . 2 . 1 F LIGHT PER FORMANCE RESERVE 

The individual contribution of each error source to the Saturn IB/SEPS 
vehicle FPR is shown in Table 5-3. These data reflect 3 -sigma tolerances to the 
error sources considered, and, when combined by the root-sum-square method 
show that 593 kg (1307 lb) of LOX and 448 kg (987 lb) of LH 2 are required for 
FPR; a total propellant loading of 1041 kg (2294 lb). 

An identification of the significant contributors to the FPR is provided 
by Table 5-4. As indicated by these data, 70% of the LOX FPR is required to 
compensate for S-IVB stage error sources. Two S-IVB stage error sources, 
the LOX residual case and stage inert weight, account for nearly 97% of the LH 2 
FPR. 


Since there is some consideration of reducing the Saturn IB/SEPS 
vehicle FPR to that required to compensate for error source tolerances at the 
2 -sigma level, the LOX and LH 2 required for this case have been determined. 
Under this assumption (i.e. , 2-sigma FPR), the LOX and LH 2 requirements 
are reduced to 395 kg (871 lb) and 298 kg (658 lb), respectively. 

5. 3. 2. 2 DESIGN TRAJECTORY PARAMETERS 

Tables 5-5; 5-6, and 5-7 show the prime contributors to the maximum 
envelopes of the design trajectory parameters. 


TABLE 5 -3 

SATURN IB LAUNCH VEHICLE DISPERSION ANALYSIS 

PROPELLANT RESERVES REQUIRED TO OFFSET ERROR SOURCE 
EFFECTS ON PERFORMANCE 


STAGE PROPELLANT 

ERROR SOURCE REQUIREMENT 


3CT TOLERANCE 

LOX 

kg 

(lbm) 

lh 2 

k g 

(lbm) 

S-IB Stage-Non Prop. 
Non Propellant Mass 

+ 140. 6 kg (+310 lb) 

+ 12. 2 

(+27) 

+2. 7 

(+6) 

-140. 6 kg (-310 lb) 

-12. 2 

(-27) 

-2. 7 

(-6) 

Thrust Misalignment 

+ . 62 DEG PITCH 

-10. 9 

(-24) 

-2. 3 

(-5) 

-. 62 DEG PITCH 

+ 14. 1 

(+31) 

+3. 2 

( + 7) 

+. 62 DEG YAW 

+3. 2 

(+7) 

+0. 5 

(+D 

-. 62 DEG YAW 

+ 1.4 

(+3) 

+0. 5 

( + 1) 

Axial Force Coefficient 

+ 15% 

+112. 5 

(+248) 

+24. 9 

(+55) 

-15% 

-111.1 

(-245) 

-24. 9 

(-55) 

S-IB Stage Propulsion 
Propellant Density 

High LOX 

+ 13. 2 

(+29) 

+3. 2 

(+7) 

Low LOX 

+ 11. 3 

(+25) 

+2. 3 

(+5) 

High F uel 

+219. 5 

(+484) 

+49. 4 

(+109) 

Low Fuel 

00 

o 

m 

i 

(-112) 

-11.3 

(-25) 

Propellant Loading 

+0. 35% LOX 

-71. 7 

(-158) 

-15. 9 

(-35) 

-0. 35% LOX 

+ 71. 7 

( + 158) 

+ 15. 9 

(+35) 

+0. 35% Fuel 

+39. 0 

(+86) 

+8. 6 

(+19) 

-0. 35% Fuel 

-39. 5 

(-87) 

-8. 6 

(-19) 

Thrust & Flow Rate 

+1. 5% 

-107. 5 

(-237) 

-24. 0 

(-53) 

-1. 5% 

+129. 3 

(+285) 

+28. 6 

(+63) 
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TABLE 5-3 (CONT'D) 

SATURN IB LAUNCH VEHICLE DISPERSION ANALYSIS 

PROPELLANT RESERVES REQUIRED TO OFFSET ERROR SOURCE 
EFFECTS ON PERFORMANCE 

STAGE PROPELLANT 

ERROR SOURCE REQUIREMENT 


3C T TOLERANCE LOX LH 2 



k g 

(lbm) 

k g 

(lbm) 

Isp & Flow Rate 
+0. 9 SEC 
-0. 9 SEC 

-64. 0 
+63. 5 

(-141) 

(+140) 

-14. 1 
+ 14. 1 

(-31) 

(+31) 

Engine Mixture Ratio 
LOX Residual 
Simultaneous Depl. 

+96. 2 
-93.4 

(+212) 

(-206) 

+21.3 
-20. 9 

(+47) 

(-46) 


S-IB Stage-Environment 


Winds 


Head 

+74. 4 

(+164) 

+ 16.3 

(+36) 

Tail 

-174. 6 

(-385) 

-39. 0 

(-86) 

Right Cross 

+3. 2 

(+7) 

+0. 9 

(+2) 

Left Cross 

+ 11. 3 

(+25) 

+2. 3 

(+5) 

Atmosphere 

Maximum Profile 

+31.8 

(+70) 

+6,8 

(+15) 

Minimum Profile 

-54. 0 

(-119) 

-11. 8 

(-26) 


S-IVB Stage-Non Prop. 


Stage Inert Mass 

+408. 2 kg (+900 lb) 
-408. 2 kg (-900 lb) 

+325. 2 
-324. 3 

(+717) 

(-715) 

+ 72. 1 
-72. 1 

(+159) 

(-159) 

S-IVB Stage -Propuls ion 





Propellant Loading 
+768. 4 kg (+1694 lb) 
-768. 4 kg (-1694 lb) 

-15. 9 
+ 19. 1 

(-35) 

(+42) 

-3. 6 
+4. 1 

(-8) 

(+9) 

Thrust & Flow Rate 
+ 1. 98% 

-1. 98% 

-118. 4 
+ 131.5 

(-261) 

(+290) 

-26. 3 
+29. 0 

(-58) 

(+64) 
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TABLE 5-3, (Concluded), 

SATURN IB LAUNCH VEHICLE DISPERSION ANALYSIS 

PROPELLANT RESERVES REQUIRED TO OFFSET ERROR SOURCE 
EFFECTS ON PERFORMANCE 

STAGE PROPELLANT 

ERROR SOURCE REQUIREMENT 

30- TOLERANCE LOX LH 2 



k g 

(lbm) 

k g 

(lbm) 

Isp & Flow Rate 
+2. 40 SEC 
-2. 21 SEC 

-174. 2 
+160. 6 

(-384) 

(+354) 

-38. 6 
+35. 8 

(-85) 

(+79) 

LOX & Fuel Residual 
AEMR =-2. 96% 

A EMR = +2. 22% 

-433. 6 
+312. 1 

(-956) 

(+688) 

+433. 6 
-312. 1 

(+956) 

(- 688 ) 

FPR 

592. 8 

(1307) 

447. 7* 

(987) 


* INCLUDES FUEL BIAS 
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TABLE 51-4 

SATURN IB LAUNCH VEHICLE DISPERSION ANALYSIS 
ERROR SOURCE CONTRIBUTION TO FLIGHT PERFORMANCE RESERVES 


ERROR SOURCE 

S-IVB Stage Inert' Mass 
S-IVB Fuel Residual 
S-IVB LOX Residual 
S-IB Fuel Density 
S-IVB Isp & Flow Rate 
S-IVB Thrust & Flow Rate 
S-IB Thrust & Flow Rate 
Axial Force Coefficient 
S-IB LOX Residual 
All Others 


PERCENT CONTRIBUTION 
LOX LH2 

30.1 2.6 

27.7 * 

* 93.8 


13. 7 
7. 3 
4. 9 
4. 8 
3. 6 
2 . 6 


*Less than 1.0% Contribution 
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TABLE 5-5 

SATURN IB LAUNCH VEHICLE DISPERSION ANALYSIS 
AXIAL ACCELERATION COMPARISONS 


AXIAL ACCELERATION 
DISPERSIONS 


ERROR SOURCE 

THREE SIGMA 
TOLERANCE 

@ 135 SECONDS 
m/sec^ (ft/sec^) 

S-IB Thrust 
(Constant Isp) 

+ 1.5% 

2. 159 

(7. 083) 

S-IB RP-1 Density 

+3CTSurface Temp. 

1. 545 

(5. 069) 

S-IB LOX Density 

-30"Surface Winds 

0. 820 

(2. 690) 

S-IB Isp 

(Constant Thrust) 

-0. 9 sec 

0. 292 

(0. 958) 

S-IVB Propellant Loading 

-768. 4 kg (-1694 lbm) 

0. 280 

(0. 919) 

S-IB LOX Loading 

-0.35% 

0. 245 

(0. 804) 

All Others 


0. 158 

(0. 518) 

ROOT SUM SQUARE 


2. 823 

(9.262) 


NOMINAL +RSS AXIAL ACCELERATION = 47. 426 m/sec 2 (155. 597 ft/sec 2 ) 


NOTE: 

1. Estimated acceleration at IECO event is 48. 132 m/sec 2 (157. 913 ft/sec 2 ) 


* 
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TABLE 5-6 

SATURN IB LAUNCH VEHICLE DISPERSION ANALYSIS 
DYNAMIC PRESSURE COMPARISONS 


error source 

THREE-SIGMA 

TOLERANCE 

Q DISPERSIONS 
@ 72 SECONDS 



N/m 2 

(lbf/ft 2 ) 

Headwinds 

3 O' Profile 

1304 

(27.2) 

Atmospheric Density 
(Std. Temp, and Press.) 

Max. Density 

(+/° = f(h)) 

628 

(13. 1) 

Axial Force Coefficient 

-15% 

530 

(11. 1) 

S-IB Thrust Misalignment 
(In Pitch Plane) 

-0. 62 deg 

383 

( 8.0) 

Left Crosswind 

30" Profile 

167 

(3.5) 

S-IB Isp 

(Constant Thrust) 

-0. 9 sec 

49 

(1.0) 

All Others 


59 

(1.2). 

Root -sum-square 


1598 

(33.4) 


NOMINAL +RSS Q = 36,736 N/m 2 (767 lbf/ft 2 ) 


TABLE 5 -7 . 

SATURN IB LAUNCH VEHICLE DISPERSION ANALYSIS 
AERO-HEATING INDICATOR COMPARISONS 

THREE-SIGMA A HI DISPERSIONS 

ERROR SOURCE TOLERANCE @ 140 SECONDS 

10 7 N-m/m 2 (10 6 lbf-ft/ft 2 ) 


Atmospheric Density 

(Std. Temp, and Press.) 

Max. Density 
(+/> = f(h» 

3. 206 

(2. 197) 

S-IB RP-1 Density 

-3<X Surface Temp. 

2. 562 

(1. 756) 

Left Crosswind 

30" Profile 

2. 227 

(1. 526) 

Headwind 

3 O' Profile 

2. 156 

(1. 477) 

S-IB Thrust 

-1.5% 

2.056 

(1.409) 

S-IB Thrust Misalignment 
(In Pitch Plane) 

-. 62 deg 

1.570 

(1. 076) 

S-IB LOX Density 

+30" Surface Winds 

0.918 

(0. 629) 

S-IB Thrust Misalignment 
(In Yaw Plane) 

-. 62 deg 

0.450 

(0. 308) 

All Others 


0.229 

(0. 157) 

ROOT-SUM-SQUARE 


5.852 

(4. 010) 


NOMINAL +RSS A HI = 73.280 x 10 7 N-m/m 2 (50. 213 x 10 6 lbf-ft/ft 2 ) 

NOTE: 

1. Estimated AHI at S-IB separation event is 73. 321 x 10 7 N-m/m 2 
(50. 241 x 10 6 lbf-ft/ft 2 ) . 
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Ia order to provide a measure of the "severity" of the flight environ- 
ment being predicted for the Saturn IB/SEPS vehicle, the following provides a 
comparison of the design trajectory parameters with those experienced by 
SA-203. 

TABLE 5-8 TRAJECTORY PARAMETERS 

Max. Dyn. Press. Max. Accel. AHI @ S-IB Sep. 
Vehicle Trajectory N/m^ (lb/ft^) g's N-m/m^ | (lbf— ft/ft^) 


SA-203 

Nom. Flight 

40,374 

(843) 

5. 78 

88.06 x 10 7 (60. 34x 10 6 ) 

SEPS 

Nom. Flight 

35,137 

(734) 

4. 76 

66.64 x 10 7 (45. 66xl0 6 ) 

SEPS 

Nom. +3<rRSS 

36, 736 

(767) 

4. 91 

73.32 x 10 7 (50.24xl0 6 ) 


The above comparison shows that the 3-sigma maximum design tra- 
jectory parameters predicted for the Saturn IB/SEPS vehicle are well below 
those experienced during the flight of SA-203. 


5.3.3 TRADE STUDIES 

The following results show the changes in vehicle performance which 
can be effected by variations in the baselined mission requirements and launch 
vehicle weights. These results were obtained from References 7, 11, and 13. 

5.3.3. 1 FLIGHT PROFILE 

The ground rules for the Phase B Studies of the proposed SEPS mission 
specified a circular orbit at 3720 km (2008. 6 nm) with an inclination of 55 degrees. 
Since the Smithsonian proposal indicated that an orbit altitude above 3000 km 
(1619. 9 nm) is considered adequate for the mission, this analysis was performed 
to determine what payload gains could be effected by lowering altitude below the 
3720 km (2008. 6 nm) ground ruled for the study. In addition, the effects of de- 
creasing orbit inclination, and of variations in the perigee insertion altitude were 
examined. 

Altitude and Inclination. The following figure shows the effects on payload when 
altitude and/or inclination of the final orbit is varied from 3720 km (2008. 6 nm) 
and 55 degrees. 
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FIGURE 5-11. DELTA-PAYLOAD VS ALTITUDE & INCLINATION 


Figure 5-11 indicates that approximately 1224. 7 kg (2700 lb) of payload 
can be gained by decreasing the operational orbit altitude from 3720 km (2008.6 
nm) to 3000 km (1619. 9 nm), while maintaining a 55 degree inclination. 

Perigee Insertion. A perigee insertion altitude of 150 km (81 nm) has been 
baselined for the SEPS mission. Figure 5-12 indicates the effect on payload 
capability and flight environment for variations in perigee insertion altitude. 

As shown, a payload gain of approximately 294. 8 kg (650 lb) can be achieved 
by lowering the perigee insertion altitude from 150 km (81 nm) to 92. 6 km (50 
nm). For the resulting flight profile, the flight environment parameters 
(evaluated at S-IB stage separation) of maximum dynamic pressure, maximum 
acceleration, and aerodynamic heating indicator are all still well below the 
maximums experienced during the flight of the SA-203 vehicle. 

5. 3. 3. 2 RANGE SAFETY 

The following results represent the performance and range safety 
trade-offs associated with selected trajectories for the SEPS mission. Specific 
trajectories examined are: 1) the baseline 55 degree inclination planar flight 
profile, 2) a 55 degree inclination orbit achieved through boost flight yaw- 
steering, and 3) a 50 degree inclination planar flight profile. A lateral cross - 
range impact corridor of 52 km (28. 1 nm) on either side of the nominal Instan- 
taneous Impact Prediction (IIP) trace has been considered in this analysis. 
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Baseline Flight Profile. The HP trace and crossrange impact corridor for a 55 
degree inclination planar launch are illustrated in Figures 5-13 and 5-14. A 55 
degree inclination causes the planar IIP trace to traverse Newfoundland and 
Eurasia including the Balkan States. 

Total landmass impact probability is the same order of magnitude as 
in the planned Sky lab/Saturn IB flights. However, the higher inclination pro- 
posed for the SEPS mission results in a number of additional countries within 

the range safety lateral corridor limits. 

» 

Launch Azimuth/Inclination Effects. Figures 5-13 and 5-14 also contain the HP 
traces for the 50 degree inclination planar launch and the 55 degree inclination 
non-planar launch. In Figure 5-14, the HP trace for the latter trajectory is 
shown as coincident with the IIP trace for a planar launch to the same inclination. 
The two HP traces are very similar, but not coincident; thus the equivalence 
implied in Figure 5-14 is for clarity only. 

For the baseline flight profile and the two alternate trajectories, the 
impact probability over Eurasia is approximately the same. Differences in the 
total landmass impact probability for each HP trace are almost totally attribu- 
table to differences in the impact probabilities for Newfoundland. An overfly of 
Newfoundland is significant because it occurs during an interval when the rate of 
change in the IIP trace is small compared to the rate of change during an overfly 
of Eurasia. The result is a much higher dwell time and impact probability for 
Newfoundland than for a landmass of comparable size in Eurasia. Thus, total 
landmass impact probability can be reduced if a Newfoundland overfly is avoided. 

It is apparent from Figure 5-13 that the dwell time for Newfoundland 
is highest for a 55 degree inclination planar flight. A slight reduction in dwell 
time can be achieved by utilizing a non-planar launch to a 55 degree inclination, 
but the required "dog-leg" maneuver results in a reduced payload capability. 

The payload loss which will be incurred with boost flight yaw-steering to a 55 
degree inclination orbit is shown in Figure 5-15. 

Based on a previous range safety analysis of Saturn IB flight to a 55 
degree inclination orbit, it was determined that a launch azimuth of about 55 
degrees is required to reduce, by an order of magnitude, the Newfoundland 
impact probability. As illustrated in Figure 5-15, this would reduce the pay- 
load capability for the SEPS mission by approximately 952. 5 kg (2100 lb). 
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FIGURE 5-13. INSTANTANEOUS IMPACT PREDICTION TRACE OVER NEWFOUNDLAND 
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FIGURE 5-14. INSTANTANEOUS IMPACT PREDICTION TRACE OVER EURASIA 




Launch Azimuth (deg) 

FIGURE 5-15. PAYLOAD PENALTY FOR BOOST FLIGHT 

YAW-STEERING TO 55 DEGREE INCLINATION 


A Newfoundland overfly can be completely avoided by reducing the orbit 
inclination to 50 degrees. This flight plan has the additional advantage of reducing 
the number of Eurasia countries overflown. The total Eurasian impact probability 
however, is approximately the same as that for a 55 degree inclination. Reducing 
the SEPS mission orbit to 50 degrees inclination would increase the Saturn IB pay- 
load capability by approximately 226. 8 kg (500 lb), as previously presented in 
Section 5. 3. 3. 1. 

5. 3. 3. 3 SLA/NOSECONE JETTISON SEQUENCE 

A jettison of the SLA/Nosecone during boost flight can provide a sig- 
nificant payload increase for the SEPS mission. If the jettisonable portion of the 
SLA/nosecone is separated just prior to active guidance initiation, via a small 
solid rocket motor (SRM), additional "useful payload" can be carried to orbit. 

Such a mode of operation was planned for the Saturn IB launch of the AAP "Wet 
Workshop. " 


The potential payload increase for the SEPS mission by utilization of 
the boost flight SLA/nosecone jettison scheme is presented as Figure 5-16. This 
figure shows the payload to be gained, over that obtainable with the baseline 
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SLA/nosecone separation sequence, as a function of jettisonable weight. The 
baseline sequence considers jettison of the SLA/nosecone during the 150 x 3720 km 
(81 x 2008. 6 nm) transfer orbit. 

Jettisonable SLA/NC Mass (10 2 lb) 


8 . 8 


17.6 26.5 


35.3 44.1 52.9 

4.4 
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FIGURE 5-16. PAYLOAD INCREASE BY JETTISONING 
SLA/NOSECONE DURING BOOST FLIGHT 


Note that two curves are displayed in Figure 5-16; the one labeled "SLA/NC" 
represents an idealized case where no additional systems weight is required to 
effect the jettison. The lower curve reflects the addition of a SRM in order to 
show the sensitivity of payload to changes in jettisoned weight. For an example 
of the payload improvement possible with this mode of operation, consider the 
SLA/Nosecone jettisonable weight of 1639. 7 kg (3615 lb) from Table 4-1. 
Referring to the upper curve, the payload gained by jettisoning this weight 
during flight would be approximately 1230 kg (2712 lb). However, since it is 
assumed a SRM will be required to separate the SLA/Nosecone, refer to the 
lower curve for the payload gain when the jettisoned weight is now 2093. 3 kg 
(4615 lb). Note that the payload increase has been reduced to approximately 
1185 kg (2612 lb). 


5. 3. 3. 4 LAUNCH VEHICLE WEIGHTS 

As shown in Table 4-1, the jettison weight of the SLA/Nosecone is 
approximately 1639. 7 kg (3615 lb) for the Saturn IB/SEPS launch vehicle defined 
as a result of the Phase B study. A liftoff weight reduction of the jettisonable 
SLA/Nosecone would permit an increase in payload weight. With the SLA/ 
Nosecone jettisoned in the 150 x 3720 km (81 x 2008. 6 nm) elliptical orbit, the 
payload weight gain is 84% of the SLA/Nosecone weight reduction. 
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The effect of the S-IVB stage weight is a one-to-one trade with the 
payload. If the S-IVB stage inert weight (dry plus residuals) is reduced the pay- 
load weight can be increased by an equal amount. 

5.3.4 OR BIT A L ST UDIES 

5 . 3 . 4. 1 PRE IIMINARY ERROR ANA LYSIS 

The SEPS mission requires that the eccentricity of the operational 
orbit be less than 0.01. Therefore, a preliminary orbit error analysis (Ref- 
erence 13) has been conducted to determine what dispersions in the payload 
orbit could be expected, due to launch vehicle performance and hardware error 
sources. This analysis is based on a nominal circular orbit at 3720 km (2008.6 
nm) altitude achieved by the S-IVB stage second burn. An inertial hold steering 
mode is assumed for the S-IVB restart, and all error sources identified as 
possible contributors to the orbit dispersion are examined to ascertain their 
individual and combined effects. 

The nominal S-IVB restart sequence of events was assumed to be 
referenced to a timebase established at 5 degree elevation acquisition by the 
tracking station at Carnarvon, Australia. During the orbit coast prior to re- 
start, the vehicle attitude is maintained nose forward in a local horizontal hold 
mode. At 40 seconds prior to the J-2 restart ignition, an inertial hold mode is 
commanded and maintained throughout the S-IVB second burn. 

The nominal steering mode described above for orbital flight was se- 
lected for its simplicity and correspondence to orbital attitude maneuvers which 
have been performed during S-IVB/lU flights during the Apollo program. Per- 
formance during the S-IVB apogee burn was not a determining factor in selecting 
this flight sequence; using alternate steering modes, i.e. , attitude programmed 
to provide thrust colinear with the inertial velocity vector, etc. , does not reduce 
the propellant requirement. 

Presented in Figure 5-17 are the effects on orbit eccentricity due to 
the error sources identified as contributors to orbit dispersion, when utilizing 
the simplified guidance scheme assumed for the S-IVB stage apogee burn. 

The first source of error examined was that associated with an off- 
nominal establishment of the timebase at tracking. station acquisition, caused by 
dispersions in apogee of the transfer orbit at S-IVB stage first burn cutoff. The 
apogee dispersions are a combination of the effects due to guidance hardware 
errors and the expected deviations in J-2 engine thrust decay impulse following 
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FIGURE 5-17. PRELIMINARY ORBIT ERROR ANALYSIS 





the first burn cutoff. The expected- dispersions in apogee were found to be 
approximately +8.5 km (+4.6 nm). .To be conservative, trajectory simulations 
were then made in which the first burn cutoff yielded orbits having _+-10 km 
(+5.4 nm) dispersion in apogee. Using these dispersed trajectories, and again 
establishing the sequence of events at Carnarvon acquisition, the S-IVB stage 
restart was resimulated. The resultant dispersion in orbit eccentricity is as 
shown by the first plot of the figure, a dispersion of 0. 001 from nominal. 

The next error source considered was that of an attitude error during 
the apogee burn. Since it was uncertain what error magnitude might be associated 
with the proposed steering scheme, attitude errors up to +5 degrees were con- 
sidered. These results are shown by the center plot. If the nominal attitude 
"deadband" of 1 degree (normally considered for orbital attitude hold modes) is 
assumed as representative for the inertial hold mode during the S-IVB burn, 
then the resultant orbit eccentricity dispersion is about 0. 001. 

The final plot of Figure 5-17 shows the effects on orbit eccentricity 
due to variations in J-2 thrust decay impulse following the apogee burn. Using 
the +26,422 N-sec (+5940 lb-sec) dispersion in thrust decay impulse provided for 
the launch vehicle dispersion analysis, a dispersion of 0. 0005 in orbit eccentricity 
was obtained. 

Based on the preliminary orbit error analysis described in the pre- 
ceding paragraphs, it appears that holding orbit eccentricity dispersions to less 
than +0. 005 should be within the capability of the launch vehicle identified for the 
SEPS mission. 

5. 3.4. 2 ORIENTATION OF SATELLITE SPIN AXIS 

Presented below are results of an analysis performed (Reference 14) 
to determine the launch window resulting from the geometric orientation require- 
ment of the SEPS spin axis. 

In order to control the orbital thermal heating, the SEPS will have a 
spin rate at separation of approximately 0. 6 degree per second. The most effec- 
tive orientation of the satellite spin axis is perpendicular to the ecliptic plane, 
providing a constant sun direction relative to the spin axis. In order to minimize 
the out-of-plane yaw maneuver of the S-IVB to provide the desired spin axis 
orientation, the orbital node should have an initial alignment of 180 degrees from 
the vernal equinox direction for orbit and ecliptic plane relative orientation. 

Initial orientation of the orbit plane is a function of time of year and time of day 
the ground launch occurs. The time to launch from Kennedy Space Center into 


the 55-degree-inclination orbit in order to effect the desired 180-degree orien- 
tation of the orbit plane is given in Figure 5-18 as a function of time of year. 
Launch time is given both for a northerly and a southerly launch azimuth although 
only northerly launches are being considered for the mission. Referring to the 
figure, launch dates between February 1 and July 1 would require a nighttime 
launch, where the scheduled launch time would be between 7 p. m. and 5 a. m. at 
KSC. 


The minimum yaw maneuver required of the S-IVB stage is 11. 5 
degrees (90 degrees minus the ecliptic plane inclination of 23. 5 degrees and the 
orbit plane inclination of 55 degrees). If the yaw maneuver was constrained to 
11. 5 degrees, this would allow only an on-time launch and would not permit any 
launch delay. Figure 5-19 depicts the ground launch window duration versus 
S-IVB stage yaw maneuver required to give the satellite the desired spin-axis 
orientation. A 30-degree yaw maneuver limit would provide a 5. 7-hour ground 
launch window once every 24 hours, considering only one launch azimuth; in 
either a northerly or a southerly direction. 

Separation of the satellite and the S-IVB stage would be scheduled to 
occur at the orbital line of nodes for the nominal launch-on-time conditions. 

This is the optimum point in orbit for separation which would require the mini- 
mum 11. 5-degree yaw maneuver to orient the satellite spin-axis perpendicular 
to the ecliptic plane. 

The yaw maneuver requirement sensitivity for a separation point other 
than at the ascending or descending nodes is given in Figure 5-20. Considering 
a 30-degree limit on the S-IVB yaw maneuver, separation of the S-IVB stage and 
satellite could take place between southern and northern latitudes of 22. 5 degrees. 

5. 3.4. 3 RELATIVE MOTION DUE TO SEPARATION 

Separation of the SEPS from the S-IVB stage will be performed by a 
spring system. As a result, a positive velocity increment is imparted to the 
satellite causing the separation point to be perigee of the satellite orbit while a 
negative velocity increment is imparted to the S-IVB stage causing the separa- 
tion point to be apogee of the S-IVB orbit. 

As discussed in the previous section, to achieve the desired orientation 
of the satellite spin axis requires a minimum S-IVB out-of-plane angle at separa- 
tion of 11. 5 degrees. Since an off-nominal launch time would increase the re- 
quired orientation angle, a maximum out-of-plane angle of 30 degrees was con- 
sidered in the separation analysis (Reference 14). 



ORBIT INCLINATION OF 55 DEGREES 
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FIGURE 5-19. LAUNCH WINDOW VS. YAW MANEUVER 
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SEPARATION VELOCITY (FT/SEC) 
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FIGURE 5-21. APOGEE CHANGE DUE TO SEPARATION VELOCITY 
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FIGURE 5-22. HORIZONTAL SEPARATION TIME HISTORY 
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FIGURE 5-23. MAXIMUM VERTICAL SEPARATION 





Figure 5-21 presents the change in apogee of the SEPS orbit as a func- 
tion of separation velocity. A time history of the horizontal separation distance 
is shown in Figure 5-22 while Figure 5-23 shows the maximum vertical separa- 
tion between the SEPS and the S-IVB as a function of separation velocity. The 
maximum vertical separation distance occurs at 84 minutes after separation 
and is the point at which the first retroburn for the evasive maneuver would 
occur. 

5. 3. 4.4 S-IVB/SATELLITE RECONTACT ANALYSIS 

The following present results of an analysis of the S-IVB evasive 
maneuver which will be performed in order to minimize the possibility of a re- 
contact with the payload. Additional information on the evasive maneuver is 
presented in References 7, 13, and 14. 

Figure 5-24 shows the impulsive AV required to achieve a desired 
change in S-IVB/IU orbit altitude. The total AV requirement is shown for sev- 
eral attitude angles during the first burn of a two impulse maneuver, required to 
establish a circular orbit below the initial orbit altitude. The S-IVB stage attitude 
for the second burn, at perigee of the transfer orbit, is assumed to be 180 degrees 
in all cases. 


TOTAL AV REQUIRED CFT/SEC) 

0 32.8 65,6 98.4 131 .2 

S 120 l T / I 64.8 g 
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FIGURE 5-24. S-IVB DELTA-VELOCITY REQUIRED TO ESTABLISH 
ORBIT BELOW PAYLOAD 
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TOTAL 4V CAPABILITY (M/S) 


The velocity increments required for the evasive maneuver could be 
provided by: 1) the APS system, 2) a propellant dump producing thrust as the 
residual LOX and LH 2 are dumped through the J-2 engine, or 3) a combination 
of these. It is anticipated that the APS system will be used to perform the 
SEPS mission evasive maneuver. Figure 5-25 provides an indication of the 
total velocity increment available as a function of S-IVB APS propellant. 

Present plans, for the SEPS mission, are to off-load the S-IVB/V 
APS modules by 50 percent. As shown in Section 4. 2. 1. 1, it is estimated that 
45. 4 kg (100 lb) of APS propellant will be available for the two S-IVB evasive 
maneuver burns. From Figure 5-25, this will provide a velocity increment of 
6. 3 m/s (20. 7 ft/sec) and a maximum altitude change of 20 km (10. 8 nm) as 
shown in Figure 5-24. 


S-IVB APS PROPELLANT AVAILABLE (LB) 



S-IVB APS PROPELLANT AVAILABLE (KG) 

FIGURE 5-25. TOTAL DELTA-VELOCITY CAPABILITY 
OF S-IVB APS SYSTEM 
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TOTAL AV CAPABILITY (FT/SEC) 



The first retro impulse should be applied at the point of maximum 
vertical separation; i.e. , 84 minutes after separation, corresponding to the 
first nodal crossing after separation. The second retro impulse should be 
applied at 168 minutes after separation, corresponding to the second nodal 
crossing after separation. Figures 5-26 and 5-27 present time histories of 
the relative separation distances between the SEPS and S-IVB stage for several 
retro velocities. 

5. 3. 4.5 SATELLITE LIGHTING 

The amount of time the satellite is in sunlight is determined from the 
orbit altitude and the solar look angle which is a function of the orbit inclination 
and relative alignment of the earth-sun line with respect to the orbit plane. The 
magnitude of the solar look angle has a range of +78. 5 degrees for an orbit in- 
clination of 55 degrees. The minimum time the satellite spends in sun light in 
the operational orbit is 132 minutes per orbit , the amount of earth occupation 
being 36 minutes per orbit. This condition occurs when the solar look angle is 
zero. There will be periods of time when the solar look angle is greater than 
39 degrees and the satellite will have 100 percent illumination per orbit. A 
time history of the solar look angle is given in Figure 5-28 for a launch date of 
March 21. There will be three times during a one-year mission when there is 
no earth occupation. Maximum duration with 100 percent sun illumination is 
50 days. The total time the satellite will spend in 100 percent sun light will be 
approximately 120 days per year. 

5. 3. 4. 6 SATELLITE DESFTN 

A magnetic damping torque resulting from the interaction of the 
earth's magnetic field with the rotating solid spherical mass of the satellite 
will generate eddy currents causing the satellite to despin. The magnitude of 
the eddy current is a function of orbital altitude, inclination, and the parameters 
characterizing the satellite configuration. 

As shown in Reference 14, the estimated time for the SEPS to despin 
to 0. 1 of its initial spin rate is 3-years for a worst case orientation with the 
spin axis perpendicular to the magnetic field. For parallel alignment there 
would be no eddy current set up and no despin torque. 

If this rate of despin presents a problem for controlling the orbital ther- 
mal condition of the satellite, lamination of the core and caps (which make up the 
satellite sphere) with several thin sheets of an insulator perpendicular to the spin 
axis would avoid or reduce the despin rate. Installing the insulation would increase 
the time required to despin, to 0. 1 of the initial spin rate, to more than 10 years. 
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FIGURE 5-28. TIME HISTORY OF SOLAR LOOK ANGLE 
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TRACKING AND COMMUNICATIONS 


Because the SEPS mission involves an unmanned launch with a passive 
payload, an original groundrule imposed on the Phase B study states that no 
downrange tracking installations are required. However, if the downrange 
facilities are maintained in an operational status for future Sky lab missions, it 
is anticipated that they would be used for the SEPS mission. Consequently, the 
tracking and communications analysis results are presented in this section in 
two parts : coverage with the Skylab network and minimum requirements for 
assurance of mission objectives. Additional tracking and communications 
results are presented in References 15 and 16 . 

5. 4. 1 COVERAGE WITH SKYLAB NETWORK 

The Skylab tracking, telemetry, and command communications system 
network consists of twelve stations shown in Table 5-9, Also described are the 
systems available at each station along with station symbol designations and 
coordinates . 

A tracking coverage summary of the SEPS launch vehicle from liftoff 
through 8 hours of flight is displayed on the world maps presented as Figures 
5-29 and 5-30. A detailed communications timeline, based on coverage above 
zero elevation angle, is shown in Figure 5-31. Continuous tracking coverage 
of the launch phase to insertion in the 150 x 3720 km (81 x 2008. 6 nm) orbit is 
provided by MILA, Bermuda, and the Insertion Ship. Jettison of the SLA/Nose- 
cone occurs during coverage by Madrid. Tracking of the S-IVB stage restart 
sequence is covered by the Australian stations at Carnarvon and Honeysuckle. 
Separation of the payload occurs within view of Hawaii. The first of the two 
APS retroburns performed by the S-IVB stage is covered by Ascension Island and 
Canary Island, while the second is under surveillance of Guam and Honeysuckle. 

The previous results, based on coverage above zero elevation angle, 
show that adequate tracking coverage should be available for all critical events 
during launch vehicle flight. However, an analysis of anticipated signal levels 
at Carnarvon, Australia, during S-IVB engine restart shows that only marginal 
telemetry and command data links are anticipated. The slant range from the 
Carnarvon station to the launch vehicle at S-IVB restart will be approximately 
4845 km (2616 nm). The tracking radar signal will be 20 dB above the threshold 
level. The present VHF telemetry will have a greater than nominal bit error 
rate with only 10 dB above receiver threshold signal. The command transmitter 
will provide only 2 dB above the threshold signal and a solid locked command 
link cannot be assured until after the burn has occurred. 


TABLE 5-9 

TRACKING AND COMMUNICATIONS NETWORK 


STATION 

TYPE 

(1) 


SYMBOL 

GEODETIC 
LATITUDES) 
(DEG NORTH) 

LONGITUDE(2) 
(DEG EAST) 

MILA 

CCS, 

T, 

C 

MIL 

28. 508272 

-80. 693417 

Bermuda 

CCS, 

T, 

c 

BDA 

32. 351286 

-64. 658181 

Insertion Ship 

CCS, 

T, 

c 

INS 

46. 000000 

-55. 000000 

Canary Island 

CCS, 

T 


CYI 

27. 764536 

-15. 634814 

A see ns ion 

CCS, 

T 


ACN 

-7. 955056 

-14. 327578 

Madrid 

CCS 



MAD 

40. 455358 

- 4. 167394 

Carnarvon 

CCS, 

T, 

c 

CRO 

-24. 907592 

113. 724247 

Honeysuckle 

CCS 



HSK 

-35. 597222 

148. 979167 

Guam 

CCS, 

T 


GWM 

13. 309244 

144. 734414 

Hawaii 

CCS, 

T 


HAW 

22. 124897 

-159. 664989 

Golds tone 

CCS 



GDS 

35. 341694 

-116. 873289 

Corpus Christi 

CCS, 

T 


TEX 

27. 653750 

-97. 378469 


NOTES: 

(1) CCS denotes command and communications systems; T denotes telemetry 
stations; and C denotes C-band radar stations. 

(2) All coordinates are referenced to Fischer Ellipsoid of I960. 
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FIGURE 5-29. TRACKING COVERAGE - LI FTOFF THROUGH S-IVB RESTART 
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FIGURE 5-31. COMMUNICATION TIME LINES 

















Although telemetry and command data links are not a requirement at 
this time, the S-IVB restart sequence can be covered by placing an instrumen- 
tation ship near latitude 45° South and longitude 90° East. This location would 
cover the planned S-IVB restart at first apogee in the 150 x 3720 km (81 x 2008. 6 
nm) orbit, as well as second apogee should the planned restart be delayed. The 
ship will be south of apogee at both opportunities with a slant range to the launch 
vehicle of 3969 km (2143 nm) and an average TM signal level of 15 dB above 
threshold at first opportunity. At second apogee, the slant range to the launch 
vehicle will be 4709 km (2543 nm) with an average TM signal level 13 dB above 
threshold. 

5.4. 2 MINIMUM COVERAGE FOR ASSURANCE OF MISSION OBJECTIVES 

The absolute minimum number of stations required to verify mission 
success is the radar and telemetry facilities at the Merritt Island Launch Area 
(MILA). Complete tracking and performance telemetry data are available until 
approximately 540 seconds after liftoff when the minimum elevation angle of 
zero is reached at a slant range of 1448 km (782 nm) to the launch vehicle. At 
that time, the signal level of the tracking radar will be 32 dB above receiver 
threshold. The vehicle telemetry signal level at the VHF station and the com- 
mand link signal level will be 22 dB and 13 dB, respectively, above receiver 
threshold. 

With only the MILA station, initial orbit attainment is not known imme- 
diately and second burn cannot be verified until the end of the first revolution, 
some 168 minutes later. At the end of the first revolution the vehicle will be at 
a slant range of approximately 6200 km (3348 nm) from MILA. The radar will 
have a signal above threshold margin of 20 dB and the telemetry will have a 
margin of 10 dB above threshold. 

For verification that first orbital insertion is attained, a tracking ship 
with radar, telemetry, and command capabilities should be located at -60° East, 
40° North. The station at Bermuda was considered for verifying insertion but 
the low insertion altitude and the range at insertion from Bermuda limit the 
effectiveness of data from that station for this launch. Should assignment of a 
North Atlantic ship not be feasible, a ship located as proposed for second burn 
coverage would serve to verify initial orbital entry at the half-way point in the 
revolution. 

The instrumentation ship, located at 90° East, 45° South as proposed, 
would have approximately 18 minutes of tracking at sufficient elevation angles to 
obtain high resolution data for coverage of the S-IVB second burn. Later in the 


orbit, MILA will have approximately 15 minutes of tracking time at sufficient 
elevation angles to obtain high resolution data. With a ship to cover the second 
burn of the S-IVB and MILA to verify orbital circularization, the mission 
objectives can be verified. 

5.5 SUBSYSTEMS 

5.5.1 THRUST VECTOR CONTROL SYSTEM 

This section summarizes the results of S-IB stage and S-IVB stage 
pitch/yaw bending stability analyses, S-IVB stage bending/sloshing stability 
analyses, S-IB stage six degree-of-freedom rigid body wind response analyses, 
a stability analysis of the coupled vehicle/pedestal/pad configuration on Launch 
Pad 39, and a controllability analysis to determine inflight wind limits. Detailed 
results of these analyses are presented in References 17 and 18 . 

5.5. 1.1 STABILITY ANALYSIS 

A pitch/yaw stability analysis was conducted during S-IB and S-IVB 
stage flight. A roll stability analysis was not conducted because the roll torsion 
characteristics are very similar for both the CSM and nosecone vehicles. Slosh- 
ing stability was not investigated during S-IB stage flight but was investigated at 
two time points during S-IVB stage flight. 

S-IB Stage. Figure 5-32 shows a time history of the aerodynamic dis- 
turbance moment coefficient (C-^) for the S-IB/SEPS Vehicle. The magnitude of 
C^ for other nosecone type vehicles is also shown near the time of maximum 
dynamic pressure for comparison purposes. These results show that the S-IB/ 
SEPS aerodynamic characteristics are not as severe as the AS-204 vehicle but 
are more severe than the AS-206 vehicle. Control system designs for the 
AS-204, -206, and -208 vehicles were chosen as candidates for the S-IB/SEPS 
configuration. 

The results of the pitch/yaw stability analysis for the three control 
systems show that although the AS-206 and AS-208 control filters provide satis- 
factory bending stability characteristics, the low frequency stability margins could 
be improved by adjusting the control gains. Consequently, the AS-206 control fil- 
ters were used and control gain interactions were made until satisfactory control 
gain profiles were determined. Figure 5-33 shows the recommended control gain 
profiles. Time histories of the rigid body gain and phase margins are summarized 
in Figure 5-34. The AS-206 control filters and the recommended control gains 
provide adequate rigid body and bending stability characteristics during S-IB stage 
flight. 
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FIGURE 5-33. RECOMMENDED FIRST STAGE PITCH/YAW CONTROL GAINS 
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FIRST STAGE PITCH/YAW STABILITY MARGINS 








A cursory stability analysis was performed for the S-IB/SEPS configu- 
ration on Launch Pad 39 at ignition. Figure 5-35 shows the root locus plots for 
the first two coupled vehicle/pedestal/pad modes. The results show that both 
modes are unstable at nominal gain and that the times to double amplitude are 
58. 1 seconds for mode 1 and 2.6 seconds for mode 2. As a comparison, the 
lowest time to double amplitude for the SL-2 vehicle, using the same pedestal/ 
pad spring data, is 100 seconds. These results show a potential problem area 
for the S-IB/SEPS configuration. More detailed stability and response analyses 
are necessary to determine the seriousness of the problem. 

S-IVB Stage. The S-IVB stability analysis was performed using the 
AS-206 and AS-208 S-IVB control systems. The two control systems are nearly 
identical, the major difference being that the AS-208 networks are balanced 
while the AS-206 networks are not. The pitch/yaw stability analysis shows that 
no rigid body or bending stability problems exist for the S-IVB/SEPS configu- 
ration using the AS-206/208 S-IVB control system. 

S-IVB sloshing stability was investigated at two flight times (146 and 
400 seconds). Root locus plots for the LOX and hydrogen sloshing modes are 
presented in Figure 5-36. The results show that the sloshing modes are stable 
and possess adequate stability margins at the time points investigated. No un- 
usual problems were uncovered by this cursory investigation and it is expected 
that sloshing stability will be no worse on this vehicle than on any of the previous 
vehicles. 

5 . 5 . 1 . 2 RES PONSE ANA LYSIS 

A wind response analysis was conducted for the S-IB/SEPS configu- 
ration during first stage flight using the AS-206 control system. The vehicle 
was subjected to a spectrum of 95% Apollo design winds which peak at 9, 10, 12 
and 14 km (29. 5, 32. 8, 39. 4, and 45. 9 ft x 10 3 ) in both pitch tailwind and yaw 
wind directions. The results show that the vehicle displays satisfactory response 
characteristics. The structural loading on the vehicle was assessed by monitor- 
ing the time histories of the bending moments at Stations 941 and 1186. Station 
941 is the bottom of the S-IB spider beam while Station 1186 is the bottom of the 
S-IVB aft skirt. The results show that the structural loads are well below the 
structural limits for all cases investigated. 

A comparison of the vehicle responses using the AS-203, AS-206 and 
AS-208 control systems was made by subjecting the vehicle to a 95% design wind 
which peaks at 9 km (29.5 ft x 10 3 ). The results show that the vehicle response 
using the AS-206 and AS-208 control systems are almost identical. The angle 
of attack is slightly larger using the AS-203 control system; however, the engine 
gimbal angles are about the same for all three control systems. 
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A comparison of the vehicle responses using the AS-206 and the recom- 
mended control system was made using a 95% design wind which peaks at 9 km 
(29. 5 ft x 10 3 ). The vehicle responses are nearly identical using the two con- 
trol systems. 

Variations in the accelerometer control gain profile were considered 
using the recommended control system. The recommended accelerometer con- 
► trol gain profile peaks at 5 deg/m/sec 2 . Accelerometer control gain profiles 

which peak at 4. 5, 5.5 and 6 deg/m/sec 2 were considered using the recom- 
mended control system and a 95% full shear wind which peaks at 9 km (29. 5 ft x 
10 3 ). The results show that the angles of attack and engine gimbal angles are 
9 reduced as the accelerometer gain is increased. The reductions are rather small 

and the nominal accelerometer control gain profile, which peaks at 5 deg/m/sec 2 , 
is adequate for the S-IB/SEPS configuration. 

5.5. 1.3 WIND LIMITS 

A launch vehicle controllability analysis was performed to determine 
the inflight wind limits for controllability. A comparison of the limits with the 
three sigma statistical winds at the Eastern Test Range is also presented. The 
off-nominal conditions considered are a three sigma variation of the center of 
pressure location (C1/C2) and a spectrum of synthetic wind profiles, comprised 
of a 95% quasi-steady-state wind envelope, a wind shear buildup, and a super- 
imposed gust. The results presented are applicable to the previously recom- 
mended AS-206 control system. 

The wind limit results, based upon vehicle controllability, for the 
Saturn IB/SEPS trajectory are displayed in Figures 5-37 and 5-38. Figure 5-37 
depicts the wind limit versus altitude determined for the headwind and tailwind 
directions, while Figure 5-38 shows the results of the left and right crosswind 
limits. The wind limits are presented for wind only and for wind plus 3 O' 

C1/C2 variations. The inner curves on the two figures represent the maximum 
3 O' monthly wind profile (solid line), which occurs during the month specified, 
for the indicated wind direction, and the 3<T annual wind profile (dashed line). 

The minimum predicted controllability wind limits for the Saturn IB/ 
SEPS vehicle with 3CT C1/C2 variation are 84, 98, 77, and 76 m/sec (275.6, 

% 321.5, 252.6, and 249. 3 ft/sec) for the head, tail, left cross, and right cross 

wind directions, respectively. The minimum controllability wind limit for 
each wind direction occurs at an altitude of 10 km (32. 8 ft x 10 3 ). 
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FIGURE 5-38. BOOST FLIGHT LEFT-RIGHT CROSSWIND SPEED LIMITS 



It is evident that the Saturn IB/SEPS launch vehicle may be flown 
through design wind speeds for each wind direction. The wind limits, based 
upon vehicle controllability, for each wind direction are not exceeded by the 
maximum 3CT monthly profiles for the indicated wind directions. Also, the 
controllability wind limits are not exceeded by the 30“ annual profile. There- 
fore, the probability that a Saturn IB/SEPS launch will be restricted by inflight 
winds, based upon vehicle controllability, is less than 0. 135 percent for the 
windiest month for each wind direction. 

5.5.2 STRUCTURAL ANALYSIS 

Structurally, each stage of the SEPS launch vehicle is sensitive to 1 

different loading phenomena. While on the pad the S-IB stage is limited by the 
maximum wind loading it can withstand. To increase the maximum allowable 
wind level a damper must be used. Towards the end of first stage flight, the 
Saturn IB vehicle is most sensitive to the POGO effect. The S-IVB and S-IU 
stages structural capability is limited by the loading experienced during max- 
imum dynamic pressure. 

5. 5. 2.1 S-IB STAGE 

A structural loads evaluation was performed for the anticipated launch 
and prelaunch conditions (Reference 19). This section presents summaries of 
this loads evaluation, an investigation of the damper characteristics (Reference 
6 ), and a longitudinal stability analysis (Reference 5 >. 

A comparison of the S-IB Stage CEI criteria loads with those of the 
proposed SEPS configuration is presented in Tables 5-10and 5-11, The transient 
loads during launch are not significantly different. 

The base bending moments are compared with CEI criteria in Table 
5-10. The results of a preliminary evaluation of the primary structural com- 
ponents under the combined bending and axial loads of Tables 5-10through 5-12 
are presented in Table 5-13 in terms of a stress ratio - the ratio of limit to V 

ultimate stresses. The critical components under freestanding and launch con- 
ditions are the 177. 8 cm (70 in) LOX tanks or the holddown structure as indicated 
by the circled numbers. 

For a wind of 19. 5 m/sec (38 knots) no vehicle status results in a 
stress ratio that exceeds the limiting value of 0. 8 that corresponds to the re- 
quired unmanned safety factor of 1. 25. At 24. 7 m/sec (48 knots) only the 
empty vehicle with pressurized tanks satisfies this requirement, and at 31. 9 
m/sec (62 knots) the ultimate stresses are exceeded in all the free standing 
conditions . 
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TABLE 5-10 

MAXIMUM LONGITUDINAL LOAD FACTORS ON 
S -IB PROPELLANT TANKS DURING LAUNCH 


TANK 

CEI 

SEPS 

177. 8 cm (70 in) LOX 

1. 67 

1. 66 

177. 8 cm (70 in) FUEL 

1. 52 

1. 51 

266. 7 cm (105 in) LOX 

1. 44 

1. 51 

TABLE 5-11 

MAXIMUM HOLDDOWN LOADS DURING LAUNCH 
NEWTONS (POUNDS) 

CEI 


SEPS 

Tension 2. 395 x 10 6 (538, 396) 

1. 730 

x 10 6 (388, 854) 

Compression 7. 569 x 10^ (1, 701, 637) 

7. 432 

x 10 6 (1, 670, 780) 


TABLE 5-12 

BASE BENDING MOMENT 
10 6 NEWTON-METERS (10 6 INCH-POUNDS) 


DRAG 

LIFT 

RESULT 

CEI 

WIND VELOCITY 

TANKS 

1. 58(14) 

4. 52(40) 

4. 75(42) 


19.5 m/sec (38 knots) 


2.49(22) 

5. 65(50) 

6. 21(55) 


24.7 m/sec (48 knots) 

Empty 

4. 18(37) 

13. 6(120) 

14. 1(125) 

5. 20(46) 

31.9 m/sec (62 knots) 


1. 58(14) 

1. 69(15) 

2. 37(21) 

2. 03(18) 

19.5 m/sec (38 knots) 


2. 49(22) 

8. 13(72) 

8. 47(7.5) 


24.7 m/sec (48 knots) 

Full 

4. 18(37) 

9. 04(80) 

9. 94(88) 

6. 33(56) 

31.9 m/sec (62 knots) 



Wind Probability - one hour exposure during worst wind month, referenced to 
161.5 meter (530 ft) level 

95 percent-19. 5 m/sec (38 knots) 

99 percent-24. 7 m/sec (48 knots) 

99. 9 percent-31. 9 m/sec (62 knots) 
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TABLE 5-13 

STRESS RATIO SUMMARY FOR PRIMARY STRUCTURE 


Wind 

Status'-v. Velocity 

19. 5 m/sec 
(38 kts) 
95% 

24. 7 m/sec 
(48 kts) 
99% 

31.9 m/ sec 
(62 kts) 
99. 9% 

F 

R 

E 

E 

S 

T 

A 

N 

D 

I 

N 

G 

Empty 

NP 

.773 ® 

.989 ® 

2. 138 (9) 

P 

. 

.494 ® 

.632 ® 

1.367 ® 

Full 

NP 

.581 @ 

.992 ® 

1.096 ® 

P 

. 581 ® 

.914 @ 

1.010 ® 

L 

A 

U 

N 

C 

H 

Holddown 

.743 (l|) 


Rebound 

. 733 ® 

Liftoff 

.396 (?) 


NP: No Ullage Pressure S-IB Propellant Tanks 

P: Ullage Pressure = 6. 89 x 10^ Newtons /Meter^ (10 psig) 

® 177. 8 cm (70 in) LOX Tank Critical 

(12) Holddown Structure Ctirical 

Stress Ratio = Ratio of Limit to Ultimate Stress for Unmanned Safety Factor 
of 1.25. Stress Ratio ^ 0.8 











By interpolation of these data it is estimated that a damper will be re- 
quired for wind velocities greater than 22. 6 m/sec (44 knots) on the full vehicle 
and 25. 7 m/sec (50 knots) on the empty vehicle with pressurized tanks. 

Values of the stress ratio at other locations are shown in Table 5-14. 

As might be expected, the critical structural components are near the base of 
the vehicle. 

To protect the vehicle from excessive stress loadings due to winds 
while on the launch pad, a damper is required to reduce the vibrational level 
caused by unsteady drag and vortex shedding. The results of this damper study 
(Reference 6 ) are: 

a. Because of the configuration, each frequency of the Vehicle/ 
Pedestal/LUT system is close to that frequency of its major 
components, the Vehicle/Pedestal or the LUT, of which the 
displacement dominates the system mode shape. 

b. Except for a few modes, each system mode shape of the Vehicle/ 
Pedestal/LUT is essentially one of its major component modes 
slightly coupled with other component modes. 

c. When a system frequency of the Vehicle/Pedestal/LUT is close 
to one of the frequencies of its major components, the Vehicle/ 
Pedestal or the LUT, then this system mode shape may show 
coupling vibration of the major components. 

d. The damper significantly increases the modal damping ratio for 
the fundamental mode of the Vehicle/Pedestal/LUT system. 

e. The damping force between the damper and the vehicle is pro- 
portional to the forcing frequency, the displacement amplitude 
and the damping coefficient; and it can become very large if the 
forcing frequency is high and the displacement is large. 

A "POGO" analysis of the S-IB stage flight was performed in order to 
(a) establish the structural models, (b) determine longitudinal dynamic character- 
istics, and (c) investigate instability gains. 

a. Structural Models: Two structural models of the vehicle were 

established. The first model (zero through 120 seconds of flight) 
consisted of 30 masses and 33 stiffnesses. The second model 
(flight time 120 through 140 seconds) consisted of 24 masses and 
27 stiffnesses. 
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TABLE 5-14 STRESS RATIO SUMMARY - LAUNCH CONDITIONS 
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b. Dynamic Characteristics: Dynamic characteristics were deter- 
mined up to the 16th mode. The first ten modes are plotted in 
Figure 5-39. 

c. Instability Gains: Instability gain factors were determined for 
excitation frequencies from zero through 30 hertz. These 
instability gains are expressed in the decibel scale where a 
decibel number less than zero is stable and one larger than 
zero is unstable. Figure 5-40 shows the instability gain prior 
to outboard engine cutoff. At this time the vehicle is most prone 
to a POGO effect as the instability gain is only -3 decibels at 
12 hertz. 


5. 5. 2. 2 S-IVB STAGE 


Rigid body loads and vibrational analyses were performed (Reference 
7) and are summarized below. 


Maximum structural loading on the S-IVB stage can occur during maxi- 
mum dynamic pressure when the vehicle is at maximum angle of attack. The 
preliminary maximum qc< condition for the SEPS launch is: 


Flight Time 
Dynamic Pressure 
Angle of Attack 
Engine Deflection 
Axial Load Factor 


66. 6 seconds 

3.682 x 10 4 N/m 2 (769 lb/ft 2 ) 
8. 0 degrees 
5. 0 degrees 
1. 92 


This condition results from a 95 percentile scalar cross wind of 75 m/sec 
r (246 ft/sec). Maximum tension and compression loads resulting from this con- 

dition are shown in Figure 5-41. Discontinuities in the curves result from the 
effects of an internal pressure of 1. 93 x 10^ N/m 2 (28 psi) in the LH2 tank. An 
ultimate safety factor of 1. 25 was used for this unmanned mission. 

% 

Table 5-15 shows a comparison of SEPS loads and S-IVB/IB stage 
capability. It can be concluded from this table that, from structural consider- 
ations, a S-IVB/IB stage can perform the SEPS mission. Applicable differential 
pressures are specified with the compression capability of the stage. For this 
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Natural Frequency (Hertz) 



FIGURE 5-39. NATURAL FREQUENCY VERSUS FLIGHT TIME 
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FIGURE 5-41. S-IVB MAXIMUM qs* LOADS 
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Ultimate Combined Loads (10^ N/m) 



Table 5-15 

COMPARISON OF S-IVB LOADS AND S-IVB/IB STRUCTURAL CAPABILITY 
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vehicle, the pressures in the aft compartment, between the S-IVB and S-IB, should 
remain approximately the same as previous Saturn IB pressures. Differential pres- 
sures in the forward compartment were estimated to be 2.41 x 10 4 N/m 2 (3. 5 psi) 

(limit) or 3. 02 x 10 4 N/m 2 (4. 38 psi) (ultimate), which is less than the 3. 47 x 10 4 
N/m 2 (5. 04 psi) used to determine the forward skirt capability. 

Stringer temperatures were estimated to be slightly lower for this vehicle 
than for Saturn IB design values. Since the mass forward of the S-IVB is greatly 
reduced from previous flights, 20,000 kg to 10,400 kg (44, 000 lb to 23, 000 lb), 
and over-all vehicle acceleration is only slightly increased, the S-IVB stage 
appears adequate for the maximum acceleration condition. 

m 

The loads discussed in this section were determined from a preliminary 
loads trajectory using a rigid body analysis. When authority to proceed is given 
for this mission a firm loads trajectory will be defined and flexible body loads will 
be calculated because they result in slightly higher vehicle loads. 

The increase in acoustic levels and resulting vibration levels for the SEPS 
mission is less than a 0.5 db increase over Saturn V levels and less than a 2 db in- 
crease over Saturn IB levels. A margin of safety exists between the predicted 
SEPS mission levels and the current specifications at all frequencies. 

A review of the proposed modifications to either a S-IVB/IB or S-IVB/V 
stage indicates no requirement for qualification or requalification vibration testing. 

By using designs which are similar to mainline installations, the use of analytical 
methods will be sufficient to ensure the structural integrity of any modifications. 

The following are conclusions on dynamic environments for the SEPS 

mission: 

a. The vibration, shock, and acoustic criteria for mainline S-IVB is 
applicable for the SEPS mission. 

b. Basic structure and S-IVB common components are qualified for 
launch on either Saturn IB or Saturn V vehicle. 

c. S-IVB/V peculiar components, such as the APS, H 2 O 2 burner, 

etc. , although requiring a separate analysis to compare Saturn ^ 

IB and Saturn V criteria, should require no requalification 

testing. 

d. No qualification or requalification testing on any modifications 
will be required. 
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5. 5. 2. 3 S-IU STAGE 




*■ 


Several items were considered in the S-IU stress analysis (Reference 
9) and are summarized below: 

o Ground wind loads were determined for 95 percent and 99 per- 
cent peak winds and are less than on either Saturn V or Saturn 
IB and have been determined not to be critical. 

o The temperatures of the IU at IE CO were compared with pre- 
vious Saturn V flights which did not have the cork insulation 
added to the IU. The temperatures were generally equal to or 
less than the Saturn V temperatures. 

o The SEPS payload mass was compared with previous missions 
and is considerably lower than any previous payload of the 200 
or 500 series, with the exception of the -203 mission. AS-203 
was a special mission vehicle, whose primary payload was a 
1681 kg (3707 lb) nosecone. 

* 

o The maximum compartment delta pressure was assumed to be 
equivalent to that previously predicted for the AS-203 flight. 

This value, 10. 3 x 10 3 N/m 2 (1. 5 psi), was based on an early 
prediction and may be somewhat high. More refined data should 
reflect a decrease in this compartment delta pressure, but 
increased vent area or other modifications still may be required. 

o The MAX qo< tension loads were calculated assuming compart- 
ment delta pressure of 1. 03 x 10^ N/m 2 (1. 5 psi), G = 1. 9, 

M = -2. 43 x 10 6 N-m (-21. 500 x 10 6 in. -lbs) (from Saturn IB 
loads criteria) and longitudinal air loads similar to 200 series 
flights. The SEPS design tension loads are considerably 
greater than other flights of the IU (see Figure 5-42), with the 
exception of Sky lab, resulting in negative margins of safety in 
yield of the lower IU interface flange. The relatively light pay- 
load, in combination with the large projected area of the shroud 
above the IU, causes these excessive tension loads at the lower 
IU interface. 

The use of a smaller volume shroud or lower compartment delta 
pressure should reduce the IU tension loads. Another method to 
reduce the IU tension loads would be to move the SEPS support 
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LOWER INTERFACE STATION 1633 



NOTE: 513 Skylab-I Loads Not Shown 











attach points closer to the IU. Also, the addition of bonded 
washers at the lower interface, similar to those on Sky lab, 
would increase the IU tension capability and should eliminate 
the problem. 

Flight vibrations of the SEPS IU should be very similar to the vibra- 
tions monitored on AS-201 through -204 for the following reasons: 

o All use the same S-IB boosters. 

o Structures above and below the IU are approximately the same 
* for all. 

o Initial flight trajectories are approximately the same for all. 

However, there may be slightly different vibration levels for the 
following reasons: 

o The total mass above the IU is much less for the SEPS mission 
than for previous Saturn IB missions. 

o The SEPS and support structure is quite different from that of 
the LM. 

Even though these two differences should cause only slightly higher 
vibration levels in the SEPS IU, there is a possibility that the vibration levels 
at a few discrete frequencies could be considerably higher than experienced on 
the earlier Saturn IB IU's. One point of concern is that with only the SEPS mass 
in the SLA, there will be less mass damping of the SLA structural vibration. 
This vibration would be transmitted through the structure to the IU. 

Another point of concern is the low frequency responses of the SEPS 
and its supports. The design natural frequency of the support structure 
(approximately 8.5 Hz) should not cause a problem; however, higher modes of 
this vibration could be a problem if they respond near the critical frequencies 
for the IU. The possibility that these higher modes will coincide with the 
critical IU frequencies is remote; however, care should be taken during the 
y, design and evaluation of the support structure to reduce the amplitude of these 

higher mode responses. 

In conclusion, there may be slightly increased vibrations on the SEPS 
IU from that of prior IU flights. However, if the previously mentioned two points 
of concern are considered during final design and evaluation, the SEPS IU vibra- 
tion environment should not exceed the IU vibration qualification levels. 
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5. 5. 2. 4 VEHICLE BENDING VIBRATION ANALYSIS 


A preliminary bending vibration analysis was performed (Reference 
20) in order to obtain the input data required for the control system assessment. 
Modal data were determined for the vehicle at 40 second intervals of S-IB 
stage flight, at three time points (90% thrust, midpoint, and cutoff signal) during 
the S-IVB stage first bum, and at two time points (90% thrust and cutoff signal) 
during the S-IVB stage second bum. In addition, modal data were determined 
for the vehicle at ignition while constrained on the LC-39 launch pedestal. 

Table 5-16 presents a comparison of the SEPS bending mode fre- 
quencies, at three time points during S-IB stage flight, with other nose cone 
launch vehicles. The SEPS first stage bending characteristics are more similar 
to the Saturn IB/S-IVB restart vehicle than any of the other nose cone vehicles. 



TABLE 5-18 PRELIMINARY BENDING MODE CHARACTERISTICS 
COMPARISON OF FIRST STAGE BENDING MODE 
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SECTION 6 CONCLUSIONS AND RECOMMENDATIONS 


6. 1 CONCLUSIONS OF PRESTUDIES 

Results of studies have concluded that the Earth Physics 
Program requires a satellite whose configuration Is explicitly de- 
signed for the purpose of making possible laser range measure- 
ments to accuracies of two centimeters (2 cm) or better. The 
total range error that the satellite could contribute to the 2 cm 
total of the laser observations was budgeted at the five millimeter 
(5 mm) level, and the conclusion was that this accuracy could be 
obtained through careful design and fabrication. 

6.2 SATELLITE CONCLUSIONS 

A goal of this limited study program was to evolve a com- 
plete detail design for the satellite. This design was achieved on 
the basis of the performance requirements, practical design con- 
siderations, and thermal analysis. The presently designed satel- 
lite, is a completely passive 3628 kg (8000 lbm) , 76.2 cm (30.0 in) 
diameter sphere carrying 864 retroreflectors distributed as evenly 
as possible over the surface. 

The selected orbit does not impose any serious limita- 
tions on the design beyond the usual outgassing, long-term radi- 
ation exposure, nominal thermal environment, and microme- 
teoroid considerations. Since the satellite is passive, many of the 
usual orbital considerations are not applicable or exert only a 
minimum influence. 

6.2.1 CORE 

The primary requirements on the core configuration are 
that the satellite be spherical, compact, rigid, and symmetrical 
(i. e. , the centers of mass and geometry must coincide within an 
allowable tolerance). Results of an initial thermal analysis over- 
view concluded that there were no critical thermal problems within 
the core itself that might affect any design decisions. 
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In the designed satellite, a cubical inner core surrounded 
by six spherical caps was chosen as the best configuration for fab- 
rication of the satellite core. Depleted uranium, alloyed with a 
small amount of molybdenum to enhance the machining properties 
and to increase hardness, was selected as the optimum choice of 
high-density core material to provide the high mass-to-area ratio. 

Vacuum deposition (i. e. , ion plating) of aluminum was chosen as 

the optimum process and material for the surface treatment of the 

uranium core. The allowable overall symmetrical inaccuracy of 

the satellite (including the positioning of the retroreflectors relative 

to the center of mass and to each other) was established to be one 

(1) millimeter or less. Sufficient balancing capability (i. e. , the r 

eccentricity of the center of mass and geometry) of approximately 

13. 6 N-m (10 ft-lb) in any direction is provided by adjustment of 

three counterweights contained within the cubical inner core oriented 

along mutually perpendicular axes. 

6.2.2 RETROREFLECTOR ARRAY 

The primary requirements on the retroreflector array 
configuration are that the satellite provide a reflected laser return 
signal strong enough to be measurable and consistent enough so 
that the variations in the measured range are within the required 
tolerances. The conclusions of the thermal analysis overview pro- 
vided the following design guidelines: 

1. Temperature gradients within the retroreflectors 
will degrade their optical performance, but their thermal environ- 
ment can be properly controlled, with the result that satisfactorily 
high optical performance can be attained. 

2. Proper control of the thermal environment of the 
retroreflector can be achieved within the operational requirements 

of the satellite with a reasonably wide range in several of the more , 

critical aspects such as the conductance of the retroreflector 
mounting and the satellite spin rate and spin-axis orientation. 


* 
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In the designed satellite, the retroreflector array chosen 
most suitable for obtaining the desired return signal consists of 864 
cylindrical cube corner retroref lector s of high-grade fused silica. 
The retroreflectors are 3.65 cm (1.438 in) diameter in size with 
aluminum reflective coating on the cube surfaces. No overcoating 
is applied to the cube surfaces and no coating is applied to the 
entrance surface. The design was tailored for conical return beam 
accuracy within 30 to 40 microradians half angle. The retrore- 
flectors are arranged in a general triangular pattern in each quad- 
rant of each of the six spherical caps. The mount design is similar 
to that of the lunar retroreflector array. 

The total number of retroreflectors, the circular con- 
figuration, and the size were chosen by balancing the laser-ranging 
requirements against practical considerations such as machining 
complexity, tolerance buildup, handling, and testing. The choice 
of fused silica as the retroreflector material, besides best meeting 
all the requirements, has the advantage of a vast amount of directly 
applicable data accumulated from the fused silica lunar-array 
retroreflectors. The solid coated retroreflectors are the most de- 
sirable in terms of signal strength and were selected mainly be- 
cause of their well developed state of the art. No protective over- 
coating will be applied to the cube surfaces in order to provide a 
low - emissivity surface to minimize radiative coupling between 
the retroreflector and the surrounding satellite core. 

6.3 PAYLOAD SYSTEMS CONCLUSIONS 

6.3.1 INTERFACE 

The geometric launch vehicle interface for the satellite 
was established to be the external spherical surface of the satellite. 
This requires that the payload support structure and the ejection 
mechanism be designed to bear only against the outside spherical 
surface of the satellite and in a manner that does not damage the 
surface or structure. A limitation that the satellite handling rig 
cannot encroach on the space below a horizontal plane intersecting 
the sphere at the equivalent of 35 degree south latitude was imposed 
to ensure no mechanical interference during mating of the satellite 
to the launch vehicle. 
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6.3.2 PAYLOAD SHROUD 


In the payload systems design, a nose cone similar to the 
AS-204 configuration and an Apollo Spacecraft Lunar Module 
Adapter (SLA) were selected for the payload shroud baseline con- 
figuration. The SLA provides a suitable structural interface, 
through the four Lunar Module support points, for the payload 

support structure. These existing flight- qualified hardware, for , 

which aerodynamic and flight data are available, can be utilized 
without modification and are compatible with the selected launch 
vehicle performance capability. 

•t 

6.3.3 SUPPORT SYSTEM 

In the selected support system design, the satellite is held 
in a support frame by four equally spaced support pads which have 
ball socket joints. The support points are located 45 degrees below 
the equator of the spherical satellite. A fixture provides the amount 
of preload necessary to prevent the satellite from lifting from its 
lower support points under any loading condition. A cover en- 
closure (consisting of a lower permanently-mounted bowl and an 
upper deployable shell) surrounding the satellite serves to contain 
nitrogen purge gas and preclude entrance of contaminants until the 
satellite is released in orbit. A cruciform beam structure inter- 
connects the support frame and the SLA. The design provides for 
satellite installation by complete removal of the holddown arms 
and associated enclosure by removing bolts at the hinge point of 
the arms. 

6.3.4 EJECTION SYSTEM 

The selected satellite ejection system design incorporates 
a compressed spring to permit limited travel of the support frame 
when a release mechanism linkage pin puller is actuated by an 
ordnance system. Although a single pin puller is utilized, com- 
plete redundancy is provided in the ordnance system and the pin 
puller incorporates dual pressure cartridges for redundant actua- 
tion. A second pin puller could be incorporated by providing a 
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second release point within the release mechanism linkage, but is 
presently considered to be an unwarranted complication. The EBW 
firing unit and battery interface with the IU for inflight control and 
monitoring and with the SLA umbilical for preflight operations. 

6.3.5 ANTI-CONTAMINATION SYSTEM 

» To protect the satellite against contaminating environments, 

an anti-contamination enclosure and purge system is required. The 
requirements of the purge system, however, are not well defined; 
therefore, three purge system concepts were examined to cover the 
* expected range of requirements. The first, a pressure regulated 

system for constant positive purge pressure. The second, a 
blow-down system for a small positive purge pressure that de- 
creases as a function of time. The function of both the first and 
second systems is dependent on the accumulative leakage area of 
the anti-contamination enclosure. The third, an anti- contamination 
enclosure pressure release system for purge pressure not required 
to last until satellite release. In this system, continuous gas flow 
is not required to maintain purge and the enclosure is sufficiently 
tight so gas will not be lost readily through leakage. 

6. 4 LAUNCH VEHICLE CONFIGURATION CONCLUSIONS 

The only satellite launch vehicle configuration considered 
in this study was basicallya Saturn IB configuration. Restart capa- 
bility to circularize the satellite orbit at the proper altitude is re- 
quired. The selected baseline configuration consists of a Saturn IB 
S-IB first stage, interstage, and Instrument Unit (IU), and a Saturn 
V S-IVB second stage. 

No modifications are required to the S-IB stage for the 
mission. The selected S-IVB stage was designed for restart and 
modifications for the mission are not extensive. The basic stage 
modifications include removal of the present baffles and installation 
of low residual baffles, and modification of the existing repressuri- 
zation system. Structural modifications to the interstage are re- 
■*. quired at the interface plane of the S-IVB stage. Structural 
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modification such as bonded washers and/or increased vent area 
may be required to the IU but present no significant problem. Only 
basic modifications are required to the ground support equipment. 

6.5 MISSION PROFILE CONCLUSIONS 

The mission requires insertion of the satellite into a 3720 
km circular orbit, inclined at 55 degrees to the equatorial plane. 

An additional requirement, that the satellite have a minimum spin 
rate of 0. 1 R PM and a spin-axis orientation normal to the ecliptic 
plane within 3 degrees at orbital injection, was imposed for pur- 
poses of this study based only on considerations of the short-range 
thermal environment. 

In the selected baseline profile, a flight azimuth of 37. 94 
degrees E of N provides a planar boost flight for the 55 degree in- 
clination requirement. S-IVB first burn inserts the vehicle into 
a 150 by 3720 km ellipitical orbit. A coast phase of approximately 
63 minutes is required to transfer from 150 km to the operational 
orbit altitude of 3 720 km. Early in the coast the payload shroud 
(the deployable portion of the SLA and the nosecone) is jettisoned 
in a retrograde direction. The vehicle is then oriented and main- 
tained in a local horizontal attitude for the remainder of the coast. 

At first apogee passage in the elliptical orbit, the S-IVB stage will 
perform a second burn to circularize to the operational orbit. The 
vehicle will maneuver so that the satellite spin axis is oriented 
normal to the ecliptic plane for release of the satellite as the 
vehicle crosses the equatorial plane at the first ascending node in 
the operational orbit. The S-IVB stage Auxiliary Propulsion 
System (APS) will spin the vehicle at a minimum rate of 0. 6 deg/sec 
prior to release of the satellite. Two S-IVB APS retroburns will 
be used to lower the S-IVB/IU orbit. These evasive maneuvers 
will completely separate the orbits of the S-IVB /IU and the satellite 
and will provide a near zero probability of recontact. 

The modified Saturn IB launch vehicle can insert the 
satellite into the required orbit and several means are available 
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for increasing the payload capability if necessary. The flight en- 
vironment is significantly less severe than that experienced during 
the SA-203 launch vehicle flight and the range safety total landmass 
impact probability is the same order of magnitude as in the planned 
Skylab/Saturn IB flights. The absolute minimum number of ground 
stations required to verify launch mission success is one, the 
radar and telemetry facilities at the Merritt Island Launch Area 
(MILA). However, with only the MILA station, initial orbit attain- 
ment is not known immediately and second burn cannot be verified 
until the end of the first revolution. 

A potential problem area for the selected satellite launch 
vehicle configuration was identified by a cursory stability analysis 
for the ignition condition on Launch Pad 39. The first two coupled 
vehicle/pedestal/pad modes are unstable at nominal gain. More 
detailed stability and response analyses are necessary to determine 
the seriousness of the problem. 

6.6 RECOMMENDATIONS 

Due to the limited scope of this phase-B study insufficient 
data was available to adequately define some requirements and 
criteria significant to mission success. Therefore, additional 
studies, analyses, and tests, as appropriate, are recommended 
in the areas defined by, but not necessarily limited to, the 
following: 

1. Refinement of the transfer function for predicting the 
characteristics of the return laser pulse signal (composed of re- 
turns from many individual retr oreflectors) by taking into account 
the actual diffraction pattern of the retroreflectors. 

2. Specification and verification of a suitable grade of 
fused silica using criteria based on a complete analysis of the 
laser-beam transfer function. 


3. More accurate prediction of the in-orbit performance 
of the surface treatment, mount conductance, and thermal/optical 
performance of the retroreflectors. 

4. Determination of the overall optimum orbit-injection, 
m'otion and any potential passive means for stabilizing or controlling 
the motion. 

5. Definition of the anti-contamination purge system 
requirements. 

6. Determination of the stability and response con- 
ditions at ground ignition. 

Additional recommendations are made in the following 

areas: 


1. For the scientific purpose of tectonic measurements, 
ground stations are recommended in the most stable area (the 
Canadian Shield) , reasonably stable regions of North America, 

and in tectonically active regions such as the eastern Mediterranean, 
Ethiopia, and Japan. 

2. The recommended launch vehicle consists of the S-IB 
stage S-IB-212, S-IVB stage S-IVB-513 and Instrument Unit 
S-IU-212 based upon availability, performance characteristics, 

and cost. This selection does not conflict with current authorized 
mission planning. 

3. The anti-contamination enclosure pressure release 
system is recommended as the baseline for the satellite anti-con- 
tamination purge system. The assumed requirements for this 
system are expected to be the more realistic of the three systems 
examined and this system offers advantages in simplicity, light- 
weight, and low cost. 
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SECTION 1. INTRODUCTION 


1 . 1 GENERAL 

The Smithsonian Earth Physics Satellite project has been 
proposed by the Smithsonian Astrophysical Observatory through the 
Office of Space Science and Applications to the Office of Manned Space 
Flight. The Marshall Space Flight Center has performed a Phase B 
conceptual and preliminary design study based upon the use of a 
Saturn IB launch vehicle. The project development, management, 
and support activities necessary for execution of the project are 
detailed in the following sections of this volume. 

1.2 PROJECT GUIDELINES AND ASSUMPTIONS 

The Smithsonian Earth Physics Satellite project will support 
Smithsonian Astrophysical Observatory activity in the Earth Physics 
Program. A high density, low drag, passive satellite is required in a 
circular orbit at 3700 km (2000 n. m. ) altitude and 55° inclination. The 
desired mass is approximately 3620 kg (8000 lb). The proposed 
sateillite is a 76 -cm (30 -in. ) diameter sphere of depleted uranium 
which will have an orbital lifetime in excess of 50 years. Optical 
(laser) tracking will be enhanced by the use of 864 fused silica retro - 
reflectors imbedded in the surface of the satellite. 

The launch vehicle will be a modified Saturn IB composed 
of hardware that presently exists. The first stage booster will be an 
S-IB stage, and the second stage will be a modified S-IVB. If an 
S-IVB-IB is used, a second burn capability must be added. If an 
S-IVB -V, which has the second burn capability, is selected, then 
minor modifications peculiar to the Smithsonian Earth Physics 
Satellite mission must be made. 

The payload structure will consist of existing nose cone 
and shroud hardware, with a new payload support structure to cradle 
the 3620-kg (8000-lb) satellite. 

The assembly tool and handling fixture will be newly 
designed hardware. 
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SECTION 2. MANAGEMENT PLAN 


2. I GENERAL 

The management planning for implementing the Smithsonian 
Earth Physics Satellite Project is in accordance with applicable NASA 
documents. The NASA Office of Space Science will have overall res- 
ponsibility for the project. The Smithsonian Astrophysical Observatory 
will be responsible for the payload and establishing project objectives 
and requirements. The NASA Marshall Space Flight Center, working 
through the NASA Office of Manned Space Flight, will be responsible 
for project management and implementation. The John F. Kennedy 
Space Center will be responsible for launch and launch operations of 
the Earth Physics space vehicle. 

2. 2 OFFICE OF SPACE SCIENCE AND APPLICATIONS (OSSA) 

The Office of Space Science and Applications will have over- 
all project responsibility including establishment of payload technical 
requirements and standards to accomplish the goals and objectives. 

The method to be employed by OSSA to exercise overall project manage- 
ment will be determined and established prior to project approval. 

2. 3 OFFICE OF MANNED SPACE FLIGHT (OMSF) 

The Office of Manned Space Flight will have responsibility 
for establishing the overall project management and implementation 
policies. A project office will be established within OMSF reporting to 
the Associate Administrator/Manned Space Flight to direct the project 
within OMSF (Figure 2-1). 

2. 4 SMITHSONIAN ASTROPHYSICAL OBSERVATORY (SAO) 

The Smithsonian Astrophysical Observatory will be assigned 
responsibility by OSSA to develop and deliver the payload for this 
project. This assignment will include establishing the scientific, 
engineering and mission requirements for the payload; also, the re- 
quirements for tracking and data management and analysis. 
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OFFICE OF MANNED SPACE FLIGHT 
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JOHN F. KENNEDY SPACE CENTER (KSC) 


2. 5 


This Center reports to the NASA Headquarters Office of 
Manned Space Flight and is responsible for both manned and unmanned 
NASA space launches. Consequently, KSC will be responsible for 
launch operations. Within KSC, the Unmanned Launch Operations 
Directorate will be responsible to the MSFC Earth Physics Satellite 
Project Manager for overall launch operations including manpower, 
equipment, and facilities necessary for launch activities. 

2. 6 MARSHALL SPACE FLIGHT CENTER (MSFC) 

MSFC (Figure 2-2) will be named the management center 
for implementing the Earth Physics Satellite project. The management 
responsibility within MSFC will be assigned to Program Management, 
where a project office will be established. This project office will be 
responsible for direction of MSFC in-house activities, the NASA con- 
tractors, and for interfacing with SAO and KSC. 

The Marshall Space Flight Center will be responsible for 
establishing and meeting performance, schedule and cost objectives 
of the project. 

2. 7 MSFC EARTH PHYSICS SATELLITE PROJECT OFFICE 

The Earth Physics Satellite Project Office (Figure 2-3) 
will be the focal point within MSFC for management of all activities 
pertaining to the project. Responsibilities will include contracting for 
and directing the design, development, and procurement of the project 
hardware; defining launch vehicle requirements, systems integration, 
payload integration, and overall space vehicle systems integration; and 
providing technical support to launch operations and mission operations. 
The project office will consist of four organizational elements as 
described below: 

2. 7. 1 OFFICE OF THE MANAGER 

The Manager and his staff will direct the execution of all 
Earth Physics Project activities. This will include establishing 
policies and requirements; determining priorities; effecting a system 
of scheduling and status analysis; reviewing and approving design, pro- 
duction, qualification, and test schedules; reviewing and approving 
technical baselines and exercising control over technical progress; and 
providing visibility of major technical problems to higher authority 
and recommending solutions. 
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FIGURE 2-2. Organization Chart -- Marshall Space Flight Center 






















EARTH PHYSICS SATELLITE PROJECT OFFICE 



FIGURE 2-3. Organization Chart -- Earth Physics Satellite Project Office 










2. 7. 2 


PLANNING AND CONTROL 


This element will be responsible for planning and control- 
ling all programmatic aspects of the project This includes establishing 
resources requirements and allocations; recommending project 
priorities and directing a system of scheduling and status analysis; 
providing management with periodic status reports; directing the pre- 
paration and revision of project plans; and analyzing, projecting and 
controlling project costs. 

2. 7. 3 INTEGRATION 

This element will manage the systems engineering and 
integration activities for the project including mission analyses, inter- 
face definition, configuration and change control, design, development 
and systems testing required to assure compatibility of all project 
elements. These responsibilities apply to NASA/ SAO /industry 
activities that are necessary to integrate properly all project elements 
for the overall space vehicle for the mission. 

2. 7. 4 PRODUCT ASSURANCE 

This element will be responsible for managing the quality and 
reliability, safety, test and checkout, and logistics support activities 
necessary to assure successful mission accomplishment. This will 
include planning, coordinating, establishing, analyzing, evaluating, 
assessing, and reporting on these NASA/industry activities. 

2. 7. 5 MISSION SUPPORT HARDWARE 

This element will manage the activities required to modify, 
test, operate, and maintain the launch vehicle, shroud, booster 
adapter, and associated GSE required for the mission. This includes 
definition of hardware requirements and direction of the NASA/industry 
efforts in the areas of development, modification, test, prelaunch 
checkout, and launch and orbit insertion of the mission payload. 


*■ 
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SECTION 3. DESIGN DEVELOPMENT 


3. I GENERAL 

The management of the Smithsonian Earth Physics Satellite 

Project will be the responsibility of Marshall Space Flight Center 

(MSFC). The design of the depleted uranium ball and the retroreflec- 

« 

tors will be the responsibility of the Smithsonian Astrophy sical Observatory 
(SAO). The design of the modification of the launch vehicle and the 
payload structure will be the responsibility of MSFC, Program Manage- 
ment, and will be delegated to Science and Engineering. 

3.2 LAUNCH VEHICLE 

The design development of the launch vehicle modifi- 
cations will be accomplished under the direction of MSFC, Program 
Management, and will be accomplished by the technical laboratories 
of Science and Engineering and the launch vehicle stage contractors. 

The work will be accomplished within the scope of existing Saturn 
contracts . 

3.2.1 S-IB STAGE 

No design modifications are required for the S-IB stage. 
Review of the interface connections will be accomplished by the 
S-IB/IC Stage Project Office, PM-SAT -S-IB /iC . The work will be 
accomplished within the scope of the existing S-IB stage contract. 

3.2.2 S-IVB STAGE 

The design modifications for the S-IVB stage vary 
depending on whether an S-IVB -IB or an S-IVB-V stage is selected 
for use. The design will be the responsibility of the S-IVB Stage 
Project Manager, PM-SAT-S-IVB, and will be accomplished by the 
stage contractor under the technical direction of Science and Engin- 
eering laboratories-, S&E-CSE, S&E-ASTN, and S&E-ASTR. 

3.3 PAYLOAD 

The design development of the payload will be accomp- 
lished under the direction of MSFC, Program Management. The shroud 
and the payload support structure/ejection mechanism will be the 
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responsibility of Science and Engineering. The depleted uranium 
satellite and the r etroreflectors will be the responsibility of 
Smithsonian Astrophysical Observatory (SAO). 

3. 3. 1 SHROUD 

The shroud will consist of the Spacecraft/Lunar .Module 
Adapter and the nose cone, which are existing hardware. Any design 
modifications will be developed by the A stronautics Laboratory, S&E-ASTN. 

3. 3. 2 PAYLOAD SUPPORT STRUCTURE AND EJECTION 

MECHANISM 

The PSS/EM will be new hardware. Design responsibility 
will be assigned to the Astronautics Laboratory, S&E-ASTN. 

3. 3. 3 SATELLITE AND RETROREFLECTORS 

The satellite and retroreflector design will be the 
responsibility of SAO. Technical development will be accomplished 
in-house at SAO. Two satellite configurations will be developed. The 
first is the complete depleted uranium satellite with internal balancing 
weights, and with externally mounted r etroreflectors. The second is 
a test unit, but without the retror eflector s , to be used in the quali- 
fication test program. 

3.4 ASSEMBLY AND HANDLING EQUIPMENT 

The design development of the assembly and handling 
equipment will be the responsibility of the Product Engineering and 
Process Technology Laboratory, S&E-PT. This equipment in its 
various configurations will be used for the assembly of the satellite, 
balancing and calibration of the complete satellite assembly, trans- 
portation and handling, and installation of the satellite into the 
launch vehicle. 
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SECTION 4. MANUFACTURING PROGRAM PLAN 


4. 1 INTRODUCTION 

This plan establishes the basic Manufacturing Program 
policies, procedures, and responsibilities for the Smithsonian Earth 
Physics Satellite, The following is developed on the assumption that 
the launch vehicle will be a Saturn IB, using existing hardware with 
modifications. 

* This Manufacturing Plan encompasses the manufacturing 

activities necessary for the production and/or delivery of the launch 
vehicle, flight payload including shroud, and qualification hardware. 
Policies contained in this plan shall be utilized to establish manufacturing 
implementation procedures. Detailed manufacturing planning 
shall be accomplished in conjunction with the reliability and quality 
assurance planning. 

This plan covers the activities of Marshall Space Flight 
Center (MSFC), Smithsonian Astrophysical Observatory (SAO), other 
government agencies (DCAS), contractors, and suppliers. Any addi- 
tional manufacturing requirements will be implemented through a re- 
vision to this plan and shall be approved by the NASA/MSFC Project 
Manager. 

4. 2 MANUFACTURING REQUIREMENTS 

The manufacturing requirements are developed under the 
guidelines that the launch vehicle will consist of existing hardware with 
minimum modifications, and that the payload and related hardware 
(except shroud) will be newly designed hardware. 

$ Manufacturing management responsibility is assigned to 

NASA/MSFC, Program Management, Program Engineering Office, 
PM-SAT-E. Procurement and fabrication responsibilities will be as 
outlined in the following sections. Reliability and quality assurance 
* will be the responsibility of Program Assurance Office, PM-SAT-A, 

with support from Quality and Reliability Assurance Laboratory, 
S&E-QUAL. 
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4. 2. 1 


LAUNCH VEHICLE 


The launch vehicle consists of a Saturn IB, which 
includes the S-IB Booster, a modified S-IVB second stage, and the 
Instrument Unit. The units are comprised of existing hardware and 
will require minimum modification and requalification. 

The launch vehicle modifications will be the responsi- 
bility of the Saturn Program Office, working through the S-IB/IC Stage 
Project Office, PM-SAT-S-IB/IC, the S-IVB Stage Project Office, 
PM-SAT-S-IVB, and the Instrument Unit Project Office, PM-SAT-IU. 

The work will be accomplished within the scope of the existing « 

Saturn contracts. 


No requirements for new resources or facilities 

are anticipated. 

4. 2. 2 PAYLOAD 

The payload consists of the satellite proper, the 
payload support structure and ejection mechanism (PSS/EM), and the 
shroud. The satellite and the PSS/EM are newly designed hardware. The 
shroud includes the nose cone and the Spacecraft/Lunar Module 
Adapter (SLA), and several variations of hardware presently exist. 

No new resources or facilities requirements, other than a temporary 
clean room at SAO, are expected. 

4. 2. 2. 1 SHROUD 

The shroud consists of the SLA and the nose cone 
which are existing hardware. Any design modifications and the instal- 
lation of the related payload hardware will be the responsibility of the 
Product Engineering and Process Technology Laboratory, S&E-PT. 

Quality Assurance support will be provided by Quality and Reliability 
Assurance Laboratory, S&E-QUAL. Existing facilities and resources 
will be used. 

4. 2. 2. 2 PAYLOAD SUPPORT STRUCTURE AND EJECTION « 

MECHANISM 

The payload support structure and ejection mechanism 
(PSS/EM) consists of a pair of crossed beams, 574 cm (226 in. ) in 
length, supporting the ejection mechanism and pressurized satellite 
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enclosure at the center. The PSS/EM will be fabricated either in- 
house by NASA/MSFC or by local contractors. Detail design 
responsibility will be assigned to the Astronautics Laboratory, 
S&E-ASTN, and manufacturing responsibility to Product Engineering 
and Process Technology Laboratory, S&E-PT. Existing resources 
and facilities will be used. 

4 . 2.2.3 SATELLITE 

The satellite design and fabrication will be the 
responsibility of SAO. The design will be done in-house by SAO, and 
the fabrication will be contracted to a firm which has an AEC license 
for handling depleted uranium materials. The retroreflector design 
will be done in-house by SAO, and the fabrication will be contracted 
to one of several firms qualified in optical glass technology. Quality 
Assurance support will be provided by NASA/MSFC in the documen- 
tation, qualification, testing, and acceptance functions. 

The flight satellite will consist of a center cube core 
weighing approximately 908 kg (2000 lb) with three orthogonally- 
adjusted counter weights and six spherical caps weighing 454 kg 
(1000 lb) each in which the 864 retroreflectors are recessed. 

SAO will be responsible for the design specifications, detail drawings, 
and the balancing and checkout procedure. The satellite will be fab- 
ricated by an outside contractor responsive to the technical direction 
of the SAO technical representative. Quality assurance control of 
material composition and packaging and handling are of particular 
importance. Acceptance testing will be monitored by SAO technical 
representatives with support from NASA/MSFC quality assurance 
personnel. After fabrication, assembly, balance and checkout of the 
satellite (less the retroreflectors), the flight item will be shipped to 
SAO for installation of retroreflectors and final checkout. Adequate 
resources and facilities are known to exist at the plants of two contrac- 
tors who are qualified to fabricate the depleted uranium under AEC 
licensing. A portable type clean room rated to class 100,000 will be 
required at SAO. 

The dummy unit will be of the same design as the flight 
satellite except that the mounting holes for the retroreflectors will be 
omitted. After fabrication, assembly, balance and checkout ynder the 
technical direction of the SAO representative, the dummy unit will be 
shipped to NASA/MSFC to be used in the qualification test program. 
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The flight type qualification sector will be designed 
by SAO and fabricated by the outside contractor. The sector will rep- 
resent a portion of one of the flight sectors. It will consist of a 15.24-cm 
(6-inch) cube with the top surface rounded to the 38, 10-cm (15-inch) 
radius of the satellite, and a suitable number of retroreflectors installed. 

It will weigh approximately 56. 75 kg (12 5 lb:). The sector will be 
shipped to SAO for installation of the retroreflectors, and then to NASA/ 

MSFC for qualification tests. 

The retroreflector design will be the responsibility 
of SAO. The fabrication will be by outside contractors qualified in 
optical glass technology. Quality assurance control of material com- 4 

position and packaging and handling are of particular importance. 

Final acceptance testing will be monitored by SAO technical repre- 
sentatives with support from NASA/MSFC quality assurance personnel. 

The completed units will be shipped to SAO for installation in the 
satellite flight and qualification test hardware. 

4. 2. 3 SATELLITE ASSEMBLY AND HANDLING EQUIPMENT 

The design of the assembly and handling equipment 
will be the responsibility of NASA/MSFC. The design will be made 
available to SAO and satellite manufacturer as required. Fabrication 
will be done by local sub-contractors. NASA/MSFC will develop design 
specifications and test and checkout procedures and will provide 
necessary quality assurance support. Existing resources and facilities 
appear to be adequate for this work. 

4. 3 DOCUMENTATION 

Manufacturing documentation will be developed in the 
form of hardware requirements and specifications, manufacturing 
plans and procedures, and quality assurance and inspection requirements 
and procedures. All documentation will be subject to the approval of 
the NASA/MSFC Project Manager. 

4. 3. 1 MANUFACTURING PROGRAM PLAN 

« 

The manufacturing program plan will be the 
responsibility of NASA/MSFC. The SAO technical representative will 
concur on the portions pertaining to the satellite. 
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4. 3. 2 


HARDWARE REQUIREMENTS AND SPECIFICATIONS 


The hardware requirements and specifications for the 
retror eflectors and the satellite will be the responsibility of the SAO; 
those of the ground handling equipment and all other launch vehicle 
related items (i.e., shroud, support structure, ejection mechanism, 
etc. ) will be the responsibility of NASA/MSFC. 

4.3.3 MANUFACTURING PROCEDURES 

The detail manufacturing procedures for the retroreflector s 
and the satellite will be the responsibility of SAO; all others will be the 
responsibility of NASA/MSFC. 

4.3.4 MANUFACTURING REPORTS 

Any final reports pertaining to the manufacturing activity 
will be the responsibility of NASA/MSFC, with appropriate input from 
the SAO technical representative. 
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SECTION 5. TEST PROGRAM PLAN 


5. 1 INTRODUCTION 

5.1.1 PURPOSE 

The purpose of this Test Program Plan is to present a 
plan for the implementation of the test program required to assure 
the successful launch and operation of the Smithsonian Earth Physics 
Satellite. The requirements are developed on the basis that the 
launch vehicle will be a S. a hJ.rn IB, using an S-IVB-IB or S-IVB-V 
second stage with a Spacecraft/Lunar Module Adapter. 

5.1.2 SCOPE 

This Test Program Plan encompasses the Development 
Test Program, Qualification Test Program, and the Plight Awareness 
documentation for these test programs . This plan also identifies the 
test methods necessary to assess and correlate the data. In addition, 
this plan identifies the preparation of test procedures and specifications 
necessary for test, checkout, and preflight acceptance of the parts, 
assemblies, and complete satellite. Any additional testing required 
will be implemented through a revision to this plan and shall be 
approved by the NASA/MSFC Project . Manager. 

5.2 APPLICABLE DOCUMENTS 

The following documents form a part of this plan to the 
extent specified herein. In case of conflict between the requirements 
of this plan and any referenced document, the requirements of this 
plan shall govern. 

NASA Specifications 

NHB 5300. 4 (IA) Reliability Program Provisions 

for Aeronautical & Space System 
Contractors 

NHB 5300.4 (IB) Quality Program Provisions 

for Aeronautical & Space System 
Contractors 
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TEST AND VERIFICATION PROGRAM 


5. 3 

5. 3. I TESTING PHILOSOPHY 

The testing and verification will be effected as a 
minimum program. Only those tests necessary to prove new hard- 
ware or overcome more stressing environments will be implemented. 

Hardware that has prior flight history in equal or greater environments 
than those of the SEPS project will be qualified on an analysis basis. 

Prior to any* fabrication or procurement of flight items, 
a program of design and prototype qualification testing will be under- 
taken. This qualification testing program will consist of several 
individual testing projects, each subjecting representative designs 
and/or prototype hardware items to environmental rigors somewhat 
greater than those expected for the actual flight items. The extent of 
tests will encompass (a) mechanical shock, acceleration, and 
vibration; (b) thermal vacuum and solar radiation; (c) beta, gamma, 
and UV radiation of r etr oreflector materials; and (d) optical tests of 
retror eflectors . The prototype hardware items used in the above - 
described tests will be fabricated and/or procured per the applicable 
detail drawings and specifications for the appropriate flight items. 

The testing program will be developed based upon the 
requirements outlined in NHB 5300. 4 (IA), Chapter 4, and in 
NHB 5300.4 (IB), Chapter 7. Testing levels will be in accordance 
with those experienced on prior Saturn IB flights. The overall 
activity will be in accordance with the program outlined in Reliability 
and Quality Assurance Program Plan for Smithsonian Earth Physics 
Satellite (Section 6 of this report). 

5. 3. 2 DEVELOPMENT AND QUALIFICATION TESTS 

This program is based on use of a Saturn IB launch 
vehicle which is man-rated and has been qualified in a flight program. i 

The shroud has been qualified on earlier programs, but if it must be 
shortened to reduce weight, additional tests may be required. The 
payload (satellite), and the support structure and ejection mechanism 
(PSS/EM) are new hardware and will require complete qualification. 
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5. 3. 2. 1 


LAUNCH VEHICLE 


The Saturn IB launch vehicle has a prior man -rated 
flight history and will be qualified by analysis. The first stage S-IB 
is presently qualified. A second burn restart capability is required 
on the S-IVB stage. Two possibilities exist for this stage. If an 
S-IVB-V stage (which has restart capability) is used, the necessary 
changes will consist of (1) modification of the S-IVB interstage and 
(2) minor modifications peculiar to the SEPS mission. If an S-IVB -IB 
stage is used, it will be necessary to add the restart capability. Prior 
flight experience will allow the qualification of either system by an 
analysis method. 

5. 3. 2. 2 DUMMY SATELLITE 

Design qualification and prototype testing of less critical 
and more straight-forward aspects of the satellite will be undertaken 
in conjunction with other phases of the test program. It is planned that 
the bolted assembly of the satellite core pieces (cube core, spherical 
caps and shear pins) and the locking of the adjustable counterweights 
will be qualified during the qualification testing of the payload support 
structure and ejection mechanism (PSS/EM) by NASA/MSFC. 

A near-mass and geometrically equivalent dummy 
satellite assembly will be fabricated by SAO prior to the flight assembly 
and supplied to NASA/MSFC for use in the mass loading for the PSS/EM 
qualification testing. The dummy satellite assembly will consist of 
fabricated parts and standard hardware identical to those to be used in 
the flight satellite assembly except that no retroreflector cavities will 
be machined into the spherical surface, and, hence, no retroreflector s 
will be installed. It will, however, be representative of the flight 
assembly insofar as it will consist of a bolted assembly of all core 
pieces, will contain adjustable and lockable counterweights, will be 
approximately the same mass and will have identical overall geometry. 

The satellite will be a 76-cm (30 - in, ) sphere of depleted uranium and 
will weigh approximately 3620 kg (8, 000 lb). 

The dummy satellite assembly described above will be 
utilized in several additional capacities. It and its components will be 
considered as flight spare or backup items; it will be utilized to verify 
the satellite balancing fixture and balancing techniques; it will be used 
to proof test the handling fixtures and prove the handling techniques and 
assembly plan; and it will, by its successful assembly, verify the design 
geometry, detail drawings and fabrication techniques for the items involved. 


5-3 


5. 3. 2. 3 


PAYLOAD SHROUD, SUPPORT STRUCTURE AND 
EJECTION MECHANISM 


The payload shroud will consist of a Spacecraft/Lunar 
Module Adapter (SLA) and a suitable nose cone. The payload support 
structure and ejection mechanism (PSS/EM) will be designed and 
fabricated in-house at NASA/MSFC for use with the satellite. The 
PSS/EM cross-beam structure will mount on the existing "hard points" 
designed for carrying the Lunar Module loads. 

The shroud consisting of an SLA and nose cone has prior 
flight history and will be qualified by analysis. * 

The PSS/EM with the dummy satellite will be subjected 
to a series of tests to qualify the mechanical design. The cross-beam 
structure consists of two cross arms approximately 574 cm (226 in) in 
length. The ends of the cross arms will be designed to mate with the 
hard points on the SLA base ring. These are the same hard points 
used by the Lunar Module. The support structure includes a partial - 
sphere mounting cup in which the satellite rests. The spring loaded 
ejection mechanism is attached beneath the mounting cup, and four 
holddown arms will be preloaded to approximately. 59, 994 N (13, 500 lbf) 
each, or 239, 976 N (54, 000 lbf) total, to restrain the satellite during 
periods of negative G and lateral acceleration. Enclosure panels will 
be mounted on the holddown arms to contain a pressurant gas (dry 
nitrogen) used to preclude contamination of the reflective surfaces. 

The qualification tests will include static load tests, 
structural and acoustical vibration, and mechanical operation of the 
ejection mechanism. Testing levels will be equivalent to those im- 
posed by the launch vehicle with safety factors as may be appropriate. 

Items of particular importance during the vibration tests are (1) vibra- 
tion levels on the panels of the pressurized enclosure, and (2) differential 
pressures and leakage rates of the pressurant gas. Test hardware 
models of the SLA are presently being used in the ATM Program and 
will be made available to this test program. All testing will be con- 
ducted in existing facilities at NASA/MSFC. 

« 
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5. 3. 2. 4 


RE TRDREF LECTORS 


The retroreflectors, made of high grade fused silica, 
are of cylindrical design with corner reflector on one end. The 
cylinder is approximately 3.65 cm(L44 in. ) in diameter and 3. 17 cm 
(1. 25 in) long. The entrance surface is not coated, but the reflective 
corner cube will have metallic coating on the surfaces to increase the 
t reflectivity. Contamination and deterioration of these surfaces is a 

major concern throughout the program. 

The retr or eflector qualification will consist of a series 
> of tests. As appropriate, the retroreflector will be mounted in a 

uranium fixture which represents a portion of one of the spherical 
caps of the satellite. The fixture is envisioned as a 15.24 cm (6 in) 
cube with the top surface rounded to the 38 cm (15 in) radius of the 
satellite. The fixture will weigh approximately 56.75 kg (125 lbm). 

The retroreflector tests will include, but not necessarily 
be limited to, the following: 

(1) Vibration, acoustic, shock and acceleration exposure 
to qualify the mechanical design of the mounting of a retroreflector in 
a cavity machined into a uranium mass. 

(2) Thermal vacuum and simulated solar radiation 
exposure to qualify the thermal design of a mounted retroreflector/ 
surface treated uranium mass system. 

(3) Beta, Gamma and UV radiation exposure to qualify 
the choice and specification of retroreflector material and metallic 
coating. 

(4) Optical testing of mounted and thermally conditioned 
retroreflectors to verify the retroreflector performance parameters 

* and specified testing technique. 

The prototype hardware items used in the above described 
• testing projects will be fabricated and/or procured per the applicable 

detail drawings and specifications for the appropriate flight items. 

The ranges and limits of the environmental exposures utilized in the 
above described testing projects will be established after due consid- 
eration of the actual environmental conditions predicted for the flight 
satellite within a range of possible operational modes and expected 
useful lifetimes. 
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The testing will be conducted at NASA/MSFC in existing 
facilities and equipment. The SAO technical representative will 
approve and monitor these tests. 

5. 3. 2. 5 GROUND HANDLING AND SUPPORT EQUIPMENT 

The ground handling and support equipment is an integrated 
multifunction equipment. It will be capable of use during the assembly 
and disassembly of the 3620 -kg (8000-lbm) satellite. It will be used as 
an airbearing holding fixture during the balancing and calibration 
activity. It will be used as part of the transportation equipment during 
shipping; it will also be used as the transfer equipment to place the < 

satellite into the launch vehicle. 

The environmental and qualification testing will consist of 
static loading tests and the dynamic operational tests to prove the 
assembly, transportation, and transfer operations. These tests will 
be performed in existing facilities at NASA/MSFC and possibly at the 
site of manufacture of the equipment. 

5.3.3. FLIGHT ASSURANCE TESTS 

Flight assurance testing of the flight satellite assembly 
will take place while it is supported by and integrated with the PSS/EM 
or at least the centeral portion of the PSS/EM. It is planned that the 
flight satellite assembly and the PSS/EM, or its central portion, be 
subjected to flight assurance testing simultaneously as this minimizes 
the requirement for special test fixtures and hence reduces program 
costs without serious schedule impacts. 

Flight assurance testing will consist of exposure to 
sinusoidal, random and/or acoustic vibration and thermal vacuum 
at levels expected for the actual launch, flight and subsequent orbit 
injection. Successful completion of flight assurance testing will be 
established by visual- inspection and by a final balance verification 
after the flight satellite assembly is removed from the PSS/EM and 
prior to being packaged for final shipment to the launch site. 

• 

NASA/MSFC will be responsible for all aspects of the 
flight assurance test program including establishing testing levels, 
plans and procedures; all satdlite as sembly handling; conducting 
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actual testing; and reporting test results. Existing NASA/MSFC 
facilities will be used. The SAO technical representative will concur 
in all plans and procedures and will be present for all tests and 
handling of the flight assembly. 

5.4 DOCUMENTATION 

Test documentation will be developed in the form of test 
requirements and specifications, test procedures, test plans, and 
test reports. All documents will be subject to the approval of the 
NASA/MSFC Project Manager. 

5.4.1 TEST PROGRAM PLAN 

The test program plan will be the responsibility of NASA/ 
MSFC. The SAO technical representative will concur on the portions 
pertaining to the satellite. 

5.4.2 TEST REQUIREMENTS AND SPECIFICATIONS 

The test requirements and specifications for the 
retror effectors and the satellite will be the responsibility of SAO; 
those for the ground handling equipment and all other launch vehicle 
related items (i.e., shroud, support structure, ejection mechanism) 
will be the responsibility of NASA/MSFC. 

5.4.3 TEST PROCEDURES 

The detail test procedures for the retroreflectors and 
the satellite will be the responsibility of SAO; all others will be the 
responsibility of NASA/MSFC. 

5.4.4 TEST REPORTS 

The final test reports will be the responsibility of NASA/ 
MSFC, with appropriate input from the SAO technical representative. 
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SECTION 6 . RELIABILITY AND QUALITY 
ASSURANCE PROGRAM PLAN 


6.1 INTRODUCTION 

6.1.1 PURPOSE 
% 

This plan establishes the basic Reliability and Quality 
Assurance (R&QA) policies, procedures, and responsibilities for the 
Smithsonian Earth Physics Satellite. 

6.1.2 SCOPE 

This R&QA plan encompasses the R&QA activities 
associated with the design, development, manufacturing, qualification, 
testing, and flight assurance of the satellite, the launch vehicle, and 
the backup hardware. Policies contained in this plan shall be utilized 
for establishing basic reliability and quality implementation procedures. 
Detailed inspection and test planning shall be accomplished in con- 
junction with the manufacturing planning. Qualification testing 
requirements are outlined in Test Program Plan for Smithsonian 
Earth Physics Satellite. 

This plan covers the activities of Marshall Space Flight 
Center (MSFC), Smithsonian Astrophysical Observatory (SAO), other 
government agencies (DCAS), contractors, and suppliers. Any addi- 
tional R&QA required will be implemented through a revision to this 
plan and shall be approved by the NASA/MSFC Project Manager. 

6.2 APPLICABLE DOCUMENTS 

The following documents form a part of this plan to the 
extent specified herein. In case of conflict between the requirements 
of this plan and any referenced document, the requirements of this 
plan shall govern. 

NASA Documents: 

NHB 5300. 4 (1 A) Reliability Program Provisions for 

Aeronautical and Space Systems 
Contractors 
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NHB 5300. 4 (IB) 


Quality Program Provisions for 
Aeronautical and Space System 
Contractors 


6. 3 RELIABILITY AND QUALITY ASSURANCE PROGRAM 

The Reliability and Quality Assurance Program will be 
developed using applicable portions of NHB 5300. 4(1A) and 
NHB 5300.4 (IB). The overall activity and the control thereof will be 
developed in accordance with the requirements detailed herein. 

6. 3. 1 R&QA PROGRAM REQUIREMENTS AND PHILOSOPHY 

The R&QA activities will be developed to include the 
engineering and testing necessary to accomplish an unmanned launch 
of the satellite. The redundancy of tests and the wider safety and 
test margins usual in a manned program will be reduced to the mini- 
mum acceptable to stay within the bounds of a low cost program. The 
various environmental qualification tests will be combined where 
possible, and hardware with prior flight experience will be qualified 
by similarity or analysis . 

6.3.2 R&QA PROGRAM MANAGEMENT 

The overall program management is assigned to NASA/ 
MSFC, Program Management, Program Engineering Office, 
PM-SAT-E. Reliability and quality assurance is the responsibility of 
Program Assurance Office, PM-SAT-A, with support from the Quality 
and Reliability Assurance Laboratory, S&E-QUAL. 

The reliability and quality assurance of the launch vehicle 
will be the responsibility of the Program Assurance Office, PM-SAT-A, 
working through the S-IB/lC Stage Project Office, PM-SAT-S-IB/lC, 
the S-IVB Stage Proj ect Office , PM-SAT-SIVB, and the Instrument 
Unit Project Office, PM-SAT-IU. The work will be accomplished 
within the scope of the existing Saturn contracts. 
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The payload consists of the satellite proper, the 
payload support structure and ejection mechanism (PSS/EM), and 
the shroud. The satellite and the PSS/EM are newly designed hardware. 
The shroud includes the nose cone and the Spacecraft Lunar Module 
Adapter (SLA), and several variations of hardware presently exist. 

The design development of the shroud and the PSS/EM 
will be the responsibility of the Astronautics Laboratory, S&E-ASTN. 
The modifications to. the shroud and the fabrication of the PSS/EM 
will be the responsibility of the Product Engineering and Process 
Technology Laboratory, S&E-PT. The work may be accomplished 
by in-house personnel or by subcontract to a local firm. Reliability 
and quality assurance activity will be the responsibility of the Quality 
and Reliability Assurance Laboratory, S&cE-QUAL. R&QA tasks, 
such as design review, test and inspection, and checkout, will be 
accomplished in accordance with accepted policies and operating 
procedures. Existing resources and facilities will be utilized. 

The design development and fabrication of the flight 
satellite, the dummy satellite, the retroreflectors, and the qualifi- 
cation test sector will be the responsibility of SAO. Fabrication of 
depleted uranium parts will be contracted to a firm which has an AEC 
license for handling uranium materials. Fabrication of the retro- 
reflectors will be contracted to a firm qualified in optical glass 
technology. Reliability and quality assurance activity will be the 
responsibility of Quality and Reliability Assurance Laboratory, 
S&E-QUAL. R&QA authority will be delegated to a cognizant govern- 
ment agency (DOD or DCAS) where possible. Quality assurance 
support will be provided in the documentation, qualification, testing, 
and acceptance functions. Quality assurance control of material 
composition and packaging and handling of both the depleted uranium 
satellite and the retroreflectors are particular concerns. Acceptance, 
testing will be monitored by SAO technical representatives with 
support from NASA/MSFC quality assurance personnel. A portable 
temporary clean room will be required at SAO. 

The design of the assembly and handling equipment will 
be the responsibility of NASA/MSFC. The design will be made avail- 
able to SAO and satellite manufacturer as required. Fabrication will 
be done by local subcontractors. NASA/MSFC will develop design 
specifications, qualification, test and checkout procedures. Surveil- 
lance of the MSFC in-house and local subcontractor operations will be 


the responsibility of Quality and Reliability Assurance Laboratory, 

S&E-QUAL. R&QA authority will be delegated to a cognizant govern- 
ment agency (DOD or DCAS) where possible at SAO and at the 
handling equipment contractor facility. 

6.3.3 R&QA ELEMENTS 

The applicable R&QA program elements will be selected ( 

from NHB 5300.4 (1A) and NHB 5300.4 (IB). The more significant 
elements are outlined below. The tasks will be accomplished in 
accordance with existing agreements between Program Management 
Directorate and Science and Engineering Directorate. Responsibility V 

is assigned to Quality and Reliability Assurance Laboratory, S&E-QUAL. 

R&QA engineering consists of a number of interrelated 
tasks and is considered an integral part of the project activity. NASA/ 

MSFC, SAO, and the contractors shall generate technical documents, 
perform design reviews, failure mode analyses, and parts and ma- 
terials review and selection as required. Material composition and 
packaging and handling procedures are particular concerns. Technical 
documents will include CEI specifications; test, inspection, and 
handling procedures; drawings; fabrication controls ; and other 
planning documents. R&QA personnel will participate in design 
reviews to insure acceptability of design requirements (environments, 
test, producibility , inspectibility ) and completeness of documentation. 

Fabrication controls, including handling, assembly, and 
operations, shall be developed. Controls shall be established to ensure 
that only conforming materials and articles are used in fabrication. 

The fabrication, assembly, inspection, and test shall be controlled in 
accordance with cleanliness requirements for environments, work 
surfaces, tools, fixtures, handling, storage and shipping containers, 
and test and inspection equipment to prevent contamination. Process 
controls and procedures and equipment certification shall be required 
where necessary. 

An inspection and test program to demonstrate that 
contract, drawing, and specification requirements are met shall be 0 

implemented. In process and end item tests and checkouts shall be 
incorporated. Test specifications shall include test objectives, test 
parameters and tolerances, and acceptance and rejection criteria. 

Written test procedures shall be utilized. Test and environmental 
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conditions shall be controlled where necessary to prevent contamination 
of critical parts and materials. Test equipment shall be controlled, 
maintained, and calibrated as specified in procedures for each equip- 
ment. Test data and records on critical materials and test parameters 
shall be supplied with the test item. Quality assurance personnel will 
verify that all test and inspection documentation is sufficient and 
accurate, and will monitor all tests involving critical materials and 
parameters. 


The qualification testing and verification will be performed 
as a minimum cost program. Only those tests necessary to prove 
> new hardware will be implemented. Hardware that has prior flight 

history will be qualified by similarity or analysis. The qualification 
testing program will be conducted as detailed in Test Program Plan 
for Smithsonian Earth Physics Satellite (as outlined in Section 5 
of the report). Testing levels will be in accordance with those exper- 
ienced on prior Saturn IB flights. Written test requirements and 
procedures will be used, and all documentation will be reviewed by 
reliability and quality assurance personnel to insure compliance with 
all R&QA program requirements. 


SECTION 7. FACILITIES UTILIZATION PLAN 


7.1 PURPOSE AND SCOPE 

This plan identifies and establishes those government 
and contractor owned facilities necessary to support the development, 
manufacture, test, and launch of the Smithsonian Earth Physics 
Satellite. The plan covers the facilities requirements for program 
activity at the Marshall Space Flight Center (MSFC), the Smithsonian 
Astrophy sical Observatory (SAO), Kennedy Space Center (KSC) and 
the contractors and suppliers. The following is developed on the 
assumption that the launch vehicle will be a SATURN IB. 

7. 2 FACILITIES REQUIREMENTS 

The facilities requirements are developed under the 
guidelines that the launch vehicle will consist of existing hardware 
with minimum modifications and that the payload and related hard- 
ware (except the shroud) will be new hardware. 

7.2.1 MANUFACTURING FACILITIES 

7.2.1. 1 LAUNCH VEHICLE 

The modifications to the launch vehicle will be accom- 
plished under existing SATURN contracts and in the facilities of the 
stage contractors. The facilities presently exist and are judged 
adequate for accomplishing the required activity. 

7.2. 1.2 PAYLOAD 

The payload consists of the satellite proper, the payload 
support structure and ejection mechanism (PSS/EM), and the shroud. 
K The satellite and the PSS/EM are new hardware. 

7.2. 1.2. 1 DEPLETED URANIUM SATELLITE 

The satellite will be fabricated in the facilities of a 
contractor who has an AEC license for handling depleted uranium 
materials. The assembled satellite will weigh approximately 3620 kg 
(8000 lbm) and a suitable crane facility will be r equir ed. A second 
requirement concerns the control of the depleted uranium dust and 


7-1 


particles during the maching operations. Two AEC licensed com- 
mercial firms have been contacted, and either one has the capability 
and facilities to accomplish the task. There is no anticipated require- 
ment for new resources or facilities at the contractor manufacturing 
site. The depleted uranium assembly will be shipped to- SAO for the 
installation of the retror eflectors and the final balance tests. A 
portable type hoist capable of lifting the 3620 kg (8000 lbm) satellite 
and a portable type clean room, rated to class 100,000, will be 
required at SAO. The clean room cost should not exceed $15, 000. 

7. 2. 1.2. 2 RETROREFLECTORS 

The retroreflector fabrication will be by a contractor 
qualified in optical glass technology. The standard procedures 
presently used in commercial practice for material selection, con- 
tamination control, and measurement of optical parameters are 
sufficient to meet the satellite requirements. Existing resources 
and facilities appear to be adequate. 

7. 2. 1.2. 3 SHROUD 

The shroud, consisting of the SLA and the nose cone, 
are available and will require some modification to adapt to the 
satellite and the payload support structure. Existing facilities and 
resources in the Product Engineering and Process Technology 
Laboratory, and the Quality and Reliability Assurance Laboratory 
will be used. 

7. 2. 1. 2. 4 PAYLOAD SUPPORT STRUCTURE AND EJECTION 

MECHANISM 

The payload support structure and ejection mechanism 
(PSS/EM) will be fabricated either in-house by the Product Engineering 
and Process Technology Laboratory or by a local contractor. Existing 
resources and facilities will be utilized. ^ 

7. 2. 1. 3 ASSEMBLY AND HANDLING EQUIPMENT 

The assembly and handling equipment is used to assemble ^ 

the satellite, to perform checkout and balance tests, to ship the satellite, 
and to install the satellite into the launch vehicle. The fabrication will 
be performed in the facilities of a local contractor to NASA/MSFC. 
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7.2.2 


TESTING FACILITIES 


7. 2. 2.1 LAUNCH VEHICLE 

The launch vehicle will undergo quality assurance testing 
during the manufacturing, cycle. No additional environmental quali- 
fication tests will be required. The facilities presently exist at the 
contractor's plant and are judged adequate for accomplishing the 
required activity. 

7. 2. 2. 2 PAYLOAD 

The payload assembly will be subjected to environmental 
qualification testing to insure compatibility with the launch vehicle 
and to qualify the new hardware. 

7.2.2. 2.1 ASSEMBLY, TEST AND CHECKOUT 

The depleted uranium satellite assembly will be shipped 
to SAO for the installation of the retror eflector s and for the checkout 
and balance of the complete assembly. The satellite must be assembled 
and contained in a contamination- free environment, and a portable -type 
clean room installation will be required at SAO. 

7.2. 2. 2. 2 ENVIRONMENTAL QUALIFICATION TESTING 

Environmental qualification tests will be performed on the 
complete payload assembly and on a special satellite test sector. 

The payload assembly,consisting of the shroud, support 
structure and ejection mechanism, and the dummy satellite will be 
subjected to static load tests, structural and acoustical vibration, 
and operation of the ejection mechanism. Existing facilities and 
equipment will be used at NASA/MSFC, and no new facilities appear 
to be needed. 


The satellite test sector is primarily a fixture used to 
qualify the r etroreflectors mounted in the satellite assembly. The 
test sector will have a mass of approximately 56.7 5 kg (125 lbm). The 
test will include vibration, shock, thermal vacuum, and radiation. The 
required equipment is relatively small and is available at NASA/MSFC. 
No new facilities or equipment appear to be needed. 
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LAUNCH SITE FACILITIES 


The proposed launch site is Kennedy Space Center (KSC). 

The^ only capability for launching a SATURN IB in this time period will 
exist on Pad LC-39B, as modified^ with a pedestal to adapt the 
SATURN IB to the SATURN V tower. The pedestal and other provisions 
will be available from other programs, and only minor modifications 
will be needed to adapt to the Earth Physics Program satellite 
configuration. 

The use of the Vertical Assembly Building (VAB) and 
other supporting facilities will be required. A clean room, rated C 

to 100, 000, will be required for assembly of the satellite and payload 
structure. Ground support equipment peculiar to the SATURN IB 
presently exists at KSC. 

Tracking and range safety coverage is required only to 
final orbit insertion and ephemeris determination. The tracking 
capability existing during the time period of this launch will be 
acceptable and used. 

In summary, the existing facilities at KSC appear 
adequate, and no new facilities or equipment seem to be needed. 


SECTION 8. SCHEDULE' 


8. 1 GENERAL 

The proposed schedule. Figure 8-1, indicates a start of 
the project in January 1972. This will allow sufficient time for all 
design, development, and production requirements, leading to a launch 
date of April 1974. In this schedule the SEPS project follows the 
Skylab project immediately to take full advantage of the momentum of 
the Skylab project, especially in the KSC launch and operations area. 

Pad 39B and the KSC launch GSE, previously used for Skylab, are 
available to SEPS project with only slight additional modifications. A 
most important item is that the launch crew at KSC can be retained for 
SEPS with minimum cost to the project. 

8.2 PAYLOAD 

The development of the depleted uranium satellite is the 
pacing item, and establishes the project duration. The design phase 
for the satellite and the support and handling equipment should begin 
immediately following project authorization. The support and handling 
equipment and the support structure and ejection mechanism in the 
SLA are required to support the satellite development, and are 
scheduled to become available when required by the satellite development. 

8.3 LAUNCH VEHICLE 

The Saturn launch vehicle selected for this project 
consists of the S-IB-212 first stage, the S-IVB-513 second stage, and 
the S-IU-212 Instrument Unit. All elements are presently in storage 
and are available when needed. The S-IVB stage is the pacing item for 
the launch vehicle. 

Lead times for the design and modifications to the stages 
range from approximately 18 months for the S-IVB stage to 12 months 
for the S-IU instrument unit. The modifications to the launch vehicle 
GSE will require about six months. The KSC operations will require 
about five months leading to a launch readiness date of April 1974. 
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